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1.0 Introduction and Programmatics
The scientific need for a probe to near-interstellar space was identified more than 20
years ago [Jaffe and Ivie, 1979] and continues to be a scientific priority [Holzer et al.,
1990; McNutt et al. 1997, 1998, 2000, 2001, 2003a,b,c; Wallace, 1999; Mewaldt and
Liewer, 2000; Liewer et al., 2001]. This Phase II NIAC effort has built upon the Phase I
effort to bring such a mission closer to becoming a reality.
The period of performance for the Phase I work was 1 November 1998 through 30
April 1999 (under NAS5-9801, 7600-003) and the period of performance for the Phase II
work was 1 April 2000 through 30 June 2002 (under NAS5-98051, 7600-039). The Phase
I Final Report was issued 31 May 1999. An Interim Report (issued 15 April 2001)
covered the period of the first year of work (1 April 2000 through 30 March 2001).
The philosophy adopted was to publish as many of the results as possible in the open
literature, to provide as wide and accessible a dissemination as possible for other
investigators. The following ten papers were produced as part of this effort and provide
pertinent descriptions and summaries at various stages of this effort.
1. Boone, B. G., R. S. Bokulic, G. B. Andrews, R. L. McNutt, Jr., and N. Dagalakis, Optical and
microwave communications system conceptual design for a realistic interstellar explorer, SPIE
Proceedings, Free-Space Laser Communications and Laser Imaging II, 4821, 225-236, 2002.
2. Lyman, R. W., M. E. Ewing, R. S. Krishnan, D. M. Lester, and R. L. McNutt, Jr., Solar thermal
propulsion for an interstellar probe, AIAA 2001-3377, 37th AIAA/ASME/SAE/ASE Joint
propulsion Conference, Salt Lake City, Utah, July 8-11, 2001, 2001.
3. McAdams, J. V., and R. L. McNutt, Jr., Ballistic Jupiter gravity-assist, perihelion-DV trajectories
for a realistic interstellar explorer, Paper AAS 02-158; AAS/AIAA Space Flight Mechanics
Conference, San Antonio, Texas, January 2002., Spaceflight Mechanics 2002, Adv. Astron. Sci.,
112, 725-737, 2002.
3a. McAdams, J. V., and R. L. McNutt, Jr., Ballistic Jupiter gravity-assist, perihelion-DV trajectories
for an interstellar explorer, J. Astron. Sci., in press, 2003.
4. McNutt, R. L., Jr., R. E. Gold, E. C. Roelof, L. J. Zanetti, E. L. Reynolds, F. W. Farquhar, D. A.
Gurnett, and W. S. Kurth, A sole/ad astra: From the Sun to the stars, J. Brit. Int. Soc., 50, 463-474,
1997.
5. McNutt, R. L., Jr., A realistic interstellar explorer, Proceedings of the Workshop Robotic
Interstellar Exploration in the Next Century, California Institute of Technology, Pasadena, CA,
July 28-31, 1998, 1998.
6. McNutt, R. L., Jr., G. B. Andrews, J. McAdams, R. E. Gold, A. Santo, D. Oursler, K. Heeres, M.
Fraeman, and B. Williams, A realistic interstellar explorer, Proceedings of the Space Technology
and Applications International Forum: STAIF-2000; Proceedings Paper #154, 2000.
7. McNutt, R. L., Jr., G. B. Andrews, J. McAdams, R. E. Gold, A. Santo, D. Oursler, K. Heeres, M.
Fraeman, and B. Williams, A realistic interstellar probe, COSPAR Colloquium on The Outer
Heliosphere: The Next Frontiers COSPAR Colloquia Series, Vol. 11, K. Scherer, H. Fichtner, H.J. Fahr, and E. Marsch, eds., Pergamon Press, New York, 2002, 11, 431-434, 2001.
8. McNutt, R. L., Jr., G. B. Andrews, J. V. McAdams, R. E. Gold, A. G. Santo, D. A. Ousler, K. J.
Heeres, M. E. Fraeman, and B. D. Williams, Low-cost interstellar probe, Acta Astron., 52, 267279, 2003a.
9. McNutt, R. L., Jr., G. B. Andrews, R.E. Gold, A. G. Santo, R. S. Bokulic, B. G. Boone, D. R.
Haley, J. V. McAdams, M. E. Fraeman, B. D. Williams, M. P. Boyle, D. Lester, R. Lyman, M.
Ewing, R. Krishnan, D. Read, L. Naes, M. McPherson, and R. Deters, A realistic interstellar
explorer, Solar Wind X, Proceedings of the Tenth International Solar Wind Conference, M. Velli,
R. Bruno, and F. Malara, eds., AIP Conf. Proc., 679, 830-833, 2003b.
10. McNutt, R. L., Jr., G. B. Andrews, R.E. Gold, R. S. Bokulic, B. G. Boone, D. R. Haley, J. V.
McAdams, B. D. Williams, M. P. Boyle, G. Starstrom, J. Riggin, D. Lester, R. Lyman, M. Ewing,
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R. Krishnan, D. Read, L. Naes, M. McPherson, and R. Deters, A realistic interstellar explorer,
Adv. Space Res., in press, 2003c.

The following talks and presentations were also made in conjunction with this work
during the time frame of the contract:
Oral presentation based upon Phase II proposal given as “Low-Cost Interstellar Probe” to Fourth IAA
International Conference on Low-Cost Planetary Missions (Technical Session VI- Part 2: Outer Planets
Missions) Laurel, MD, May 4. [MS published as ref 8 above]
Presentation at annual NIAC Fellows meeting held June 6 at Goddard Space Flight Center.
Solicited presentation on “Interstellar Probe and the Strategic Plan” at meeting of the Sun-Earth
Connections Advisory Subcommittee (SECAS) in Washington, D.C. (NASA HQ) on June 14.
Presentation at COSPAR Colloquium on The Outer Heliosphere: The Next Frontiers, Potsdam, Germany,
24 - 28 July 2000 in session 8.1. Modern Heliospheric Spacecraft. [MS published as ref 7 above]
NIAC site visit on January 25, 2001.
The Engineering Colloquium at Goddard Space Flight Center was given by the PI (McNutt) on February
26, 2001.
A summary of work to date was presented at Third Annual NIAC Fellows Meeting at NASA Ames
Research Center on 5 June 2001.
AIAA-2001-5109, Solar Thermal Propulsion for an Interstellar Probe by Ronald W. Lyman, Mark E.
Ewing, Ramesh S. Krishnan, Dean M. Lester, Ralph L. McNutt Jr. presented by Lyman at 37th Joint
Propulsion Conference in Salt Lake City, July 2001. [MS published as ref 2 above]
Keynote Presentation made on Tuesday, 9 October 2001, Baltimore Convention Center (Plenary Session
Speaker) International Microelectronics and Packaging Society (IMAPS), 34th Symposium, Baltimore,
Maryland on “A Realistic Interstellar Explorer”
The Whiting Part Time Engineering School Systems Engineering and Technical Management MS
Programs have a course in Advanced Technology that solicited a guest lecture to talk about a
technology area as a way to explore the issues associated with the development and implementation of
the technology as well as the issues associated with it in funding, legal, ethical, social, etc. At the
request of the course teacher (associated with the Johns Hopkins University, as is the Whiting School),
Dr. McNutt presented a lecture a two-hour lecture on the interstellar probe concept at three separate
venues:
26 September at PAX River at Southern Maryland Higher Ed. Center
26 November at APL
29 November at Crystal City (Washington, D.C. area)
McAdams, James V., and Ralph L. McNutt, Jr., Ballistic Jupiter gravity-assist, perihelion-∆V trajectories
for a realistic interstellar explorer, AAS 02-158, AAS/AIAA Space Flight Mechanics Meeting, San
Antonio, Texas 27-30 January, 2002 (paper presented by McAdams [MS published as ref 3])
The invited talk “Interstellar Explorer” was given at the Futuristic Space Technologies workshop held May
6-7 in Trieste
The talk “A Realistic Interstellar Explorer” was given to the science community at the Solar Wind X
meeting in Pisa, Italy on 21 June 2002 [MS submitted for publication as ref 9 above]
SPIE Paper # 4821-26: Optical and microwave communications system conceptual design for a realistic
interstellar explorer by Boone et al. (presented by Boone at Symposium on Optical Science and
Technology, SPIE 47th Annual Meeting, 7 - 11 July 2002, Seattle, WA)

The Final Report for the Phase I NIAC work is available at the NIAC website, and is
summarized in McNutt et al. [2000; 2003a]. In particular, the McNutt [1998] captures the
science rationale and the programmatic aspects of such a mission within the context of
NASA’s Office of Space Science.
McNutt et al. [1997] [ref. 4] provides some of the initial thinking that led to the Phase
I NIAC proposal and summarizes the science case (for both an interstellar probe and a
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solar probe) as well as describes a “now-technology” perihelion propulsion system.
McNutt [1998] [ref. 5] summarizes the concept as it stood at the time of the submission
of the Phase I proposal. McNutt et al. [2000] [ref. 6, meeting at the end of January 2000]
and McNutt et al. [2003a] [ref. 8, meeting in May 2000] summarize the concept just prior
to the start of the Phase II work. McNutt et al. [2002] [ref. 7, meeting in July 2000]
summarizes the concept just as the Phase II work was beginning. McNutt et al. [2003b, c]
[ref. 9, meeting in June 2002 summarizes the completed work; ref. 10, World Space
Congress meeting in October 2001, provides a summary report mid-way between the
Interim Report of March 2001 and the completion of the effort as reported in ref. 9]. A
summary report of the work was also presented at the Workshop on Futuristic Space
Concepts in Trieste, at the invitation of the NIAC director (R. Cassanova) in May 2002.
Mission design work was completed and fully documented in McAdams and McNutt
[2002] [3, meeting in January 2002]; a peer-reviewed version has been submitted and is
currently accepted for publication pending replies to the referees; that later submission is
included with this report.
The communications system concept and work was completed and fully documented
in Boone et al. [2002] [ref.1, meeting in July 2002 – still to be submitted to a peerreviewed journal].
The solar thermal propulsion system concept and work was completed and
documented in Lyman et al. [2001] [ref. 2, meeting in July 2001]; additional work
updates this paper and is to be submitted to a peer-reviewed journal. The current version
of that draft manuscript is included with this report in the Appendix].
Subcontractor reports from Lockheed-Martin on the cryostat concepts and
parametrics and from Ball Aerospace on their concept for a star-tracker system were
included with the March 2001 Interim Report and are included here for completeness.
The subcontract with Thiokol was extended to a second year, and the complete final
report that includes both year’s effort is appended. It is this complete work that has been
fashioned into a paper to be submitted to a peer-reviewed journal (as noted above).
The report sections follow the form of “mini-studies” and “mini-reports” taken almost
verbatim from the monthly progress reports and linked together by transitional text. The
topics are arranged by major topic, but there is significant linkage between some of the
sections. The sections also tend to have a “chronological” flavor as a result of being taken
from the monthly reports. We have left this deliberately as it indicates the progress and
problems that were encountered and resolved at the systems level in the course of the
study. We have also left reference lists with the individual studies rather than compiling
one master list. Although this involves duplication of citations, it gives some convenience
in reading individual sections.
Other References
Jaffe, L. D., and C. V. Ivie, Science aspects of a mission beyond the planets, Icarus, 39, 486-494, 1979.
T.E. Holzer, et al., The Interstellar Probe: scientific objectives for a Frontier mission to the heliospheric
boundary and interstellar space, NASA Publication, 1990.
Liewer, P. C., R. A. Mewaldt, J. A. Ayon, C. Garner, S. Gavit, and R. A. Wallace, Interstellar probe using a
solar sail: Conceptual design and technological challenges, COSPAR Colloquium on The Outer
Heliosphere: The Next Frontiers COSPAR Colloquia Series, Vol. 11, K. Scherer, H. Fichtner, H.-J.
Fahr, and E. Marsch, eds., Pergamon Press, New York, 2002, 11, 411-420, 2001.
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Mewaldt, R. A., and P. C. Liewer, An interstellar probe mission to the boundaries of the heliosphere and
nearby interstellar space, AIAA-2000-5173, AIAA Space 2000 Conference and Exposition, 19-21
September 2000, Long Beach, California.
Wallace, R. A., Precursor Missions to Interstellar Exploration, submitted to IEEE Aerospace Conference,
1999.

2.0 The Proposed Work
In the following section we reproduce salient quotations from the Phase II proposal
that described the work proposed. Some of these tasks reached a greater, and some a
lesser, state of maturity than was originally planned. In what follows, the “JPL study”
referred to is that of the Interstellar Probe Science and Technology Definition Team that
is described in Mewaldt and Liewer [2000] and Liewer et al. [2001] above. Section a of
the original Phase II proposal is the Abstract, Section b the Advanced Concept
Description, and Section c the Advanced Concept Development Plan. Quoting from the
Phase II proposal:
2.1 Advanced Concept Description.
…Our Phase I concept is baselined to operate at least 2.5 times as far from the Sun as the
goal for the JPL study (1000 AU versus 400 AU) and contains system-architecture
elements required as the next-roadmap-step after the sail mission - our probe design is
largely independent of the propulsion means, although there are obvious systems issues
associated with getting the probe up to its asymptotic escape speed from the solar system.
In the Phase I work we have completed an initial scoping of the system requirements and
have identified system drivers for actually implementing such a mission.
The proposed Phase II work takes these drivers and the initial architecture concept
and further defines them. In particular, industrial partners have been identified for some
of these tasks and proof-of-principle breadboarding tasks and experiments have been
defined for others. It is important to note that although we will be studying the full
system architecture for the mission, much of the proposed effort is devoted to the
development of the spacecraft architecture required for long-term cruise in deep space,
and so is largely independent of the mission design and propulsion implementation used
to provide high-speed escape from the Sun's gravity.
In the Phase I study we began the task of looking seriously at the spacecraft
mechanical, propulsion, and thermal constraints involved in escaping the solar system at
high speed by executing a ∆V maneuver close to the Sun. In particular, to fully realize the
potential of this scenario, the required ∆V maneuver of ~10 to 15 km/s in the thermal
environment of ~4 RS (from the center of the Sun) remains challenging. Two possible
techniques we identified for achieving high thrust levels near the Sun are: (1) using solar
heating of gas propellant, and (2) using a scaled-down Orion (nuclear external
combustion) approach. We investigated architectures that, combined with miniaturized
avionics and miniaturized instruments, enable such a mission to be launched on a vehicle
with characteristics not exceeding those of a Delta III.
Research following our Phase I report and prior to this submission has helped to
further define the advantages and limitations of these and other propulsion concepts. It is
clear that the Orion concept per se cannot be simply scaled to small autonomous probes
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due to the momentum mismatch problem: the minimum impulse per nuclear detonation is
set by the critical mass for the fissioning fuel. For efficient fuel usage, this sets a minimal
yield per detonation. For its efficient coupling to the vehicle, a relatively large vehicle
mass is required [Dyson, 1968; Solem, 1993; 1994] if "typical" fission fuels are used, i.e.
233U, 235U, or 239U [Kaplan, 1962]. Other approaches that may be worth a closer look
include assessing the possibility of lower critical masses for fissioning transuranics such
as 242mAm or 251Cf. With half lives of 141 yr and ~900 yr, respectively as well as very high
(>1000 barn) fission cross sections, such nuclides might provide a better concept for
fission detonations, although they would be difficult to handle and produce [Lide, 1999].
Other concepts that perhaps bear renewed consideration include the hybrid solid-gaseous
and "fizzler" nuclear rocket systems although these concepts also have some immediate
problems associated with criticality maintenance and reaction rates [Grey, 1959].
Other concepts may have more viability, but as discussed in more detail in Sections b
and c of this proposal, only nuclear or solar propulsive means offer the required
propulsion performance. Even exotic bipropellant combinations do not provide the
required performance. In the proposed work, we will examine a variety of propulsion
means and their associated architectures including both solar flyby impulsive and lowthrust continuous concepts. We do not propose to consider any "breakthrough physics"
propulsion schemes [Millis, 1999] as these are not in keeping with our self-imposed
groundrules for considering "realistic" probe architectures.
We do propose to continue the cruise configuration architecture work [our NIAC
Phase I Report and McNutt et al., 1999] with an emphasis on long-lived, self-healing
architectures and redundancies that will extend the probe lifetime to well over a century.
Such a long-lived probe could be queried at random over decades of otherwise hands-off
operations. Finally, we will also look at the various systems trades for cruise
architectures/propulsion system combinations. This systems approach for such an
Interstellar Explorer has not been previously used to address all of these relevant
engineering questions and will also lead to (1) a probe concept that can be implemented
following a successful Solar Probe mission (concluding around 2010), and (2) system
components and approaches for autonomous operation of other deep-space probes within
the solar system during the 2010 to 2050 time frame…
2.2 Advanced Concept Development Plan
…As noted in Section a of this proposal, possibilities may be to examine transuranic
isotopes for lower possible critical masses. There are also a variety of other nuclear
options that could make sense: older nuclear thermal gas-phase concepts [Grey, 1959;
Durham, 1959; Bussard, 1959] as well as newer solid and liquid-core nuclear thermal
designs for high-thrust performance [Powell et al., 1999; Maise et al., 1999]. For the
Phase II study we will further pursue these as well as other high-thrust fission options
[Zubrin, 1991]. In all of these cases, required performance near perihelion after a multiyear cruise probably rules out cryogens such as LH2; working fluids that will most likely
work from a systems perspective are ammonia or hydrazine, depending upon the engine
final design. As an alternative, we will consider high-thrust systems operating directly
from Earth-orbit using LH 2 shortly after launch. The trade to be made would be a "direct"
system using liquid hydrogen versus a "perihelion" system using a space storable
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propellant and associated thermal shielding. The trade here is that for equivalent
performance the "direct" system needs to provide about five times as much ∆V as is
needed during a near-Sun perihelion pass but can use LH2 and a much larger fuel load…
…During Phase II, the design for the integrated upper stage/probe/Sun shield/structure
will be further refined with the goal of looking for further mass savings while optimizing
the upper stage implementation…
…Hence, the only way of further increasing the probe mass and/or margins for a given
launch vehicle is by further optimization of the probe, propulsion, and thermal design.
We propose to continue such optimizations as part of the Phase II work….
…As part of the Phase II work, we will further investigate the integration of the
communications and attitude control systems to maintain a downlink while also looking
further at means to increase the downlink data rate…
…As part of the Phase II work we propose to use standard parts to breadboard a sample
of this architecture as a means of identifying development items in both hardware and
software that will be required for development prior to implementation on a real
spacecraft…
2.2.1 Equivalent Mission Performance Requirements
...These different scenarios go along with different engineering requirements that we will
compare during the phase II work. Additional comparisons can then be made against
solar sail [Liewer et al., 1999] and other low-thrust approaches that rely on either solar
electric propulsion (SEP) or nuclear electric propulsion (NEP)…
2.2.2 Nuclear Pulse Propulsion
…As part of the Phase II work we will continue to investigate whether appropriate
geometries can be assembled and initiated, e.g., using a DT neutron source that uses a
small (~120 keV) linear accelerator to produce fast neutrons. Here the idea is to drive the
system supercritical in a pulsed mode, similar to the idea behind the high-thrust nuclear
salt water rocket concept [Zubrin, 1991]. The use of transuranic isotopes with high
fission cross section, e.g., 242mAm or 251Cf, could help mitigate criticality requirements,
but at the expense of a very radioactive spacecraft - perhaps too much so for flight even if
the materials could be provided.
2.2.3 Solar Thermal Propulsion
…As part of the proposed Phase II work, during the first year we will issue firm fixed
price (FFP) level-of-effort contracts to Thiokol Corporation … and to Lockheed Martin
Advanced Technology Center … to support the STP option effort…
…An additional possibility to be pursued in Phase II is to assess how much higher a
temperature could be obtained by taking the probe in closer to the Sun… While such a
trade study may not yield a solution at a full 20 AU/yr flyout speed, it would identify the
highest asymptotic flyout speed that could be obtained with a non-nuclear impulsive
maneuver.
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2.2.4 Cyrostats for STP with LH2
…This near-current technology far exceeds the dry-mass limits in the Phase I study.
Nonetheless, the possible potential for an LH2/STP system is sufficiently large that we
believe it reasonable to reconsider the problem as part of the proposed Phase II study….
2.2.5 Low-Thrust Propulsion Concepts
It is not our intent to rule out a priori any propulsion concepts based upon established
physical principles. In addition to the systems mentioned, it is worthwhile to compare
performance characteristics of systems running at higher impulse and lower thrust such as
nuclear electric arcjet [Deininger and Vondra, 1991], radioisotope electric [Noble, 1999],
and solar electric [Williams and Coverstone-Carroll, 1997].
…The only other "old" innovative system for propulsion involves the use of highly
radioactive sails based upon heavy-element α-particle decay schemes. The use of a low
areal mass absorber limits the thrust provided by particle emission to one hemisphere.
The scheme provides for a very high exhaust speed but limited mass ratios. Early
descriptions used short lived isotopes and beryllium absorbers [Short and Sabin, 195960], apparently without thinking through the consequences of the Be backing for neutron
production via (α,n) reactions [Curtiss, 1965]. The use of plastic backing for the
radioisotope foil and ~100 yr half -life isotopes, e.g. 232U holds out advantages, as does
the use of using decay chains that can actively eject "spent" nuclei as they transmute into
radon isotopes [Forward, 1996b].
As part of our Phase II work we will continue to look at these concepts, as well as
others now being pursued under previous Phase I NIAC awards, e.g., the use of an
"artificial magnetosphere" for propulsion [Winglee, 1999], for their potential use as prime
propulsion for a realistic interstellar probe mission. Again, the focus is on the overall
system required and how variants in the prime propulsion source and architecture trade
off against the overall implementation of the entire system.
2.3 Spacecraft Systems
2.3.1 “Table-top Spacecraft.”
We propose to develop a proof-of-concept breadboard prototype of judiciously
selected portions of the probe system in order to establish confidence that the probe’s
overall architecture is sound….
2.3.2 Architecture Issues
…One of the key features of this system will be the integration of the fine-pointing
star tracker into the optics of the communication system (The Interstellar Probe has at
least two star trackers, one relatively standard tracker mounted orthogonal to the direction
of travel and used for coarse guidance as well as spin rate measurement, and another
needed for fine pointing during communication periods). The Interstellar Probe has a
very stringent pointing requirement when communicating with an Earth-based receiver.
In the course of the Phase I study, it became clear that if the star tracker is not co-located
with the optical system, significant boresight errors are introduced that cannot be
corrected, resulting in the total loss of downlink. Hence, the star tracker must be, at a
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minimum, physically coupled with the main optical dish. Our design extends this idea so
that the star tracker uses the optical system for star acquisition, thereby guaranteeing
proper alignment. In our prototype system, this is accomplished by the use of a
commercial beam splitter and charge coupled device (CCD) which uses the Cassegrain
Telescope of the optical communication system to acquire stars.
In order to thoroughly study the requirements and technology demands of the tracker,
we will send a third firm-fixed-price level-of-effort subcontract to Ball Aerospace …
2.3.3 Phase II Tasks
To construct the system described, we propose to accomplish a number of specific
tasks in the Phase II effort:
(1) JHU/APL’s custom designed FORTH operating system will be ported to the MCORE processors.
(2) The self-healing distributed processor architecture, described in the Phase I report,
will be flowcharted, coded and debugged.
(3) The detailed electrical design of the generic communications modules will be
created and implemented on prototype circuit boards.
(4) Individual Field Programmable Gate Arrays (FPGAs) will be designed and
programmed for each specific instrument and subsystem that is being incorporated in the
probe system (Energetic Particle Sensor, star tracker, etc) in order to be able to pass
commands and data through the RF inter-communications module to these devices.
Similarly, an FPGA will be developed for the interface between the RF modules and the
five M-CORE processors.
(5) The optical communication system will be assembled and then tested as a standalone system. Once the system is working it can be integrated with the rest of the benchtop probe system. The optical system configuration is very much like that shown in the
report, but all components are low-cost, commercially available parts, such as laser
diodes, beam splitters, and mirror lenses.
2.3.4 Thermal and Mechanical System
…As part of the Phase II effort, the thermal shield must be incorporated into the general
mechanical design that must both accommodate the propulsion system and allow for the
spacecraft to work under nuclear or solar-thermal propulsion conditions. This is required
to provide a better estimate of the mass required in the primary structure that supports the
shield. We will also examine the thermal and mechanical systems for other mission
scenarios in order to do trade comparisons. The main example will be to compare
STP/perihelion maneuver configurations versus impulsive NTP and low-thrust NEP
systems leaving directly from Earth orbit. The latter will not have as stringent a mass
budget due to the lack of a Jupiter flyby, but will require far more ∆V; without a full up
study of the configuration details, it is not possible to assess which mission/system
concept offers the most advantages in terms of minimizing development costs and
operational risks. These will be assessed as part of our Phase II study…
2.3.5 Communications System
…In order to have reasonable bandwidth at distances in excess of 1000 AU, we have
baselined the optical system for further consideration in Phase II. Pointing, power, and
mass requirements for the downlink system tend to drive the probe architecture for
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communications from such large distances. We have already noted the incorporation of
the attitude-control and downlink systems as part of the Phase II study as well as
incorporating this in part of the end-to-end architecture demonstration…
2.3.6 Propulsion
…Attitude control will be rethought in light of the stringent requirements imposed by the
communication system. We expect that the relevant mini-studies, to be subcontracted to
Ball Aerospace and Lockheed Martin during the first year of the Phase II effort, will
provide the required technology input to allow for a final system design to be
accomplished during the second year of work.
2.3.7 Power System
…As part of the Phase II study we will do a more complete system-level thermal
analysis, looking at the relatively high-temperature requirements for efficient conversion
of ARPS power to electricity and implications for the desired low power consumption
and operating temperature for the spacecraft. Lower temperatures are preferred to (1)
slow degradation of electronics and (2) minimize the total mass of the power system. The
implementation of radioisotope sails is another possibility for providing thrust as well as
heat and power to a distributed spacecraft [Forward, 1996b].
2.3.8 Software and Autonomy.
…A significant portion of the Phase II effort will be to examine the software engineering
requirements in more detail as part of the "end-to-end" architecture assemblage and
operation test. The ultimate goal remains to provide mission assurance for periods up to
centuries following launch.
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End of input from Phase II Proposal
3.0 Interim Report Contents
Most work during the first year has focused on the definition of the carrier vehicle
and its propulsion system for the perihelion maneuver. We have performed a fairly
extensive analysis of a thermal concept that incorporates the use solar thermal propulsion
for the maneuver. The same basic thermal configuration can also be used with an as yet
to be defined nuclear thermal engine.
Reports have been received from all of the originally identified subcontractors:
Lockheed Martin for propellant storage, Thiokol for the solar thermal propulsion effort,
and Ball Aerospace and Technologies Corporation for the star tracker/guidance effort.
The findings from Thiokol and Lockheed martin have provided significant advances in
the understanding of the building blocks required for a systems concept as well as the
physically available options. Future work will focus on melding these together for the
overall system.

15

10/14/03

NIAC 7600-039 FINAL REPORT

Work has begun on the probe architecture itself, and additional funding has been
found to support some of that work. We have also looked at the communications systems
required to support both probe and carrier, and these efforts will feed back in to the
overall mechanical and thermal design of the probe itself, as well as its mechanical and
thermal integration with the carrier.
Finally, we have carried out a comprehensive review of radioisotopes and properties
to discern whether the originally-suggested scaled-down Orion, nuclear impulse approach
to propulsion can be implemented here. We have concluded that this is simply not
possible due to the physical limits set by the yield strengths of all materials combined
with those set by critical mass requirements of all known radioisotopes. A byproduct of
this study has been a review of fast-fission properties of all materials that could be used
in space reactors. Isotopes of californium may hold promise for very small reactors;
however, supply problems are significant, putting the supply issue on par with that for
anti-matter propulsion schemes. Similarly, the use of Am-242m for miniaturized reactors
may be more problematic than previously thought.
We had not made as much progress as had been hoped in the area of exploring
alternatives to Pu-238 for prime power. Am-241 remains our prime choice. Am-241 has
apparently been looked at, but rejected as being too inferior to Pu-238 and as requiring
too much capital investment in new infrastructure. We will continue to pursue (and did –
see below) this concept, however, as there are no other more promising alternatives.
We included relatively short narratives for the mission-design and architecture work.
The former is almost complete for what is needed in looking at a baseline mission. The
latter has most of the work still to be done. Reports for the other topics have been
assembled by the leads and are more extensive. It should be noted that part of this effort
has already resulted in a specialized paper for a professional society meeting (the Thiokol
effort) in addition to other more general papers on the Interstellar Explorer concept. With
the funding limitations for this effort, this approach is being encouraged for all subsystem
leads as a means to maximize the technical work while also communicating those results.
The subcontractor reports were appended at the end.
4.0 Mission Design
The mission design work for the general problem of using a powered perihelion
maneuver to rapidly escape from the solar system in a given direction is summarized in
ref. 3 and an expanded version is now accepted for publication in the Journal of
Astronautical Sciences.
In what follows the nominal reference trajectory assumed is the one with a final
direction toward the Sun-like star Epsilon Eridani. The nominal launch date is 12 July
2011 with a Jupiter flyby 26 October 2012 and a perihelion maneuver on 28 November
2014.
Epsilon Eridani has a proper motion of ~0.98” / year. So, in ~30,000 years (time for
the probe to traverse the distance to the star) this amounts to about 1.5 light years. Hence,
to actually have the probe pass through the Epsilon Eridani system, it would have to leave
the solar system about 8° (= tan -1(1.5/10.8)) ahead of the star’s current position on the sky
as seen from Earth.
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We completed a very preliminary assessment of the gravity loss / finite-burn penalty
associated with the perihelion maneuver for several cases. As an example, we considered
an Isp of 1336s and looked at the increased performance as a function of LH2 mass. For a
maximum injected wet mass of 1129 kg, one gets:
LH2 mass (kg)
400
600
800

Initial propellant fraction
0.3543
0.5314
0.7086

Mass ratio
1.5487
2.1342
3.4316

Delta V at 1336s (km/s)
5.7328
9.9358
16.1603

Working back the other way from a required 15.4 km/s (not including gravity losses) one
gets:
Delta V = 15.4
Mass ratio = 3.2382
Initial propellant fraction = 0.6912
Required LH2 mass = 780 kg
Note that an initial propellant fraction of 69% is challenging WITHOUT a cryostat (!)
The 1336s cannot be pushed much farther - it is based upon the maximum material
temperatures possible before structural failure (for ALL known materials) and with a
pressure sufficiently low that recombination in the exhaust plume is minimized (moving
the Isp as close as possible to what one would get with atomic hydrogen - and that also
cannot be improved upon).
Performance can be increased somewhat by decreasing the perihelion from 4 RS - but
at some point the temperature causes the structural failure. One could consider going as
close as 2 RS, but the system is so coupled that this would require significantly more
work at the systems level. The rough scaling is that delta V / rp1/2 ~ constant, so 15.4 km/s
at 4 RS roughly looks like 10.9 km/s at 2 RS. In turn 10.9 km/s requires a mass ratio of
2.2953, an initial propellant fraction, therefore, of 0.5643, and an LH2 mass of 637 kg.
Given a set of closest approach distances, the temperature can be calculated and this
fed back to the calculation of the thermal shield temperature, and hence the real Isp
achieved. At whatever distance that matches the 1336s number, we would find the selfconsistent closest approach and Isp performance.
A fully self-consistent solution would change the C3 and maximum injected mass
slightly, because the different deltaV's will affect the exact Epsilon Eridani aimpoint.
We used these solutuions to look, in turn, at finite-burn penalties associated with the
perihelion maneuver.
In each case considered the 900-s perihelion burn is started 450s before perihelion
and maintained the direction in the velocity of the spacecraft. The perihelion ecliptic
latitude of 0.5 to 0.6 degrees North means that one should expect a similar offset from the
direction to Epsilon Eridani (see the 768 kg LH2 result below) once we approach the 20.2
AU/yr solar system escape velocity that corresponds to the C3 = 117.1 case here. All
results here apply only for 4 solar radii perihelion.
Here we use C3 = 117.1 for the July 2011 launch to Epsilon Eridani - see Table 1 of
the recent Mission Design paper AAS 02-158, January 2002 Progress Report. The thrust
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level was determined for a finite burn of 900 seconds assuming 400 kg, 600 kg, and 768
kg of LH2 (thrust = 5825 N, 8735 N, and 11180 N respectively). We used a preperihelion burn S/C mass = 1121.24 kg ... assumed 15 m/sec or10% of the hydrazine had
already been used (optimistic but more realistic than using 1129 kg at perihelion).
For 400 kg LH2 we get a 5.781 km/s integrated DV over 900 s Leading the probe to a
12.0126 AU/yr solar system escape v-infinity in the ecliptic J2000 reference direction of
rasc = 56.47 deg, decl = -17.81 deg
... compare with epsilon Eridani at rasc = 48.29 deg, decl = -27.76 deg
... so that the probe is 597.1 AU from the Sun on May 31, 2064 and 1000 AU from the
Sun on Dec. 10, 2097.
For 600 kg LH2 we get a 10.0356 km/s integrated DV over 900 s leading the probe to a
16.2464 AU/yr solar system escape v-infinity in the ecliptic J2000 reference direction of
rasc = 52.42 deg, decl = -23.26 deg
... compare with epsilon Eridani at rasc = 48.29 deg, decl = -27.76 deg
... so that the probe is 805.9 AU from the Sun on May 31, 2064 and 1000 AU from the
Sun on May 11, 2076.
For 768 kg LH2 we get a 15.1248 km/s integrated DV over 900 s leading the probe to a
20.2340 AU/yr solar system escape v-infinity in the ecliptic J2000 reference direction of
rasc = 48.59 deg, decl = -27.94 deg
... compare with epsilon Eridani at rasc = 48.29 deg, decl = -27.76 deg
... so that the probe is 1000 AU from the Sun on April 8, 2064.
When one varies perihelion distance, several factors actually come into effect,
complicating the trajectory calculations. The launch energy, position of Jupiter at Jupiter
encounter, Jupiter-to-Sun transfer inclination, perihelion distance, right ascension and
declination of the target star, and the solar system escape velocity are dependent
variables. One cannot decrease the perihelion distance without changing the launch
energy and the solar system escape velocity in a significant way.
For example, choosing a 3 solar radii perihelion gives C3 = 120.4 km2/s2 and, to
achieve the needed turn at perihelion to target Epsilon Eridani (all else kept constant),
one must impart at least a 17.7507 km/sec delta-V to achieve a 23.6836 AU/yr solar
system escape velocity. This assumes that the Jupiter encounter date is fixed. To get the
DV savings that is being sought at a 3 RS perihelion, the position of Jupiter must move
about 10.4 degrees in heliocentric longitude for the Jupiter encounter. This significantly
changes the launch energy. The propulsive DV imparted turn angle at perihelion
decreases by over 3.3 degrees meaning that one would be at least this far away in
direction from the target star.
Choosing a 2 solar radii perihelion decreases the propulsive DV imparted turn angle
by 9.25 deg compared to 4 solar radii. Under about 2.65 solar radii one must increase the
solar system escape velocity (and therefore perihelion DV) above 20.2 AU/yr to have a
chance at flying near Epsilon Eridani. In fact, one needs a C3 of 134.8 and a 29.006
AU/yr solar system escape velocity (big DV) to target Epsilon Eridani using a 2 solar
radii perihelion – again keeping all else constant.
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This could be changed somewhat if you spent a lengthy search finding a different
launch opportunity (maybe decades later) that used a different Jupiter encounter location
and Jup-to-Sun transfer inclination. This self-consistent solution requires more resources
than are remaining to implement.
Reference 3a (now in press) in section 1.0 contains further details of this work.
5.0 Guidance and Communication
5.1 Star-Tracker Technology
A study was conducted by Ball Aerospace and Technologies Corporation describing
optical attitude determination concepts for the Realistic Interstellar Probe. The paper
identifies design options and technical problems that will require further study to
determine detailed engineering parameters. This study as a self-contained work follows.
Some of the concepts and approach were then folded into a more advanced concept
described in section 5.2.
Details are contained in the subcontractor final report that is appended to the March
2001 Interim Report and in the Appendix here.
5.2 Integrated guidance and communications system
In parallel with the star-tracker work, we studied both the optical communications
data downlink requirement as well as a need to do final corrections to the spacecraft
attitude and systems while it is still within ~5 AU of the Sun (outbound from the
perihelion maneuver). The latter requirement drives the need for an RF up-and-downlink.
We assessed laser wavelength trades and overall system performance requirements for
operation of a link from 1000 AU to Earth.
The conceptual feasibility of using a large-area light-weight membrane-optical
structure for communication was assessed. Outbound from the Sun, a ~10-m diameter
optic would be used for downlink; it only has to point at the Earth with an accuracy of ~
100 nanoradian (at maximum range of 1000 AU). Achieving such a pointing accuracy is
a significant challenge, but for sufficient transmitter power should enable a reasonable
signal-to-noise ratio (SNR) at Earth to enable a good bit error rate (10-6) in a burst mode
with a data transfer bit rate of a few (~ 5) kbps. (At 1000 AU the Earth subtends an angle
of 2 x 6378 km /(1000 AU x 1.495979 x 108 km/AU) = 85.27 nanoradians; At the
diffraction limit 800-nm radiation tends to fall within an angle of 1.22l/D = 1.22x 800 x
10-9 m/ 10 m = 97.6 nanoradians). This probably represents a smallest pointing accuracy
that can be achieved with a low-mass platform and significant technology development.
For comparison, at Epsilon Eridani (~10.7 LY, the Earth’s orbit - 2 AU wide - only
subtends an angle of 2 AU/(10.7 LY x 63,240 AU/LY) = 2.96 microradians, but the
amount of power required for a large bit rate is minimized.
The feasibility of membrane optics for uplink reception has also been investigated.
Curvature control, as well as adaptive optics compensation using diffractive elements at
intermediate pupils, are two alternatives that were considered. By using an inflated
structure maintained by either small differential gas pressure or a electric potential
difference, it should be possible to maintain an approximate spherical curvature. The
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extent to which such a design cannot reduce optical aberrations sufficiently may be
partially compensated by the use of diffractive Fresnel lenses. The choice of membrane
materials, their radiation resistance, micrometeroid erosion effects, curing and aging, and
the use of electrically conducting transparent coatings (e.g., indium tin oxide) are among
the fabrication and reliability issues that remain to be investigated.
In order to support accurate pointing and tracking for the spacecraft down-link,
preliminary analysis of a focal plane array (FPA) concept was conducted. In one concept
this FPA should cover a 1 mrad x 1 mrad field-of-view (FOV), contain 1000 x 1000
pixels, and image the solar disk and one or more additional planetary bodies (including
the Earth). Using the Sun as a tracking target with these requirements should enable
resolution to approximately 10 x 10 pixels with sufficient signal-to-noise ratio (SNR) to
accurately estimate the solar terminator to a fraction of a pixel (~ 1/10 to 1/100 th), i.e.,
less than 100 nrad. It will be necessary to have the FPA adaptively control a large
dynamic range to use the solar disk for pointing and tracking while transmitting to the
Earth and receiving an uplink source co-located with the Earth. The feasibility of such a
FPA still needs to be determined
As part of the hardware evaluation process the conceptual design of a dual-use imager
that can act both as star tracker and laser communications receiver was completed.
The final study of the integrated guidance and communications section of this effort
has been published by Boone et al. [2002].
Reference
Boone, B. G., R. S. Bokulic, G. B. Andrews, R. L. McNutt, Jr., and N. Dagalakis, Optical and microwave
communications system conceptual design for a realistic interstellar explorer, SPIE Proceedings, FreeSpace Laser Communications and Laser Imaging II, 4821, 225-236, 2002.

6.0 Power
One of the issues addressed in the Phase I study was the use of the radioisotope Am241 rather than Pu-238 to provide for a long-lived power supply. The question of Am241 has been addressed before for NASA but only in internal memoranda; there are no
papers or other formal communications that were produced during any of these prior
efforts [Skrabek, private comm.]. The problem of the lower (compared with Pu-238)
power density made a different overall thermal design a necessity. Apparently, such
designs have also not been considered seriously due to the additional set of
Environmental Impact Statements required for all reprocessing that would be required for
movement to an Am-241 technology. Renewed production of Pu-238 could be
accomplished with existing reactors at Idaho Falls or Hanford so a rebuild of a production
reactor at Savannah River is not required.
Using PbTe converters rather than SiGe might enable an Am-241-based system; the
former run more efficiently at cooler temperatures than the latter. Overall conversion
efficiency for such a system will be low. On the basis of half-lives alone (not allowing for
converter degradation), the “cross-over” point for equal masses of Pu-238 and Am-241 is
~285 yeas; hence Pu retains an advantage for only a 50-year mission (although the power
system must be able to deal with the exponentially-decreasing power output).
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A mini-study was subsequently completed (following) on long-lived RTG power
sources. For the required lifetimes of >50 years, any mechanical conversion system, e.g.
Stirling converter, is suspect. Therefore we have fallen back to solid state, but lowefficiency, thermoelectric converter approaches. Although a full-up study can only be
accomplished via DOE direction to their appropriate subcontractor, a review of the
literature suggests that a low efficiency (~5%) Am-241 version of the current General
Purpose Heat Source (GPHS) should be usable in an RTG design. The unit would deliver
useful power for 50 years and up to ~500 years (Pu-238 is only usable up to ~50 years
maximum). Extension to our desired 1000-year flight time is probably not possible with
this isotope. Extension to a ~5000-year operational lifetime may be possible with the
same architecture and the replacement of Am-241 with Am-243. Power per unit mass is
lower in Am-241 than that of Pu-238 by a factor of 5; this decreases by a further factor of
18 in going to Am-243 (factor of 90 down from operating RTG designs). Some of the
decrease may be mitigated by using bismuth-telluride rather than silicon-germanium
converters (now under study by DARPA). The 5000-year design possibility requires
further study.
6.1 Am 241 as a Heat Source – Followup
29-30 July 2001
R. L. McNutt, Jr.
Initial considerations are provided in the section on Am-241 as a power source in the March 2001 Interim
Report. In that document, we noted the following characteristics:
Each General Purpose Heat Source (GPHS) module provides 250 W of thermal power from four 238PuO2
modules encapsulated in iridium alloys to provide fuel encapsulation in the event of any accidents that
could release the plutonium Schock, 1993]. Each GPHS contains four fuel pellets which provide 250/4 =
62.5 W of thermal power from 238PuO2.
Density of PuO2 is 11.46 gcm-3 [Weast, 1970]
Density of AmO2 is 11.68 g cm-3 [Weast, 1970] (comparable but slightly larger)
238
Pu half life is 87.74 years; specific power = 0.56 Wg-1 [Walker, 1977]
241
Am half life is 432.2 years; specific power = 0.11 Wg-1 [Walker, 1977]
For the currently existing F5 unit (available for the Pluto Kuiper Belt mission), the initial power output was
~310W following manufacture in May 1985. Projected end of mission (EOM) power output is ~177W.
Power output per unit volume:
Pu: 0.56 x (238/270) x 11.46 = 5.66 Wcm-3 for the oxide
Am: 0.11 x (241/273) x 11.68 = 1.13 Wcm-3 for the oxide
The current GPHS design is based upon a fixed volume for the radioisotope heat source. So, if we change
from plutonium dioxide to americium dioxide, the power output should scale from 62.5 W to 62.5 x
(1.13/5.66) = 12.5 W. Thus each Am-fueled GPHS would have an initial power output of 4 x 12.5 = 50 W
of thermal power.
This corresponds to a Pu-based GPHS after t years where
12.5/62.5 = 1/5 = exp (-t ln2/87.74) or t = 203.7 years (2.32 half-lives) [N.B. error in previous writeup].
Hence, by considering the scaling of the current design of Radioisotope Thermoelectric Generators (RTGs)
to this extreme age, we can estimate an A-based generator output. The advantages of considering the
current RTG design with only the fuel replacement is that we can make use of the extensive design and
testing of the current GPHS units. These considerations include failure modes in the event in catastrophic
launch vehicle failure and optimization to further increase the power output.
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Shock et al. [1990] assembled a degradation analysis model for the aging behavior of GPHS modules.
There are two components: decrease in output due to the decay of the plutonium and due to the aging of the
thermoelectric converters. To estimate the output associated with americium fuel, we consider only the first
aging component. We have already noted that the Am unit has the same output as a Pu unit after 203.7
years. The curves in the report are in terms of the total electrical output per RTG (vicinity of ~315W) and
the thermal watts per heat source module (~250 W). The analysis assumes 18 GPHS modules. The model
was validated against the measured performance of one of the Galileo flight RTGs on board the spacecraft
(unit F4).
The relationship between the thermal power and output electrical power is Pelec =2.146 Qthermal – 222.3
(where the total thermal input power is 18Qthermal). For an americium unit of 18 GPHS modules, the total
power is 18 x 50 = 900 W ther and the predicted electrical output would be –115 Welec, that is, the design just
does not work. In fact the current RTG design extrapolates to zero electrical power output at Qthermal =
104.2 W, corresponding to 110.8 years (for 250W modules), not accounting for the thermoelectic generator
degradation. Here the problem is that the predicted hot-junction temperature after 110.8 years would be
down to 2.829 x 104.2 + 293.1 = 588°C (this is still above typical cold-junction temperatures of ~267°C
[Schock, 1993], so it is not clear if the extrapolation is valid to such a long time).
Other RTG unicouple schemes as well as the use of multicouple designs can yield bettwer performance
with Pu fuel. The problem with the multicouples is that they demonstrated degradation rates twice that of
the unicouples. It is not known whether a remedy to this faster degradation rate has been identified
[Schock, 1993].
The best approach is to find a means of using the current GPHS design packed with americium dioxide
such that the temperatures would be sufficiently elevated that standard SiGe thermoelectric generators
could be employed. Another approach could be to replace the americium dioxide with americium metal.
The metal has a density of 13.67 gcm-3, so the power output could be increased to 0.11 x (241/241) x 13.67
= 1.50 Wcm -3, a increase from 50W to 50 x (1.50/1.13) = 66.4 W. This is marginally better but introduces
metallurgical and chemical problems from dealing with the metal, many of which are probably unknown in
dealing with the current GPHS structural design.
An additional advantage might be had in using a different unicouple design (all make use of the Seeback
effect to produce electricity). The SiGe converters used in current RTG provide the maximum known
efficiency for this approach. However, their use requires fairly large hot-junction temperatures of ~1000°C.
Early on, lead telluride converters were also considered, these have a lower maximum operating
temperature than the SiGe converters and were typically considered for lower-temperature applications
[e.g. Bifano et al., 1967]. Although there may be some small advantage to be gained at lower operating
temperatures for lead telluride, full exploration of this technology lags decades behind what has already
been accomplished with the SiGe approach. The SiGe converters were also considered early on for use as a
Solar Thermoelectric Generator (SRG) in a solar probe mission [Raag et al., 1968].
The Stefan-Boltzmann constant σ = 5.6703 x 10-5 erg cm-2s degK -4. For unicouple option 2 for the Pluto
mission, the aeroshell temperature is 1060°C (1333K), the inner heat collector is at 1025°C (1298K), the
hot junction at 990°C (1263K), the cold junction at 267°C (540K), the outside housing at 245°C (518K)
and the tips of the radiator fins at 201°C (474K). The fuel temperature is 1419°C (1692K). The external
case has a height of 38 cm and is 24 cm in diameter. The corresponding area is 2865 cm2. There are also
eight radiator fins. For five GPHS modules at 250 W output each, the total thermal power is 1250 W. At a
housing temperature of 518K, the effective radiating area must is ~3062 cm2. This is just large than the case
temperature (and so about right given the extra area of the cooler radiator fins).
Another way of looking at the problem is that in each case the fuel temperature is ~1415°C (1688K). So,
for each 250W module, the effective radiating fuel area must be ~250W/(5.6703 x 10-12 16884) = 5.43 cm 2.
This is small compared to the actual pellets, but does not allow for blockage by the other elements or the
finite case temperature. For am americium-fueled pellet, a similar design efficiency would require that the
pellet temperature be larger by 51/4, i.e. at 2251°C. This is not possible due to the limit of 1330°C on the
clad material enclosing the pellets. Scaling in the other direction, with the same effective radiating area, we
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expect the fuel temperature to be lower by a factor of 51/4 = 1.4953, i.e. ~856K. If all of the heat fluxes
scale the same way, instead of a hot-to-cold junction drop of 990°C to 267°C, the drop would be 572°C to
88°C, providing that the case temperature can be radiatively cooled to 73°C.
A full-up analysis of americium-fueled GPHS assemblies would be complicated (see, e.g. an outline of
plutonium-fueled GPHS elements in Schock et al. [1990]). However, as a “best case” assume that we can
run the spacecraft colder and that similar efficiencies can be obtained. By using the multicouple option 3
design [Schock, 1993] that produces 3.5V with plutonium, an americium design coupled with ultra-low
power (ULP) electronics may be possible, eliminating all DC-to-DC converters (the voltage does not
simply scale with the operating temperature; a full-up analysis is required). Assuming the multicouple
option 3 architecture, an RTG would contain 4 GPHS modules with a total thermal output of 200W and
have a mass of 10.2 kg. The 4-module plutonium design yields 55W of electrical power with 4 x 250W =
1000W of thermal power, an efficiency of 5.5%. At the same efficiency level, an americium-fueled RTG
would put out 11W.
For extrapolation purposes, assume that we have two americium RTGs (ATGs) at beginning-of-mission
(BOM) power of 11 W electrical each and thermal power of 200W each. The power decay will proceed
with a half-life of 432.2 years. We can use the formulas of Schock et al [1993] to predict the decay in
power output due to SiGe converter aging. At a hot-junction temperature of 845K (572°C), the power
decrease goes as P/PI = 1 – (7.7 x 10-5t)1/2 with t in years. Hence, after 50 years, the power drops to 93.8%
of its initial value (20.6 W from 22 W). After 1000 years, the output efficiency of the converters is 72.2%
and the decay of the americium has taken the power output down to 20.1%. This leaves a power output of
14.5% of the BOM power or 3.2 W out of the initial 22 W. Running the spacecraft on 3.2 W and
broadcasting data from up to 20,000 AU requires further investigation. Further extension of the lifetime
requires going to the next longer alpha-unstable radioisotope. 251Cf has a half life of 900 years and 247Bk a
half life of 1400 years, but both of these isotopes are not readily available. For a 1000-year mission the next
best choice is 226Ra with a half life of 1600 years (by far the longest-lived radium isotope) and a power
density of ~0.0280 W/g, another factor of 3.93 down from that of 241Am. The next-longer lived choices are
(with their respective half lives and estimated thermal power output): 246Cm (4730 yr, 0.0097 W/g), 240Pu
(6537 yr, 0.0069 W/g), 229Th (7340 yr; 0.0061 W/g), and 243Am (7380 yr, 0.0061 W/g), and 245Cm (8500 yr,
0.0054 W/g). The 243Am is easily built up and has relatively low-energy gamma emission compared with
the radium. Further neutron bombardment of 243Am yields rapidly decaying (~hours) isotopes unlike the
case of 240Pu, 245Cm, 246Cm, and 229Th; thus production aspects make 243Am the likely isotope of choice for
the 5000-yr power supply and 241Am the likely isotope of choice for the 500-yr power source. Power
decline due to the aging of the converters must still be taken into account as noted above. For a 20 AU/year
flyout speed, 500 years reaches to 10,000 AU and 5000 years to 100,000 AU. At a 200 AU/year flyout
speed, the nearer stars are reachable within the 5000 year lifetime of a 243Am-based power source operating
at cold temperatures. For the mission at hand we stay with 241Am as the baselined radioisotope of choice for
power production.
Low-power RTGs can be developed. For example, a 40 mW unit driven by a standard 1W Radioisotope
Heater Unit (RHU) has been in development for some time [Bass, 1998]. Here the efficiency is only 4%,
but this at least suggests that a unit with the lower thermal power density of 241Am could be developed
(from the standpoint of a thermal design). The RHU temperature design limits the operating temperature to
<275°C. For such operation, bismuth telluride was selected as the converter material of choice. Ongoing
work sponsored by DARPA is aimed at increasing the so-called figure of merit (that should lead to more
efficient performance), but this is currently at the stage of a research program. The goal is quadruple the
figure of merit (currently at a factor of about 1.8 with PbTe higher than with the SiGe converters) [Dubois,
1999].
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6.2 Communications with DOE
On 27 November 2001, we reached Earl Wahlquist at DOE to discuss the status of
availability of Pu-238 for future space missions as well as whether Am-241 had been
investigated in the past as an RTG fuel. Mr. Wahlquist referred us to the Record of
Decision (ROD) of the DOE (19 January 2001) that has indicated that a new domestic
supply of Pu-238 will be guaranteed (at ~2 to 5 kg/year production rate). The ROD
indicated that the current contract for Russian Pu-238 is set to expire in December 2002
and there is concern regarding the reliability o238 supply even if the contract is renewed.
Mr. Wahlquist indicated that Am-241 has not been seriously considered in the past
because of a lack of an adequate supply of this material.
In discussing small power reactors, Mr. Wahlquist indicated that Pu-239 fuel might
result in a somewhat less massive reactor, but most reactor weight is in the shielding. At
the 3-4 kW level a U-233 reactor could bring the overall mass from ~600 to 800 kg down
by ~150 kg; however, a U-235 reactor produces less radiation (with the implication that
less shielding mass is required). He indicated that Pu-239 has never really been studied as
a space reactor fuel due to political considerations including the UN principles document
(to which the United States is a signatory) that limits in-space reactor fuels to U-235 (this
document was subsequently located at The “Principles Relevant to the Use of Nuclear
Power Sources in Outer space (resolution 47/68 of 14 December 1992)
(http://www.oosa.uvienna.org/SpaceLaw/treaties.html) which states under Principle 3
(“Guidelines and criteria for safe use), Section 2 (“Nuclear Reactors”), Paragraph (c) that:
“Nuclear reactors shall use only highly enriched uranium 235 as fuel. The design shall
take into account the radioactive decay of the fission and activation products.”) He
further indicated that this had been a contentious issue for ~10 years. We note that the
U.S. has apparently agreed to this in the absence of compelling reasons for doing
otherwise.
Mr. Wahlquist noted that the U.S. had purchased ~9 kg of Pu-238 from Russia in the
mid-90’s and could purchase up to 30 kg under the current contract (also noted in the
ROD).
He noted that in the coming decade (given appropriate of appropriate funds), the
actions described in the ROD would take ~5 years to put in place and about another 2 to 3
years of processing would be required at Los Alamos National Laboratory (LANL) and
the DOE Mound facility to have Pu-238 actually available for new missions.
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The following mini-study expands upon these points.

6.3 Notes on Nuclear Materials for Space Use
R. L. McNutt, Jr.
29 November 2001
Pu-238 Availability and RTG Design. There has been uncertainty in the NASA users (science) community
about the status of the Radioisotope Thermoelectric Generator (RTG) program and especially of the Pu-238
fuel required for current RTG use. Much of this was made clear by a conversation on 27 November 2001
with Earl Wshlquist of the Department of Energy (DOE) whose office is tasked with providing RTGs to
NASA for use in space probes. Some followup work located documents that he had referenced that on the
World Wide Web; one just needs to know where to look.

6.3.1 Pu-238 Supply
For a variety of reasons that trace to helf-life, alpha-particle output (good), gamma-ray
output (bad), and scattering and fission cross sections, plutonium-238 (Pu-238) has been
the choice material for use in RTGs. With a half-life of ~89 years, it provides sufficient
power at a sufficiently constant rate for most missions flown to date. However, this is not
a naturally occurring isotope and must be bred from special material in a reactor. Decades
have gone by since the last production facility in the U.S. was shut down (at Savannah
River) and supplies are short. As a stopgap measure, some Pu-238 has been purchased
from Russia, but for major future use a new U.S. source is required, Reestablishment of
U.S. production capabilities is the current plan that has been in process for some time.
On October 5, 1998 DOE published (Federal Register volume 63, number 192, item
53398) an “Environmental Impact Statement for the Proposed Production of Plutonium238 for Use in Advanced Radioisotope Power Systems for Future Space Missions.” This
notice for the intent to prepare an EIS is in accord with the National Environmental
Policy Act (NEPA) as required by law. (As a sideline, the political nature of such
facilities is illustrated by a web search that turned up this document as
http://www.whistleblower.org/www/NOIFFTF.htm - my primary source for this
document that is reprinted in its entirety at this site). The EIS included the examination of
several options, including storage of neptunium-237 (Np-237) from which Pu-238 is bred
and the use of various facilities at Idaho Falls, Hanford, Oak Ridge, and the alternative of
simply continuing to purchase Pu-238 from Russia to fulfill all future needs.
The EIS notes by way of background that the Savannah River Site (SRS) where the Np237 was irradiated and the bred Pu-238 recover as an oxide powder at an SRS chemical
processing site have been closed due to the end of the Cold War. Further, the U.S. signed
an agreement in 1992 to purchase up to 40 kg of Pu-238 from Russia. Some 9 kg were
purchased and the contract extended in 1997 for another five years (running out in
December 2002). Uncertainties over the reliability of the Russian source after 2002, and
whether it would be renewed by the Russians, led to the intent to review requirements for
restarting a domestic production capability.
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The Pu-238 available for space missions is noted as being ~9 kg and is “primarily
material purchased from Russia.” If there is any other Pu-238 in the U.S., its amount or
existence is not disclosed. Further, there are no other production facilities in the U.S. for
such material, so any other material is also decaying away. It is also important to note
that Pu-239 recovered from any decommissioned weapons is NOT a replacement for Pu238; the nuclear properties are very different, and such weapons-grade material is NOT
an alternative source of fuel for RTGs due to the underlying physics.
In the 1998 DOE notice, for “a planning horizon of the next 20 to 25 years…A Pu-238
production rate of 2-5 ks/year would be sufficient.” Further, the long-lived isotope Np237 is required as breeding material but “The United States’ only inventory of Np-237 is
currently being stored at SRS in an aqueous nitrate solution and will require processing to
an oxide form prior to fabrication into targets for irradiation….Unless the Np-237 is used
in the production of Pu-238, the Department will establish plans for the future disposition
of this material.” Here it is worth noting that Np-237 does not occur in nature and its
inventory is entirely due to production in the U.S. weapons program.
Exposure of U-238 to neutrons produces Pu-239 via
U 238 + n → U 239
U 239 → ( ,23.5min)Np239
Np239 → ( ,2.35days)Pu 239
The competing reaction sequence
U 238 + n → U 237 + 2n
U 237 → ( ,6.75days)Np237
produces Np-237 (with a long half-life of 2.14 x 106 years). Its subsequent irradiation
with neutrons provides the Pu-238:
Np237 + n → Np238
Np238 + n → ( ,2.1days)Pu 238
Cochran et al. (1987) note that irradiation of U-235 and, subsequently of U-236, was used in the production
of Np-237 at SRS. Inventory of Np-237 at SRS is not given. Np-237 is also the decay product of Am-241
(via alpha decay with a 432-yr half-life).

The Cassini spacecraft carries 72 pounds of PuO2 in three RTGs and 0.7 pounds in 117
Radioisotope Heater Units (RHUs) [Li, 1998]. Initial plans for Galileo and Cassini
included the use of the same RTG architecture built from General Purpose Heat Source
(GPHS) blocks. Initial plans called for the use of two RTGs on each spacecraft, each
RTG containing 9.4 kg of plutonium and generating ~4.4 kW of heat [Aftergood, 1989].
Eighteen GPHS modules are stacked together to provide the RTG architecture used on
Galileo, Ulysses, and Cassini. Each GPHS has a power output of 250 W and weighs 1.44
kg [http://www.nuclear.gov/space/gphs.html]. Electricity is provided via Si-Ge
thermoelectric converters. Although plans for an Advanced Radioisotope Power System
(ARPS) were pursued under the X-2000 technology development program, expected
results (100 W in a 6.1 kg package [Price, 1995]) have not materialized.
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A compact multicouple design was presented by Schock [1993] that used 4 GPHS bricks
to provides 3.5 V in a rectangular package 33 cm long on a 15 cm by 15 cm square base
(excluding fins) for 10.2 kg. Corresponding power output is initially ~75 W (from 1 kW
of heat. Degradation of the multicouples is about twice that of the standard RTG
unicouple design; more development is required to determine if this feature can be
“corrected” [Schock, 1993].
Discussions with Schock on November 18, 1993 suggested a cost of ~$51M for three
RTGs plus the Pu fuel for use on the Pluto Fast Flyby mission with a then-scheduled new
start of 1997. This was for two units of 6 GPHS modules each with one as a qualification
unit (similar to the F-5 unit for Cassini). He noted that a rule of thumb was ~$2M per
GPHS brick, half of which was the cost of the fuel.
Pu-238 is also used in the form of Radioisotope Heater Units (RHUs)to provide heat
when either sunlight or alternative electrical power sources are scarce (such as on deep
space missions). These units are small (~40 g and 3.2 cm long by 2.6 cm in diameter) and
can be located to provide heart efficiently where it needs to be provided
[http://www.nuclear.gov/space/rhu-fact.html]. Again, one could consider using other
materials. The replacement of Pu-238 with Am-241 in an RHU would decrease the
thermal output from one watt to roughly 200 mW. From the July 2001 Progress Report:
“Low-power RTGs can be developed. For example, a 40 mW unit driven by a standard
1W Radioisotope Heater Unit (RHU) has been in development for some time [Bass,
1998]. Here the efficiency is only 4%, but this at least suggests that a unit with the lower
thermal power density of 241Am could be developed (from the standpoint of a thermal
design). The RHU temperature design limits the operating temperature to <275°C. For
such operation, bismuth telluride was selected as the converter material of choice.
Ongoing work sponsored by DARPA is aimed at increasing the so-called figure of merit
(that should lead to more efficient performance), but this is currently at the stage of a
research program. The goal is quadruple the figure of merit (currently at a factor of about
1.8 with PbTe higher than with the SiGe converters) [Dubois, 1999].”
By replacing the 2.7 g of plutonium dioxide in an RHU with 0.56/0.11 x 2.7 = 13.8 g of
americium-241 dioxide (http://www.nuclear.gov/space/rhu-fact.html), the same power
output of ~1 W could be obtained. If sufficient temperatures could be reached in the
redesigned package, this suggests that one could provide localized power sources
providing ~40 mW albeit likely at a low voltage of ~0.1 V.
The DOE Notice of October 1998 resulted in a DOE Record of Decision on January 19,
2001 as published in the Federal Register, Vol. 66, No. 18, January 26, 2001, pp. 78777887). Notice was given to proceed with alternative 2, option 7 to reestablish domestic
production of Pu-238 using the Advanced Test Reactor in Idaho and the High Flux
Isotope Reactor in Oak Ridge to irradiate Np-237 targets. Target fabrication and
subsequent Pu-238 isolation will be accomplished at the Radiochemical Engineering
Development Center at Oak Ridge. The subject notice reviews the history of the need,
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recalls the contracts for purchases of Pu-238 from Russia, and notes “Plutonium-238 is
purchased from Russia on an as-needed basis because it is costly to remove the decay
products that result from an extended period of storage.”
Costs were estimated for all alternatives. Alternative 2 (“Use only existing facilities”)
were estimated as $328M to $383M with an annual operating cost of $15M to $24M. The
initial cost includes $281M for deactivating the Fast Flux Test Facility (FFTF) at
Hanford, a task required for all cases except either (i) no action or (ii) using FFTF to
produce the Pu-238. This latter option carries a total estimated cost $392M to $432M to
restart FFTF with an annual operating budget of $82M to $91M. Significant numbers of
comments, both pro and con for all examined alternatives, were received by DOE during
the various comment periods. It is further noted that “If the Department’s existing
inventory of plutonium-238 [about 9 kg] is insufficient to meet near-term space mission
requirements, then the Department will pursue purchasing plutonium-238 from Russia
while reestablishing domestic production capabilities.”
Both Np-237 and Am-241 have been of some concern in the proliferation community as
both materials are fissile yet unregulated (from Jane’s Defense Weekly, 31 March 1999,
reprinted at http://www.antenna.nl/~wise/508/4994.html). The thermal properties of Am241 make the assembly of a critical mass problematical – estimate of 84 kg would
produce a thermal output of 9.6 kW of heat (Sublette, 1999); the relatively large mass of
Np-237 required for criticality – estimates of 75 to 105 kg (Sublette, 1999) - also makes
its use as a weapon problematic).
6.3.2 In-space Nuclear Reactors
Nuclear reactors have two potential uses for space applications: (i) provide power and (ii)
provide heat for nuclear thermal rocket (NTR) applications. The basic physics and
technical challenges have been known for some time (Shepherd and Cleaver, 1948a;
1948b; 1949). For the case of providing power, a thermal-to-electric conversion
technology is required for the end result of supplying electrical power to onboard systems
and/of electric power to run an inherently low-thrust nuclear electric propulsion (NEP)
system. In the second case one must worry about mass of radiators, shielding, and
converter subsystems. Radiators are items of concern in the first case if a restart
capability is to be implemented; some amount of shielding (of humans and /or
electronics) is a concern in any event. These items drive mass to some minimum “buy-in”
level. In addition, a reactor must have a minimum size – and minimum associated mass –
to achieve criticality. Hence, there exists some minimum power level below which RTGs
(or more generic RPSs) provide a lower specific mass alpha, defined as the mass to
power ratio for the power source. For example, current concepts combining an RPS with
a Stirling converter have estimated alphas ~100 to 200 kg/kW (Noble, 1999; Oleson et
al., 2001), the DS-1 Solar Electric Propulsion (SEP) system was at ~65 kg/kW (Willians
and Coverstone-Carroll, 1997), and the Nuclear Electric Propulsion Space Test Project
(NEPSTP) Nuclear Electric Propulsion (NEP) system was at ~180 kg/kW (Cameron and
Herbert, 1993). For typical low-thrust systems to work well, ratios of ~30 kg/kW are
preferred with values as low as ~10 kg/kW possible at high power levels (~10 MW)
(Stuhlinger, 1964; 1967). The alpha factor also figures in to making a low-thrust system
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efficient. The characteristic speed vchar defined as v char = 2
where tau is the engine
operation time, should be about equal to the required delta v, as well as the exhaust speed
(Stuhlinger, 1964; 1967).
Similar scaling issues occur for propulsion systems. Bipropellant systems using cryogens,
e.g. liquid oxygen (LOX) and liquid hydrogen (LH2) have the highest specific impulse
(Isp) but the most massive propulsion systems. The next best performance is from
storable bipropellants, e.g. hydrazine and nitrogen tetroxide, followed by
monopropellants, which have the next-less massive minimum mass. For the lowest mass
systems, the best solid rocket engines have the worst specific impulse but the smallest
minimum mass associated with the system. In other words, one must worry about
scalings as well as the required overall performance.
Similarly, reactor systems become the most efficient means for providing electricity for
low-thrust systems (in the absence of significant sunlight) at a spacecraft system mass
~500 kg (Oleson et al., 2001). Hence minimum reactor mass for providing criticality is a
significant issue.
Comparison of U-235, Pu-239, and U-233 fueled reactors suggests substantial mass
savings for a U-233 or Pu-239 reactor as compared with a U-235 fueled reactor, with
slightly better performance with U-233 (Sublette, 1999). There is, of course, a ready
supply of Pu-239 from the weapons program; it is also a significant nuclear proliferation
hazard. The other fuel U-233 is bred from thorium-232. There is a “significant” supply of
U-233 – about 2 metric tons - at Oak Ridge National Laboratory that has been declared as
surplus material (http://www.ornl.gov/RDF/facility/index.html). With a half-life of 1.592
x 105 years, U-233, once made does not decay away rapidly; it is also fissile and
considered by many to be a nuclear proliferation issue. The U-233 is discussed in the
context of being used to derive other materials, e.g. Bi-213 is discussed in the reference
just given as such a material that also has shown promise in treating some cancers.
Sublette (1999) points out that typical production of U-233 also produces U-232.
Production of U-233 is via the reaction set
Th 232 + n → Th 233
Th 233 → ( ,22.2min)Pa233
Pa233 → ( ,27.0days)U 233
while a competing reaction produces the more short-lived U-232 (half-life of 72 years,
Walker et al., 1977; Sublett has 76 years)
Th 232 + n → Th 231 + 2n
Th 231 → ( ,25.5hr)Pa 231
Pa231 + n → Pa 232
Pa232 → ( ,1.31days)U 232
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The problem of U-232 production is exacerbated by the presence of Th-230 in the
breeding material (that produces Th-231 via the capture of one neutron).
U-232 has been discussed as a source material for so-called radioisotope sail propulsion
by relying on its decay, and that of its products, to alpha particles with increasingly
higher energies (Short and Sabin, 1959-60; Forward, 1996).
Although initial levels of U-232 can be held to low levels, the first decay product Th-228
builds up that then leads to a sequence of decay products that emit both alphas and
gamma rays (up to 2.6 MeV at the end of the decay chain). U-232 also has a high
spontaneous fission rate and can produce even more neutrons via alpha bombardment of
any light-element contaminants.
Sublette (1999, section 4.1.2) quotes from LA-10860-MS, Critical Dimensions of
Systems Containing 235-U, 239-Pu, and 233-U; 1986 Rev. to give estimates of critical
masses with various reflector thicknesses. These should be representative of what can be
obtained in a reactor. Best results are obtained with a Be shield around alpha-phase Pu239. Delta-phase Pu-239 and U-233 give comparable results for comparable reflector
sizes. With a 5.22-cm thick Be reflector, the U-235 critical mass is ~20 kg; for deltaphase Pu-239 and U-233, the critical mass is ~7 kg; this drops to ~5 kg for alpha-phase
Pu-239. The high-density alpha-phase is stable only below 122 deg C and so would not
be appropriate for consideration in a high-temperature reactor such as required for inspace applications. Hence, one can expect that performance of a space reactor may be
comparable for either Pu-239 or U-233 fuel. The discriminators would likely be
manufacture and handling. In any case, especially for low-mass applications, either of
these materials would result in significantly better performance then a reactor fueled with
U-235. Sublette (1999) gives Oak Ridge National Laboratory (ORNL) prices for
plutonium isotopes as $8.25/mg of Plutonium-238 (97% purity); $4.65/mg of Plutonium239 (>99.99%); $5.45/mg of Plutonium-240 (>95%); $14.70/mg of Plutonium-241
(>93%); and $19.75/mg of Plutonium-242 in September 1998. No price quote for U-233
is given. N.B. At $8.25/mg, 9 kg of Pu-238 to power a current RTG unit would cost a
prohibitive $74M.
Even smaller nuclear reactors may be possible with Am-242m (the metastable version of
the isotope). Use of Am-242m has been discussed in several contexts for space travel
(Powell et al., 1999); however, providing significant supplies is problematic. Production
involves neutron irradiation of Am-241 (half life of 432 years); however, the produced
Am-242 (metastable half life of ~152 years and normal state half life of 16.02 hr) has an
extremely high capture cross section, and tends to immediately absorb more neutrons to
become Am-243 (half life of 7380 years), so production of Am-242m would require light
irradiation of Am-241 (so as not to evolve the starting material to Am-243) and then
isotopic separation of Am-242m from Am-241. This would be, as we know from
enrichment techniques for U-235 starting with natural uranium, a daunting task.
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Sublette (1999) notes that ~0.26 micrograms are used in a typical smoke detector and that
September 1998 ORNL quotes are $728.00 per gram of americium-241, and $180.25 per
milligram of americium-243. Hence, providing ~9 kg of Am-241 for a low-power RTG
would cost ~$6.5M, about 9% of the nominal Pu-238 cost.
Chapline (1988) suggested breeding Am-242m and using it in a “fission fragment
rocket.” He suggested that the worldwide inventory of Am-241 in spent fuel rods was
~10 tons (at that time). Some Am-241 is recovered form use in smoke detectors (at a
production rate of material characterized as “several kilograms per year”
(http://www.uic.com.au/nip35.htm), comparable to the proposed Pu-238 production rate.
While this use of Am-241 for reactors is problematic, it is possible to consider Am-241
for use in an RPS. It is the next most intense alpha-particle emitter after Pu-238. The
corresponding half life being ~5 times longer that that of Pu-238 is compensated from by
its lower energy output (0.11 W/g as compared with 0.56 W/g for Pu-238).
Even smaller critical assemblies may be possible with even rarer isotopes such as Cf-249,
Cf-251, and Cf-252 (estimated critical masses of bare sphere assemblies of 5.90, 1.94,
and 2.73 kg, respectively). Extremely small critical reactor masses could be possible by
using appropriate reflectors and moderators, requiring a critical mass of only ~1 kg of Cf251. However, these isotopes are not available in bulk, and the estimate for the cost of
such fuel for a reactor is ~$10 billion (Sublette, 1999).
For small spacecraft applications (reactors less than ~100 kW output), the most efficient
practical design thus appears to be that using U-233. Unfortunately, one of the five
United Nations declarations and legal principles relevant to space, The “Principles
Relevant to the Use of Nuclear Power Sources in Outer space (resolution 47/68 of 14
December 1992) (http://www.oosa.uvienna.org/SpaceLaw/treaties.html) states under
Principle 3 (“Guidelines and criteria for safe use), Section 2 (“Nuclear Reactors”),
Paragraph (c): “Nuclear reactors shall use only highly enriched uranium 235 as fuel. The
design shall take into account the radioactive decay of the fission and activation
products.” The U.S. has apparently agreed to this in the absence of compelling reasons
for doing otherwise (although this is not clear from the current status page that has a link
from the above-referenced web site). Both from the viewpoint of scientific probes and
expeditions (e.g. humans to Mars and/or asteroids) and of having the capability to
intercept and interdict significant Earth impactors, this appears to have been a hasty and
ill-conceived move, given the current apparent dearth of technical analysis and trade
studies.
It us worth noting that the U.S. RTGs and, in particular, the GPHS designs are compliant
with UN treaties and principles governing the usage of such items in space. In addition,
there is no specification under Section 3 (“Radioisotope Generators”) of what radioactive
materials are or are not allowed for this space application.
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6.3.3 Summary
Pu-238 inventory in the U.S. for use in deep space missions is currently low; however,
actions have been taken to lead to renewed capability and domestic supplies in the next
decade. While Am-241 could be a substitute for Pu-238 in RTGs that would supply more
even power ouput over decades timescales, it has not been pursued as an option due to its
lower specific power and supply and processing issues. More detailed studies (or public
publication of relevant previous ones, if they exist) are required to ascertain if there are
any “show-stoppers” preventing its use for extremely long-lived space missions. (Use of
Am-241 as an RTG power source is covered in the NIAC Progress reports of July 2001
and March 2001 in more detail).
Use of RTGs with high efficiency converter systems (again requiring Pu-238) are being
considered for propulsion, although the specific mass of the power component of such
systems is high. Nonetheless, this may be a good approach provided that truly low-mass
(<150 kg) deep space spacecraft can be built. For larger systems, either bimodal nuclear
or NEP systems are required, and these scale well if really large systems (>10 metric
tons) systems are contemplated. Current UN agreements limit fuel to U-235 for such
reactors. Better performance (performance that could in reality enable such systems) can
likely be obtained with Pu-239 or U-233 fuel. Detailed designs and studies of such
systems for space applications have not been made. Even better reactor mass
performance is likely if Am-242m or other even rarer transuranic isotopes were used for
fuel. Supply and production of such isotopes in bulk render the use of such systems
unlike in the foreseeable future (at least the next 50 years if not longer) without a major
(and unlikely) national initiative.
References
Aftergood, S., Background on space nuclear power, Science and Global Security, 1, 93-107, 1989.
Bass, J. C., Preliminary development of a milliwatt generator for space, Proceedings of the 17th Int. Conf.
On Thermoelectrics, pp. 433-436, Nagoya, Japan, 1998.
Cameron, G. E., and G. A. Herbert, System engineering of a nuclear electric propulsion testbed spacecraft,
AIAA/SAE/ASME/ASEE 29th Joint Propulsion Conference and Exhibit, Monterey, CA, AIAA 931789, 1993.
Chapline, G., Fission fragment rocket concept, Nucl. Inst. Meth, Phys. Res.., A271, 207-208, 1988.
Cochran, T. B., W. M. Arkin, R. S. Norris, M. M. Hoenig, Nuclear Weapons Databook, Vol. II, U.S.
Nuclear Warhead Production, Ballinger Publishing Co., Cambridge, MA, 1987.
Dubois, L. H., Introduction to the DARPA program in advanced thermoelectric materials and devices,
Presented at the International Conference on Thermoelectrics, Baltimore, 30 August, 1999,
http://www.zts.com/darpa/dubois99/ppframe.htm, 1999.
Forward, R. L., Radioisotope sails for deep space propulsion and power, J. Brit. Int. Soc., 49, 147-149,
1996.
Li, A., Space Exploration: Power Sources for Deep Space Probes, United States Genral Accounting Office,
Report to the Honorable Barbara Boxer, U.S. Senate, GAO-NSIAD-98-102, May 1998.
Noble, R. J., Radioisotope electric propulsion of sciencecraft to the outer solar system and near-interstellar
space, Acta Astron., 44, 193-199, 1999.
Oleson, S., L. Gefert, M. Patterson, J. Schreiber, S. Benson, J. McAdams, and P. Ostdick, Outer planet
exploration with advanced radioisotope electric propulsion, Paper IEPC-01-179 at the 27th
International Electric Propulsion Conference, Pasadena, CA, 15-19 October, 2001.

32

10/14/03

NIAC 7600-039 FINAL REPORT

Powell, J. R., J. Paniagua, G. Maise, H. Ludewig, and M. Todosow, High performance nuclear thermal
propulsion system for near term exploration missions to 100 A.U. and beyond, Acta Astron., 44, 159166, 1999.
Price, H., “Sciencecraft” Development Status, presentation to the Pluto Science Definition Team,
Tucson,AZ, June 21, 1995.
Schock, A., RTG options for Pluto Fast Flyby mission, 44th Congress of the International Astronautical
Federation, paper IAF-93-R.1.425a, Graz, Austria, 1993.
Shepherd, L. R. and A. V. Cleaver, The atomic rocket - 1, J. Brit. Int. Soc., 7, 185-194, 1948a.
Shepherd, L. R. and A. V. Cleaver, The atomic rocket - 2, J. Brit. Int. Soc., 7, 234-241, 1948b.
Shepherd, L. R. and A. V. Cleaver, The atomic rocket - 3, J. Brit. Int. Soc., 8, 23-37, 1949.
Short, W. and C. Sabin, A radioisotope propulsion system, J. Brit. Int. Soc., 17, 453-458, 1959-60.
Stuhlinger, E., Ion Propulsion for Space Flight, McGraw-Hill Book Co., NY, 1964.
Stuhlinger, E., Electric space propulsion systems, Space Sci. Rev., 7, 795-847, 1967.
Sublette, C., Nuclear weapons frequently asked questions, Version 2.24, 20 February 1999
http://www.milnet.com/milnet/nukeweap/nfaq0.htm
Walker, W., G. J. Kirouac, and F. M. Rourke, Chart of the Nuclides, 12th ed., Knolls Atomic Power
Laboratory, Schenectady, NY, 1977.
Williams, S. N., and V. Coverstone-Carroll, Benefits of solar electric propulsion for the next generation of
planetary missions, J. Astron. Sci., 45, 143-159, 1997.

6.4 GPHS Issues
We subsequently considered in more detail the construction of the General Purpose
Heat Sources used inside of RTGs. In shifting from Pu-238 to Am-241, the power density
will decrease by a factor ~5. To make use of the current GPHS design (set to survive
launch failures), we have considered using americium dioxide as fuel and modifying the
insulator design in the surrounding structure without modifying the GPHS assembly. By
decreasing the thermal conductivity away from the hot shoes, it should be possible to
increase the internal temperature sufficiently to make the system work with SiGe
converters. The problem remains under study, but this modification to existing systems
appears feasible. More detailed considerations (see following mini-study) suggest that
use of a multicouple design to provide ~7.9 W of electrical power at the beginning of
mission should be possible with Am-241 RTGs. This compares with a more efficient Pu238 RTG providing ~55 W after ~9 years. The Pu-238 RTG can operate more efficiently
by running at a higher temperature. The Am-241 RTG must run at a lower temperature,
and hence lower efficiency, to decrease the expected degradation of the converters. In
spite of its higher efficiency at lower temperatures, lead telluride was rejected after some
study due to its having to operate at too low a temperature to provide efficient power for
this application. Use of the “standard” GPHS architecture and using SiGe still has better
performance unless one were to drop the hot shoe temperature down to ~500°C or less.
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6.5 Am-241 RTG
R. L. McNutt, Jr.
28 February 2002
Pu-238 RTG Basics
The current “standard” radioisotope thermoelectric generator (RTG) makes use of n-type and p-type
silicon-germanium (SiGe) converters and general purpose heat source (GPHS) “bricks”. The latter are each
load with 4 pellets of plutonium-238 dioxide and produce 62.5 W of thermal power when first fueled
(Shock, 1993). The pellets are encapsulated in iridium-clad alloys that are in turn encapsulated in impact
shells and aeroshells, all of which have been designed and tested to present plutonium dispersal in any
worst-case launch accident. The plutonium generates 0.55 W/g, primarily by thr emission of fast alphas
particles that are absorbed in the immediately surrounding material, so each pellet contains about 114 g of
plutonium (not allowing for the mass of the oxygen in the dioxide) or about 454 g of Pu-238 per GPHS.
The “standard” RTG contains 18 GPHS assemblies putting out 4.5 kW of heat and containing ~8.2 kg of
Pu-238. Pu-238 is fissile but requires an assembly of that would lead to melting before a critical mass could
be assembled. The standard RTG is 1.15 m long, 46 cm in diameter, weighs 58.80 kg (F-5 design
specifications applicable to NASA Announcement of Opportunity for a Pluto-Kuiper Belt mission), and
uses 572 SiGe unicouples.
Shock (1993) presented 3 options for repackaging the GPHS modules in order to try to meet design goals
for a small spacecraft to perform a Pluto Fast Flyby (PFF) mission. The requirements given by JPL for this
mission were 69 W electric at the end of mission (EOM) after 9.2 years (including 20% contingency and
10% margin) with a baseline mass of 17.8 kg and goal of 9.5 kg.
Option 1: Use unicouples and simply scale to the 69 W electric, EOM requirement. The power
requirement was met with simply scaling the current unit from 18 GPHS modules to 5 and reducing the 572
unicouples to 160. However, detailed mass analysis yieleded 19.3 kg, above even the baseline and more
than twice the mass goal.
Option 2: Same number of modules and unicouples as option 1, but change the support structure. Use one
(instead of four) support studs at the ends of the GPHS stack and use a lighter spring load mechanism. The
resultant mass of 15.4 kg was analyzed for deformation under launch loads that showed integrity under
launch. The electrical analysis showed that the required power output could be met only with a beginning
of mission (BOM) output of 250 W thermal per GPHS module, characteristic of new fuel, but not of what
was at the time of the paper (1993) available in the U.S. inventory (the latter noted as decaying since
shutdown of production in 1983). For 250 W per GPHS at BOM and 5 modules, the electrical power output
maximizes at ~19V at ~88 W electric; the corresponding efficiency is 88 W (electric)/(5 x 250 W
(thermal)) x 100 = 7.0%.
Three more options were given based upon (undeveloped) multicouple technology. In this architecture,
each GPHS radiates to eight multicouples instead of 32 unicouples, reducing the number of thermoelectric
devices by 75%. A unicouple provides 0.18 V, so with 20 series connected unicouples in each
multicouples, the latter producs 3.6 V. The only difficulty (believed fixable) was a degradation rate of twice
that of unicouples, believed to be due to dopant diffusion from the hot shoes into the p legs.
Multicouple Option 1: Use 5 GPHS modules and the mechanical arrangement of option 2 above but with
40 multicouples. BOM output of 250 W thermal is assumed; the resultant mass is 13.4 kg with eight 7.5cm radiator fins. The housing is aluminum.
Multicouple Option 2: Same thermal design as multicouple option 1 but now with a square (versus round)
cross section for the housing (15 cm by 15 cm, excluding radiator fins) which is now made of magnesium
or beryllium. Carbon-carbon radiator material replaces the aluminum radiator and only four fins are used.
In this packaging the fuel temperature is 1414 deg C, hot junction 991 deg C, and cold junction 291 deg C.
These are comparable to the numbers for unicouple option 2 (within 5 deg C), although the cold junction
temperature is higher (291 deg C versus 267 deg C). The design mass is 12.2 kg.
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Multicouple Option 3: Identical to the square multicouple option 2 design but with 4 GPHS modules
rather than 5. The multicouple terminals are moved to the outside of the housing allowing direct pickoff of
the ~3.5 V output. Different load voltages are now available, and, in particular, the DC-to-DC converter is
eliminated. This saves 10.5 W electric (corresponding to 13.9 W with the contingency and reserve levied).
The power savings is 20% leading to the EOM requirement of 55 W electric, rather than 69 W electric. The
RTG is shortened to 33 cm (38 cm for multicouple option 2) and the mass is reduced to 10.2 kg.
The figure of merit for the multicouples (demonstrated) is Z=0.66 x 10-3 K-1. Improved material shows
promise of 0.70 x 10-3 K-1 for SiGe multicouples.
In Schock (1990) there is a detailed model for calculating unicouple energy balance that is presented, along
with the Seeback coefficient, resistivity, and thermal conductivity of n-type and p-type SiGe from 0 deg C
to 1075 deg C (273 K to 1348 K). Of particular note is the analysis of the power output degradation due to
the degradation of the SiGe converters. At constant temperature

P /Pinitial = 1−

t

where

= a e −b

/T

and aα = 6973 yr-1/2 and b α = 15,480 K (1.33 eV). The heat source also decays with time and so does the hot
junction temperature T. Shock (1990) finds

T = aT + bT Qinitial (0.5)

t/

where Qinitial is the initial heat output of the GPHS module, τ=the half life of Pu-238 (87 years), and

T(degC) = 293.1+ 2.829Q (Watt )
for the standard RTG configuration.
Scalings to Am-241 RTG Architecture
Am-241 has a half-life roughly 5 times that of Pu-238 (432.2 years versus 87.74 years) and,
correspondingly, about 1/5 of the power output (0.11 W/g versus 0.56 W/g) (Walker, 1977). Both are
similar in that they are alpha-emitters. The densities of the oxides are about the same. Initial considerations
of Am-241 is given in Attachment 2 of the July 2001 Progress Report.
With a power density lower by a factor of 0.11/0.56 = 0.196, the current designs of RTGs would scale if all
temperatures dropped by a factor of ~(0.196) 1/4 = 0.666 at the radiator interface inside the RTG. This would
decrease the hot junction temperature from ~1263 K (990 deg C) to 841 K (568 deg C). This peak
temperature is below the peak in the figure of merit for SiGe, but just at about the turnover point from
decreasing Z for SiGe and increasing Z for lead telluride (PbTe). Alternatively, one could attempt to
decrease the thermal conductivity between the fuel pellets and the GPHS exterior by a factor of 1/0.196 =
5.10. This would raise the temperature of the radiator back to the design point of current RTGs, albeit with
the reduced thermal power flow.
For the long-term operation envisioned, the latter has its drawbacks. At the high temperatures, one still has
to deal with the degradation in output of the converters. For example, for the multicouple option 2 and
multicouple option 3 at a hot junction of 991 deg C (1264 K), α = 0.3347 yr-1/2, and over 432 years the
power has dropped to just over 30% of the initial value, a significant degradation. Dropping the power by a
factor of 5 and the temperature by (1/5)1/2=0.6687 yields a hot temperature of 845K (572 deg C). At this
low a temperature, the drop in 5 half lives (2160 years is 0.4% and thus negligible. As Schock et al. (1990)
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point out, the degradation in temperature with time means that these numbers are lower limits and a better
assessment requires a numerical integration.
Working the problem the other way, suppose we wanted to be at an SiGe degradation (at constant
temperature) of 50% or 10% after 5 half lives of Am-241 (2160 years). Then the hot shoe operating
temperatures (from the above formulas) would be 1157 K (884 deg C) or 1032 K (760 deg C), respectively
(again the properly integrated values would be at higher initial temperatures). These temperatures are
within the operating region of SiGe (and not lead telluride or bismuth telluride); hence the current RTG
architecture remains applicable. To retain operational efficiency, heat rejection to space needs to be better
than for current RTGs and so have a lower cold shoe temperature. One approach is too make the entire
spacecraft structure of beryllium and attempt to use the entire bus as a radiator to reduce the cold-side
temperature. In any event, use of the GPHS modules fueled with AmO2 requires a better insulating material
to increase the operating temperature over what the current GPHS temperature scales to with the current
construction.
It is worth noting that the scalings in Schock et al. (1990) yield

Pelec(W ) = 2.146QGPHS (W ) − 222.3
for an 18-module RTG. This yields a BOM electrical power output of zero for QGPHS=103.5 W,
corresponding in turn to a hot-shoe temperature (from above) of 586 degC.
As pointed out in the July 2001 Progress Report attachment, going from AmO2 to Am metal will increase
the output power to ~0.146 W/g due to the higher density (packing the material into the same volume). This
represents then a decrease in thermal output from 0.56 to 0.146 or a factor of 3.835. The temperature
decrease is then only (1/3.835)1/4 x 1264 = 903 K (630 degC), still too low an operating temperature.
Dropping from 1264 K to 1032 K (10% degradation after 5 half lives) corresponds to an overall thermal
input drop by a factor of 2.25 (to 0.25 W/g). Again, to remain comfortably operational, some extra thermal
insulation is required.
At a hot-shoe temperature of 1032 K, the parametric scalings of Schock et al. (1990) yield an effective
thermal input of 164.7 W and a corresponding BOM electrical power of 131.1 W. Referenced to 18 GPHS
units, the efficiency would be 131.1/(18 x 164.7) x 100 = 4.4%. Again these scalings were developed for a
very different geometry and so are only suggestive at best. What is suggested is that if the thermal
insulation in the GPHS can be increased by a factor of 0.56/0.11 / 2.25 = 2.23, then an AmO2 fueled RTG
may run cool enough not to degrade ther converters and provide power in excess of a 4% conversion
efficiency.
So for three converters at 4 GPHS modules each (multicouple option 3) the initial thermal power is 3 x 4 x
250 x (0.11/0.56) = 589 W. The corresponding available (primary) electrical power at BOM is 23.6 W. The
initial concept for the probe had 15 W electrical power for all systems (10W for instruments, 5 W for
electronics, and no heaters). Hence, three Am-241 RTGs based upon a multicouple approach using SiGe
conveters and current GPHS architecture with some modification appears to meet the requirements.
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6.6 Stirling Converter Issues
We reviewed work on radioisotope generators using Stirling converters (A. Schock,
RSG Options for Pluto Fast Flyby Mission, IAF-93-R.1.425b) and found that the only
gain in performance is in the need for a smaller mass of plutonium; otherwise the poser
system remains at the same mass, as well as having increased complexity and probably
shorter lifetime due to mechanical issues. The use of moving parts is inconsistent with the
extreme lifetime requirements.
Finally, we did a comprehensive survey of all potential radioisotope power-source
possibilities and cross-checked those considerations against what has been considered
recently for radioisotope sail propulsion.
6.7 Radioisotopes for Advanced RTGs and Radioisotope Sail Propulsion
R. L. McNutt, Jr.
12 April 2002
In radioisotope sail propulsion [cf. March 2001 Interim Report], a thin layer of
radioisotope material is backed by a lightweight then (~100 microns) layer of plastic (as
an example). The back layer can stop alpha particles while they are released in the
forward direction. While the alpha emission is random in direction leading to particles
emitted with velocity components transverse to the radioisotope layer, there will be a net
flux perpendicular to that layer. This gives rise to a large escape velocity for the alpha
particle “propellant.” For a typical alpha-decay “exhaust” energy of 5 MeV, the exhaust
speed is 15,475 km/s or Isp = 1.58x106 s. The average speed is smaller due to the
hemispherical emittance of the particles. With
1
1
4 ∫ cos dΩ = 4
The effective exhaust velocity and specific impulse drop by a factor of 4 to 3869 km/s
and 3.94x105 s, respectively. The problem, of course, is the mass ratio is quite small. This
is mitigated somewhat if the product of the decay is itself and alpha emitter and if one
can jettitson the “spent” fuel at some point. The latter can occur naturally if one of the
decay chain products is radon that then boils off the sail (the sail remains thermally hot
due to the deposition of the backwards moving alphas into the plastic). To the extent that
beta particles and gamma rays are emitted in the decay chains, there are undesirable
effects: these pass through the foil backing with no net deposition of impulse but can do
damage to any superstructure or electronics in the vehicle proper.
Hence the characteristics desired for such a sail are similar to those required for an RTG:
“clean” alpha-particle emission, decay chains that can “keep going” due to alpha decay of
daughter products, and the undesirability of beta particles and gamma rays that thermally
“short out” the power-producing thermoelectric generators (these work due to the welldefined thin layer of energy deposition of the alphas – the same mechanism that stops the
backward going alphas in the sail plastic layer enabling net momentum transfer to the
sail).
For radioisotope sail propulsion, the decay chain proposed by Short and Sabin is
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Bi 

Po → Pb[stable]

→ Ra → Rn → Po→ Pb
Th(RdTh)
−→
− →
6.4 Mev
224

228

220

216

212

212

212

208

1/2 =1.9 yr

Forward noted that one could do better with longer lived isotopes: Po-209 (halflife of 103
yr), U-232 (halflife of 72 year), or Pu-238 (halflife of 86 year). He also notes that if one
starts with U-232, the first decay product is Th-228 given in Short and Sabine’s chain.
His numbers (with decay constants – 1/e folding times – rather than half lives) are:
→212Bi 
→212 Po 

→228Th
U 

→224 Ra 

→220 Rn(gas)

→216 Po 

→212Pb 

→208Pb[stable]
2.25MeV −
8.78 MeV
5.42Mev
5.22 MeV
5.68MeV
6.29 MeV
6.78 MeV
0.34 MeV −

232

104yr

2.8yr

5day

80sec

0.2sec

15hr

85min

0.4 s

He finds a terminal speed (for a bare sail) of ~210 km/s after 104 years. Here the radon
daughter has the advangtage that it can boil off the surface as it is made (boiling point is
–61.8°C and should easily be exceeded by the heat from the deposition of alpha particles
in the plastic backing). This behavior is exactly what is NOT wanted in an RTG which
already has to take into account pressure buildup due to helium production from alpha
decay.
One can also investigate precursors to U-232. We find
240
Cm →236 Pu 
→232U →...
26.8 day

2.85yr

72 yr

For a power source, one would like to control the chemistry of any and all products. This
suggests that a better solution is to pick an initial fuel that decays to a very long-lived
daughter product. The tradeoff is that the power obtainable from the daughter will be
negligible. Known examples involving alpha decay are:
Pu 

→234U(UII) 

→ ...
5.5MeV
4.7 MeV

238

1/2

= 87.74 yr

244,000 yr

Am 
→ 237Np 
→ ...
5.5MeV
4.7MeV

241

1/2

= 432yr

2,140,000yr

Gd 

→144 Sm(stable)
3.2MeV

148

~93yr

1/2

Po 
→205 Pb 

→...
4.9MeV
1.4 ×107 yr

209

1/2

=102 yr

Pu 
→236U 
→ ...
5.1MeV
4.5MeV

240

1/2

= 6537yr

2.342 ×10 7 yr

Cm 
→242 Pu 
→ ...
5.3 MeV
4.9MeV

246

1/2

= 4730yr

3.76×10 5 yr

Cf 
→245Cm 

→ ...
5.8 MeV
5.4 MeV

249

1/2

= 351yr

8.5×10 3 yr

Cf 

→247 Cm 

→...
5.6,5.8,6.0MeV
4.8,5.3 MeV

251

1/2 = 900 yr

1.56×107 yr
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In our own exhaustive study of sail and RTG isotope possibilities, we used the 12th
edition of the Chart of the Nuclides [Walker et al., 1977]. While older, most of any new
information centers on heavier isotopes with shorter half lives (http://www2.bnl.gov/ton).
What had been thought to be possible islands of stability of superheavy elements has not
panned out (the isotope of element 114 with 184 neutrons – atomic weight of 298 – and
hence doubly closed shells has not yet been discovered, but elements in its vicinity
discovered to date - up to 112 - do not have long half lives). A survey of all nuclides with
half lives in the range of 10 to 10,000 years yielded 50 entries (as compared with 279
stable or naturally occurring nuclides in the table out of 2004 radionuclides and 423
isomers). Of these 50 there are 14 alpha-particle emitters with half lives >70 years and
less than 10,000 years that could be candidates for RTG sources. As a sidebar, the
introduction in the 1977 chart noted that for radioisotope power generation, one needed a
half life of greater than 100 days for longevity and less than 100 years for a reasonable
power density (>0.1 W/g). Radioisotopes with significant penetrating gamma radiation
were rejected due to the need for massive shielding. Their 14 candidates identified were:
H-3 12.33 years beta minus
0.26 W/g
Co-60 5.27 years
beta minus
17.7 W/g
Kr-85 10.72 years beta minus
0.623 W/g
Sr-90 29 years
beta minus
0.93 W/g
Ru-106
368 days
beta minus
33.1 W/g
Cs-137
30.17 years beta minus
0.42 W/g
Ce-144
284.4 days
beta minus
25.6 W/g
Pm-147
2.6234 years beta minus
0.33 W/g
Tm-170
129 days
beta minus
13.2 W/g
Po-210
138.38 days beta minus
144 W/g
Pu-238
87.74 years alpha
0.56 W/g
Am-241
432 years
alpha
0.11 W/g
Cm-242
162.8 days
alpha
120 W/g
Cm-244
18.11 years alpha
2.84 W/g
We note that U-232 is NOT on this list; it puts out about 20 times as many gamma rays as
Pu-238, and the gammas have higher energies (~130 keV versus ~40 keV for the intense
lines).
In the above list H-3 and Kr-85 are gases at S.T.P. and so hard to package. Half-lives less
than 10 years are also problematic, given fabrication, packaging, and typical flight times
– that eliminates Co-60, Ru-106, Ce-144, Pm-147, Tm-170, and Po-210. This leaves Sr90 (beta emitter), Cs-137 (beta emitter) and the four alpha emitters, a total of six
candidates with half lives of 18 to 432 years.
The 14 candidates we identified did not include Gd-148, Th-228, or Cm-240; adding
those makes 17. So these 17 chains include those that start the 11 chains given explicitly
above, as well as those beginning with
Ra-226
Th-229
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Am-242
Am-243
Cm-245
Bk-247
For completeness these 6 chains are:
247
Bk 

→243Am 
→239 Np 
→239Pu 
→...
5.5,5.7 MeV
5.4 MeV
0.4MeV −
5.1MeV
1/2

=1400yr

7380yr

2.350 days

24,110 yr

(Bk-247 and Am-243)
→ Pu 
→ Pa
→ Th

→
Cm 

→ Am
→ ... Bi 
→ Np

→ U 

→ Ra 
0.021MeV −
0.26MeV
4.8,4.9 MeV
5.4 MeV
5.4MeV
3.07 MeV
4.8 MeV
4.8 MeV
0.32MeV −
241

245

1/2

= 8500yr

241

14.7 yr

233

237

2.14× 106 yr

7380yr

229

233

27.0 days

1.592×10 5 yr

205

209

225

7340 yr

14.8days

>2×1018 yr

(Cm-245 and Th-229)

→218 Po
→214 Pb
→210 Pb 
→214 Bi
→214Po 

→...206 Pb(stable)
→222Rn 
Ra 
6.0 MeV
0.69 MeV −
0.017MeV −
3.28 MeV −
7.7MeV
5.5MeV
4.8MeV

226

1/2

=1600yr

3.824 days

3.05min

26.8min

19.8min

163.7 s

22.3yr

(Ra-226)
Am-242 mostly undergoes and isomeric transition to its short lived isomer that decays by
beta emission. Preparation of the long-lived isomer in quantity is problematic and we
drop it as an option.
For Ra-226, 5.5% of the alpha decays go to an excited state with the emission of a 186
keV gamma-ray, yielding a large energetic gamma-ray production rate.
The initial power output can be calculated as
ln2 N A
P=E
A
1/2

Isotope
1
2
3
4
5
6
7
8
9
10
11
12
13
14

Atomic
weight

Alpha energy
(MeV)

Half life
(years)

P/
(Watt/gram)

U-232
Pu-238
Po-209
Am-242
Cf-249
Am-241
Cf-251
Bk-247
Ra-226
Cm-246
Pu-240
Th-229
Am-243
Cm-245

232
238
209
242
249
241
251
247
226
246
240
229
243
245

5.3
5.5
4.88
5.2
5.8
5.4
5.8
5.7
4.78
5.3
5.1
4.8
5.2
5.3

72
87.74
102
152
351
432
900
1400
1600
4730
6537
7340
7380
8500

Gd-148

148

3.1828

93

0.6729
0.5586
0.4855
0.2998
0.1407
0.1100
0.0545
0.0350
0.0280
0.0097
0.0069
0.0061
0.0061
0.0054

Notes
Large gamma-ray background
Decays to U-234; long halflife
Decays to Pb-205; long halflife
Isomeric transition to short-lived state
Decays to Np-237; long halflife
Decays to Cm-247; long halflife
Large gamma-ray background
Decays to Pu-242; long halflife
Decays to U-236; long halflife
Decay product of Bk-247
Decay product of Cf-249

0.4904 Decays to Sm-144 (stable); NO gammas
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There has been a suggestion of other radioisotopes for advanced RTGs as well. These
include:
Fm-257
Es-252
Cf-252
Cf-248
Bk-249
Cm-246
Cm-245
Cm-244
Cm-243
Cm-242
Am-243
Pu-241
Pu-240
Pu-238
Pu-236
U-232
Th-229
Ac-227
Ra-228
Ra-226
Po-210
Po-209
Po-208
Pb-210
Tl-204
Gd-148
Sr-90
Si-32

257
252
252
248
249
246
245
244
243
242
243
241
240
238
236
232
229
227
228
226
210
209
208
210
204
148
90
32

Tm-170
Pm-147
Ce-144
Cs-137
Ru-106
Kr-85
Co-60
H-3

170
147
144
137
106
85
60
3

6.519
6.6
6.1
6.2
0.124

0.275
1.29
2.64
0.914
0.876

195.6268
43.0593
19.4464
58.0106
1.2057

5.8
5.7
6.1

18.11
28.5
0.446

2.7838
1.7456
119.8651

0.021

14.7

0.0126

5.7

2.85

17.9734

0.044
0.039

21.773
5.75

0.0189
0.0631

5.3

0.379

141.2312

5.1
0.017
0.7634

2.898
22.3
3.77

17.9441
0.0077
2.1052

0.546
0.21

29
280

0.4437
0.0497

0.964
0.225
0.316
0.512
0.0394
0.687
0.318
0.01861

0.353
2.6234
0.779
30.17
1.008
10.72
5.27
12.33

34.0696
1.2374
5.9745
0.2627
0.7821
1.5990
2.1329
1.0670

Decays to Cf-253 to Es-253 to Bk-249
Decays to Bk-248 to Cf-248
Decays to Cm-248 (339,000 yr half life)
Decays to Cm-244
beta emitter; decay to Cf-249
See above
See above
Decays to Pu-240
Decays to Pu-239
Decays to Pu-238
See above
beta emitter; decay to Am-241
See above
See above
Decays to U-232 and its chain
See above
See above
beta emitter; decay to Th-227
beta emitter; decay to Ac-228 to Th-228
See above
Decays to Pb-206 (stable)
See above
Decays to Pb-204 (stable)
beta emitter; decay to Bi-210
beta emitter; decay to Pb-204
See above
beta emitter; decay to Y-90 to Zr-90 (stable)
beta emitter; decay to P-32 to S-32 (stable)
beta
beta
beta
beta
beta
beta
beta
beta

emitter;
emitter;
emitter;
emitter;
emitter;
emitter;
emitter;
emitter;

decay
decay
decay
decay
decay
decay
decay
decay

to
to
to
to
to
to
to
to

Yb-170 (stable)
Sm-147 (stable)
Pr-144 to Nd-144 (stable)
Ba-137 (stable)
Rh-106 to Pd-106
Rb-85 (stable)
Ni-60 (stable)
He-3 (stable)

2.84 W/g
120 W/g

144 W/g

0.93 W/g

13.2 W/g
0.33 W/g
25.6 W/g
0.42 W/g
33.1 W/g
0.623 W/g
17.7 W/g
0.26 W/g

Calculations for beta emitters do not take into account range of beta-particles energies and can only be considered indicative
Entries for beta power from the Chart of the Nuclides should be taken as the correct values

All of the “new” materials decay to previously discussed radioisotopes and are all
relatively short-lived. The only exceptions are Gd-148 and Si-32.
In looking for “clean” radioisotopes that are not beta emitters (due to coupling issues with
the RTG converters) and have half lives greater than ~50 years, U-232 and Po-209 can be
ruled out due to high gamma backgrounds. There are problems with manufacture of the
isomeric state of Am-242 (that has also been discussed as a fission reactor fuel). Gd-148
is a cleaner fuel than Pu-238, and presumably not potentially fissile, but, again, the
supply is questionable.
For long-lived radioisotopes, the next choice after Pu-238 for a longer-term power supply
is Am-241. This material is used in smoke detectors and is present in spent power reactor
fuel rods. How much of a “clean” supply i8s available is not known.
For an even longer-lived power supply, initial mixing om Am-243 with Am-241 or an
initial loading of Bk-247 (that decays to Am-243) would extend the power source
lifetime, albeit at a low level, to over 10,000 years. For operation of up to 1000 years,
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Am-241 suffices and is likely easier to procure in bulk than any of the competeing
californium isotopes.
While there is some interest in long-term power production via daughter chains, these
appear to produce more power in the long term at the expense of the production of
energetic gamma-rays and beta particles that cannot necessarily be utilized for power
production.
References
Forward, R. L., Radioisotope sails for deep space propulsion and power, J. Brit. Int. Soc., 49, 147-149,
1996.
Short, W. and C. Sabin, A radioisotope propulsion system, J. Brit. Int. Soc., 17, 453-458, 1959-60.
Walker, W., G. J. Kirouac, and F. M. Rourke, Chart of the Nuclides, 12th ed., Knolls Atomic Power
Laboratory, Schenectady, NY, 1977.

7.0 Thermal and Mechanical
After documenting the first consistent design in the March 2001 Interim Report, a
new iteration of thermal designs was begun based upon accommodation of the volume
required for ~400 kg of LH2 (liquid hydrogen) to be used for the perihelion burn.
Problems in trying to increase the mass ratio continued. Mass at launch is dominated by
thermal insulation in the thermal shield and in the cryostat/propellant tank. For realistic
masses, a Delta III does not suffice, and we began looking at a self-consistent design with
an Atlas V or a Delta IV. Although we held out some hope of returning to a smaller
launch vehicle, as we had originally proposed, this was not possible.
In June of 2001 we proceeded with a systems trade using realistic mass estimates for
the tankage, structure, and thermal protection system as a function of expendable launch
vehicle and perihelion distance (4 and 3 solar radii from the surface of the Sun). With
numbers now available for tankage masses required and thermal protection mass, it it
became obvious that the Delta III is not sufficient. We have also gone away from the
incorporation of an additional “integrated” upper stage to use during the launch profile
due to packaging and complexity issues.
To provide for adequate mass margins, we considered the Atlas V 541, Atlas V 551,
and Delta 4050H, i.e. the largest projected available launch vehicles available during the
next decade. Lockheed Martin ATD report numbers were used to size and scale the
cryostat for LH2 propellant. Thiokol analysis was used to size specific impulse for both
LH2 (cryogenic) and ammonia (non-cryogenic) systems.
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7.1 Propulsion System Parametric Study
7/27/01
R. L. McNutt

7.1.1 Introduction and Background
Work to date on the Realistic Interstellar Probe has shown that the majority of mass in the initial vehicle is
associated with the thermal protection system and perihelion propulsion system. The situation is not unlike
the case of the solar sail where the propulsion system (the sail) and its associated control lines, rip stops,
deployment mechanisms and carrying canister occupy most of the mass. In chemical propulsion systems,
associated propulsion system mass is not a large driver as tankage. plumbing, nozzles, and pump systems
have a small mass compared to the mass of the propellant (fuel or fuel and oxidizer) itself. For any nonchemical (“advanced”) propulsion system this is not the case; consideration has to include the system
impact of all masses associated with the propulsion system. For example:
(1) Nuclear thermal propulsion (NTP): Reactor (mass for criticality – solid, liquid, or gas core and
consequent thermal and pressure control), control assembly, shielding mass, fuel-burnup management
(2) Nuclear electric propulsion (NEP): Same as above - plus thermoelectric converter, power processing
units (PPUs), radiator mass, and engine mass
(3) Solar thermal propulsion (STP): concentrators (Earth orbit); thermal protection system (near Sun use –
the case here)
(4) Nuclear pulse propulsion (NPP): criticality/initiation (critical mass or anti-matter catalysis), momentum
management
(5) Fusion propulsion (concept): burn initiation (anti-matter catalysis, laser or particle-beam compression),
magnetic containment (structure, windings, power supply and management)
(6) Radiosiotope sail (RIS): deployment, thrust directionality, thermal management
(7) Fission fragment propulsion (FFP): criticality, shielding, thermal management
For all of these concepts, maximum performance is nominally achieved by using low atomic mass
propellant as operating temperatures are limited by the physics of the materials required to build the engine
plant. Recall that the two figures of merit for any propulsion system are the specific impulse (essentially the
exhaust speed – proportional to the temperature-to-mass ratio of the expelled material) and the specific
power alpha (power-to-mass ratio that is achieved by the propulsion system).
For electric systems that are inherently low-thrust but without thermal limits in the propellant ionization
processs, typically high-mass propellant and efficient ionization must be considered. For NEP systems,
these considerations initially drove engine designers to focus on mercury and cesium, both of which can be
keep liquid to flow and are easily ionized. Reactivity and handling are issues, however, and a better choice
(used, e.g. on DS-1) is xenon, stored as a gas in high-pressure tanks. Other noble gases can conceivably be
used to decrease the atomic mass, but all of these typically need cryogenic storage, with less parasitic
thermal loss the lower the atomic mass (for krypton, argon, neon, and helium).
To maximize specific impulse in high-thrust systems, low atomic mass is a near requirement, and most
conceptual systems have focused on hydrogen. Hydrogen’s low critical temperature (the temperature above
which a gas cannot be liquified at any pressure) and the need for mass for thrust have driven all concepts to
storage of hydrogen as a liquid (LH2). A slight advantage in decreased storage volume can be obtained
with storage as a solid (hydrogen, unlike water, expands as it melts), but LH2’s low liquid density ~77 kg
m-3 means that tank sizes (and masses) end up being large.
Parametric studies of high-thrust NTP systems were carried out by Bussard and DeLaurer [1965]. They
considered a range of low-atomic-weight hydrogenous materials including LH2, methane, ammonia, water.
Liquid hydrogen has by far the best properties as a propellant. Ammonia offers the advantage of near-room
temperature storage (and hence has been a propellant of choice for NEP architectures using arcjets
[Deininger and Vondra, 1988]). Methane has only marginally better performance than ammonia and is also
a mild cryogen, having some of the same storage issues as LH2. All of these materials also offer additional
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potential advantage if the pressure can be kept low enough that recombination of atomic hydrogen in the
exhaust is minimized [Powell et al., 1999].

7.1.2 Parametric System Trade Study
As part of this NIAC project tradeoffs for the use of LH2, methane, and ammonia in the context of an STP
system have been conducted [Lyman et al., 2001]. As another part of this work, a study has been
condducted of mass and other storage issues associated with deep-space long-term storage of hydrogen in a
cryogenic state [D. Reed, private comm., April 2001].
To make trades at the system level, I have used these inputs, long with thermal constraints and some fairly
optimistic assumptions, to make a first-cut at a full system and its performance. To compare cryogenic and
non-cryogenic systems, a comparison has been made assuming liquid ammonia and liquid hydrogen as
possible propellants. A cryostat is assumed to be necessary for the hydrogen and a simple, roomtemperature, titanium tank for ammonia.

7.1.3 Assumptions
For both concepts, the probe is assumed to have a mass of 50 kg, and the overall spacecraft has been sized
for the following launch vehicles: Atlas V 541, Atlas V 551, and Delta IV 4050H each with a Star 48B
upper stage; corresponding maximum launch masses are: 773.6, 942.2, and 1129 kg, respectively. In each
case a C3 of 117.6 km2/s2 is assumed (for the nominal Epsilon Eridani target launch on July 12, 2011).
Other assumptions include:
Isp evaluated at 69 kPa (10 psia) exhaust, 3300K (3027°C) is 1336s for hydrogen and 634s for ammonia;
use solid rocket case at 290s as well.
Temperature of primary shield scaled from 2691°C at 4 RS; sT4 scales as r2, so 3300K corresponds to
4[(2691+273)/3300]2 = 3.23 RS
Vesc = DV1/2 35.147 /rP1/4; use rP = 3.23 RS; Vesc (AU/yr) = 5.531 (DV [km/s])1/2
Propellant mass calculated from Isp, DV, and maximum launch mass
Cryostat Mass (LH2 case) (dry - but with vacuum shield) = 89.17 + 0.45 x propellant mass; scaled from
case of graphite epoxy at 74 psi
Thermal shield mass (LH2 case) = 125.82 (propellant mass/400kg)2/3
Tank mass for non-cryogenic liquid (ammonia) case = Scaled tankage mass of 0.0578 x propellant mass
Casing and structure mass for solid rocket motor assumed 7% of total; 0.07/0.93 = 0.0753 x propellant
mass
Thermal shield mass (ammonia and solid cases) = 125.82 (propellant mass/400kg)2/3 [accounts for scaling
of propellant density]
Dry mass total = 1.1 x (probe + tankage + thermal)
Maximum dry mass = Maximum lift mass – propellant mass
Margin = (maximum dry mass – dry mass)/dry mass
Hence for each of three launch vehicles, mass margin is calculated for three different propellants assuming
10% structural mass (see assumption 10 above) as a function of asymptotic escape speed (as given
approximately with assumption 3 above). The mass margin is defined such that if the required dry mass
exceeds the maximum allowable dry mass, the margin approaches negative100%. A “comfortable” mass
margin is 30%. This number is probably low as some spacecraft systems (probably including required
structure) are not necessarily included.

7.1.4 Results
The first graph shows the results for the assumptions as just stated. A solid-fuel-motor-based system may
just be able to reach an asymptotic speed of ~11.5 AU/yr. None of the systems can reach the 20 AU/yr
requirement. Perhaps, most surprisingly, the ammonia system out performs the hydrogen system (escape
speed of ~17.5 AU/yr vs ~16.3 AU/yr) due to the more massive cryostat and thermal system. N.B. the
thermal system mass scales as ~2/3 power of the propellant mass to provide a sufficiently large shadow to
protect the propellant storage system at closest approach).
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Propellant Type Trade Space LH2+cryostat, NH3, solid stage
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To test this hypothesis, the next plot (below) assumes an “advanced” (miraculous?) cryostat system that
scales as ~10% of the propellant mass rather than as 45%. The thermal mass for the associated system is
also cut in half. In this case, the 20 AU/yr asymptotic speed can be reached (just) with an adequate margin
provided with a Delta IV 4050H launch vehicle.
Propellant Type Trade Space
Advanced Cryostat Case
250
For LH2 case
Nominal cryostat mass = 89.17 x 0.10 x propellant mass
Nominal thermal mass cut in half
Delta IV 4050 H at 20 AU/yr:
m_prop = 712.7 kg
m_cryostat = 160.4 kg
m_thermal = 92.5 kg
m_dry (total) = 333.2 kg
m_max available = 416.3 kg
mass margin = 29.53%
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Finally, the third plot (below) shows the thermal mass for the ammonia system halved as well.
Propellant Type Trade Space
Advanced Materials Case
350
For "best" LH2 case
Nominal cryostat mass = 89.17 x 0.10 x propellant mass
Nominal thermal mass cut in half
Delta IV 4050 H at 20 AU/yr:
m_prop = 712.7 kg
m_cryostat = 160.4 kg
m_thermal = 92.5 kg
m_dry (total) = 333.2 kg
m_max available = 416.3 kg
mass margin = 29.53%

For the "best" NH3 case
Nominal thermal mass cut in half
Delta IV at 17.6 AU/yr:
m_prop = 907.3 kg
m_tank = 52.4 kg
m_thermal = 54.3 kg
m_dry (total) = 172.4 kg
m_max available = 221.6 kg
mass margin = 28.55%
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This brings the ammonia case up to a capability of ~17.5 AU/yr with some margin. The point is that a
flyout speed of ~20 AU/yr may be just possible with a lot of (optimistic) assumptions including reduced
thermal shielding and cryostat mass; this can be done only with LH2. If the reductions in cryostat mass
cannot be achieved then the use of liquid ammonia gives better overall performance in spite of only having
~half the specific impulse.

7.1.5 Outstanding Technical Issues
Can a notional design for a reduced mass cryostat/propellant tank be developed for long-term LH2 storage
in deep space? Any advances here can potentially bring down the thermal design mass as well. The
assumed material for the primary thermal shield is carbon-carbon (CC) with a CC “aerogel” backing. More
properly termed carbon-bonded carbon fiber composites, these materials are actively under research at Oak
Ridge National Lab (http://www.ms.ornl.gov/sections/mpst/Cimtech/1003.html). Quoted density and
thermal conductivity are 0.21 g/cm3 and 0.06-0.08 W/m K, respectively.
(1)
Can the cryostat be effectively evacuated by applying high heat power via a recirculation loop
from the primary heat exchanger?
(2)
Can hot LH2 and/or NH3 actually be run through the notional CC heat exchanger without massive
failure due to rapid chemical reactions?
(3)
Can an appropriate rocket nozzle or nozzle assembly be designed to provide the theoretical
specific impulses used?
(4)
Can the exhaust pressure be held to low values to minimize recombination while not incurring
specific impulse losses due to a very large expansion ratio nozzle?
(5)
Can a fully consistent propellant feed system be designed such that the pressure drops throughout
the system are fully consistent while also emptying the tank in ~15 minutes at the required performance
level?
The next phase of the work aimed to find solutions (or identify show-stoppers) associated with these issues.
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7.1.6 Current Notional Spacecraft
The following figures give views of the notional spacecraft design. The spacecraft fits within a 5-m
diameter fairing on either an Atlas V or Delta IV. Structural supports are not shown. The primary and
secondary thermal shields are adequate to protect the cryostat solution (shown).

Note the folded-up primary shield to get the STP thrust vector colinear with the center of gravity of the
carrier vehicle. Also note that an oblate probe design carried between the cryostat and adaptor ring is under
consideration.
The outside envelope is 9.3 feet long by 8.13 feet diameter for the cryostat/propellant tank (the Thermal
Synthesis System - TSS - software uses English units!). (In the Pro-engineer 200 model the numbers are 8ft
(2.4m) in diameter, 9ft (2.7m) in length. The overall length of the primary shield is 17.3ft (5.3m) with a
width of 10.6ft (3.2m)). For 4 RS closest approach, the front of the primary shield hits 2600 C (~2900K)
peak temperature (assumed alpha-to-epsilon ratio = 0.85/0.55 at temperature). The primary shield area is
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3.22 meters wide by 5 meters long (16.1 m2) in area. The thermal concept works due to the thermal shield
being backed by a 1 inch thick piece of carbon-carbon aerogel (adds ~100 kg); we may be able to back this
off to 0.5 inches. The secondary shield is 1.52 meters wide by 4.78 meters long and comes in at ~1
lb/square foot (uses a low-epsilon material like titanium foil). The secondary shield reaches a maximum
temperature of ~20° C at perihelion +15 minutes, some 7.5 minutes after all thrusting. The "wings" or
"fins" to the sides of the cryostat capture ~100 kw of heat to pump into the tank to expel the hydrogen. This
is a concept and not a fleshed out design by any means! The point is that the Sun is an extended object - so
the shadow begins to wrap around the primary shield as the probe gets closer - the fins provide an effective
thermal switch concept. The design accommodates a cryostat mass of 250 kg filled with 400 kg of LH2.
For the mass of the thermal system:
Primary shield: 5.3 x 3.2 = 16.96 m2
From Thiokol trade study – use 5 mm x 5mm channels based upon 2 ply CC heat exchanger; they estimate
1.56 lbs/inch for 1730 cells (1730 x 5 mm = 8.65 m wide). Scales to 3.2235 kg/m2; for the primary shield
size here we obtain a primary shield heat exchanger mass of 3.2235 x 16.96 = 54.67 kg (about 1/3 of the
previous surface area – will affect the thermal transfer!!!).
For the CC aerogel - suppose we go to 1 cm thick (~1/2 inch). For a density of 0.21 g/cm3 (CBCF material
on ORNL website), the mass is
0.21g/cm3 x 1cm x 16.96 x (100)2 cm2 /(1000 g/kg) = 35.62 kg
è The total heat exchanger/primary shield for the LH2 is 35.62+54.67 = 90.29 kg
The secondary shield has an area of 1.52 x 4.78 = 7.27 m2; at a mass areal density of 1 lb/ft2 x 0.454 kg/lb
/(0.3048 m/ft)2 = 4.8868 kg/m2
è The secondary thermal shield for the LH2 is 35.53 kg
Total thermal system mass = 125.82 kg for a 400 kg LH2 cryostat (2.85m long x 2.48 m diameter). For
other LH2 systems, scale thermal mass as (propellant mass)2/3
For NH3, the density at a saturated vapor pressure of 247 psi is 35.84 lb/ft3 whereas the density of LH2 at
its boiling point at 1 atm is 4.37 lb/ft 3 (70 kg/m 3) – for 400 kg of NH3 we need a tank to hold 400 kg at 574
kg/m3 = 0.6969 m3. This corresponds to a tank radius of 0.55 m. Hence the area to protect via the thermal
shield can be reduced from diameter of 2.4 meters to diameter of ~1.2 m (2 x 0.55m plus margin). The
length needs to stay the same for the heat exchanger to work. But the thermal shield could in principle be a
factor of 2 narrower (need to verify sufficient thermal input) dropping the mass to 125.82/2 = 62.91 kg s the
scale factor.
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7.2 Master Equipment List
In August 2001 we began construction of a spread sheet to allow comparisons of our
NIAC Phase I subsystem numbers with where we believe we need to be. This was an
ongoing development to provide a full mass and power definition of all required
subsystems.
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7.3 Spin-stable Probe Configuration
In October 2001 we began investigating probe shapes more compatible with stable
spinning configurations. We also looked at trades between this and the original design
(that is more appropriate for spin-stabilized operation). The initial concept for the
spinning design has a triangular truss supporting the centered downlink optic with three
radioisotope power sources mounted at the points of the triangle:

We continued studying a rotationally stable configuration. We have included a more
realistic radioisotope model and are currently developing estimates of electronic boards
needs based upon a 10 cm x 10 cm form factor. The current mechanical layout has
evolved to that shown in the figure:
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In January 2002 we began detailed box design and mass estimation using ProEngineer 2000. As a initial cut, the following specifications are being used (units are
English to avoid errors):
1] Propulsion System (cold-gas guidance and control)
3 spherical titanium tanks
6 small 2-axis thrusters
2] RF Communications System (uplink and downlink checkout)
3 six-inch diameter dishes)
3 RF electronics boxes just under these dishes; each 4”x4”x2”
3] Optical Communications System
Overall system for optomechanical structure (January 2002 report)
4 optical system electronics boxes; mounted behind the main optical dish; each
10”x2”x2”
4] Attitude Measurement System
2 inertial measurement system (IMS) boxes mounted next to the optical system
boxes; each 10”x4”x4”
6 Sun sensors; 3 on each side; each 1”x1”x2”
5] Processor Clusters
12 units; placed at junctions of secondary support trusses; 6 on each side; each
2”x2”x2” with two 2” antennas
6] Instruments
All on the back side, i.e. opposite the main optical communications dish, except
for the magnetometer and plasma wave sensor
Two magnetometers – deployed from canisters set at the centers of the “sides” of
the triangular truss structure; each canister is 6” diameter x 2” tall
Plasma wave antenna – deployed from a canister on the third side; also 6”
diameter x 2” tall
One plasma spectrometer for ions and electrons – based upon the Fast Imaging
Plasma Spectrometer (FIPS) now under development as part of the Energetic
Particle and Plasma Spectrometer (EPPS) on NASA’s Discovery MESSENGER
mission to Mercury
Energetic particle spectrometer for electrons and ions – based upon the Energetic
Particle Spectrometer (EPS) now under development as part of the Energetic
Particle and Plasma Spectrometer (EPPS) on NASA’s Discovery MESSENGER
mission to Mercury; chassis length cut down by 2”
Dust experiment – same size as plasma canister but mounted on the back deck of
the probe
Lyman-alpha imager – based upon the Solar and Heliospheric Observatory
(SOHO) SWAN instrument as a first approximation
An X-ray photometer – initial cut based upon a corresponding instrument on the
Student
Nitric
Oxide
Explorer
(SNOE);
reference
is
lasp.Colorado.edu/SNOE/lib/instruments/htm
This is a first cut at the instruments. The MESSENGER EPS system is and advanced
miniaturized system for which Mr. Bruce Andrews (system engineer on this project) is
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the lead engineer (the Critical Design Review for that instrument in the MESSENGER
program is scheduled for 14 February 2002).
For initial mass estimates aluminum is baselined for radiation, grounding, and
thermal control. Other box materials are also being explored to do lightweighting while
maintaining these other required characteristics over the operational and survival
temperatures for the probe.
The propulsion system being explored for guidance and control is based upon a recent
APL NASA-sponsored advanced technology demonstration (ATD) development for a
small, low-mass, cold-nitrogen gas (GN2) blowdown system. That system is a titanium
tank with composite overwrap with four thrusters, plumbing and valves, all weighing
~5kg. The operating pressure is 3200 psi with a volume of 490 in3 and delivering a
specific impulse of ~70s. Further lightweighting initiatives are in progress; this reference
design serves as a first step. Pulsed plasma thrusters have been considered, but are
problematic due to the availability of power in deep cruise from the power system.
7.4 Mass considerations for thermal shield and propellants
R.L. McNutt, Jr.
11 January 2002
Storage of in space propellants requires either cryostats or high-pressure storage, typically at
supercritical pressure. For the three propellants considered, i.e. LH2, CH4, and NH3, we can estimate the
tankage mass as a function of the propellant mass for each of theses storage modes.
From the Lockheed-Martin study carried out previously under this effort :
Cryostat Mass (LH2 case) (dry - but with vacuum shield) = 89.17 + 0.45 x propellant mass; scaled
from case of graphite epoxy at 74 psi
For supercritical storage using extrapolated graphite overwrapped with titanium liners, we have found:
Propellants considered include the following; ratios are tank to propulsion mass
He – 1.73 for 100 kg and 1 m diameter and for 900 kg at 2.10 m diameter
Ne – 0.313 for 100 kg and 1 m diameter and for 900 kg at 2.15 m diameter
Ar – 0.148 for 100 kg and 1 m diameter and for 900 kg at 2.20 m diameter
Kr – 0.0816 for 100 kg and 1 m in diameter and for 900 kg at 2.10 m in diameter
Xe – 0.0428 for 100 kg and 1 m in diameter and for 900 kg at 2.10m in diameter
H_2 – 3.86 for 100 kg and 1 m diameter and for 900 kg at 2.30 m in diameter
CH_4 – 0.348 for 100 kg and 1 m diameter and for 900 kg at 2.05 m in diameter
NH_3 – already below critical temperature (405.55 K = 132.55 deg C)
For an actively cooled system, these ratios can drop to ~5% (i.e. 0.05) but only if a few hundred watts
of electrical power is available on board, which it is not. For storage of NH3, a tank to propellant mass ratio
of 0.05 is about correct: 0.0578 is the scaled value used in previous considerations.
So we have the three cases:
LH2 – cryostat: tank mass = 89.17 + 0.45 x propellant mass
CH4 – supercritical storage: tank mass = 0.348 x propellant mass
NH3 – subcritical storage: tank mass = 0.0578 x propellant mass
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The problem with both LH2 and NH3 is that they “burn” away the thermal shield by chemically
reacting with the carbon-carbon at the high temperatures considered. (N.B. of the noble gases He has a
lower atomic mass than CH4 but would require an even more massive cryostat than LH2; supercritical
storage is also out of the question; Ne stores better than CH4, but with a high atomic weight than the
molecular weight of CH4, it also would provide a worse solution).
The other consideration is the thermal shield mass, estimated as:
Thermal shield mass (LH2 case) = 125.82 (propellant mass/400kg)2/3
For the other propellants, the mass scales as the ratio of LH2 density to their density to the 2/3 power
(same mass of propellant at higher density requires smaller volume and hence smaller projected area – but
with increase the required mass flow rate per unit area through the thermal shield/heat exchanger).

Background on this calculation (memo of 27 July 2001):
For the mass of the thermal system:
Primary shield: 5.3 x 3.2 = 16.96 m2
From Thiokol trade study – use 5 mm x 5mm channels based upon 2 ply CC heat exchanger; they
estimate 1.56 lbs/inch for 1730 cells (1730 x 5 mm = 8.65 m wide). Scales to 3.2235 kg/m2; for the primary
shield size here we obtain a primary shield heat exchanger mass of 3.2235 x 16.96 = 54.67 kg (about 1/3 of
the previous surface area – will affect the thermal transfer!!!).
For the CC aerogel - suppose we go to 1 cm thick (~1/2 inch). For a density of 0.21 g/cm3 (CBCF
material on ORNL website), the mass is
0.21g/cm3 x 1cm x 16.96 x (100)2 cm2 /(1000 g/kg) = 35.62 kg
è The total heat exchanger/primary shield for the LH2 is 35.62+54.67 = 90.29 kg
The secondary shield has an area of 1.52 x 4.78 = 7.27 m2; at a mass areal density of 1 lb/ft2 x 0.454
kg/lb /(0.3048 m/ft)2 = 4.8868 kg/m2
è The secondary thermal shield for the LH2 is 35.53 kg
Total thermal system mass = 125.82 kg for a 400 kg LH2 cryostat (2.85m long x 2.48 m diameter). For
other LH2 systems, scale thermal mass as (propellant mass)2/3
For NH3, the density at a saturated vapor pressure of 247 psi is 35.84 lb/ft3 whereas the density of LH2
at its boiling point at 1 atm is 4.37 lb/ft3 (70 kg/m 3) – for 400 kg of NH3 we need a tank to hold 400 kg at
574 kg/m3 = 0.6969 m3. This corresponds to a tank radius of 0.55 m. Hence the area to protect via the
thermal shield can be reduced from diameter of 2.4 meters to diameter of ~1.2 m (2 x 0.55m plus margin).
The length needs to stay the same for the heat exchanger to work. But the thermal shield could in principle
be a factor of 2 narrower (need to verify sufficient thermal input) dropping the mass to 125.82/2 = 62.91 kg
s the scale factor.
Use of either LH2 or NH3 requires a liner to retard/eliminate the chemical reaction. A one micron
thick layer of tantalum carbide (TaC) has been suggested as a possible fix, although it will add mass.
Thiokol suggests it could be laid down within the channels using chemical vapor deposition (CVD)
techniques. TaC has a density of 13.9 g/cm3 and a melting point of 3880 deg C (= 4153 K), significantly
above the maximum thermal shield temperature. (Data from CRC 50th Ed., p. B-164, Weast, ed.)
For a primary shield width of 3.2 m, we can roughly estimate there are 3.2/0.005 = 640 cells (not
including the cell wall thickness of 2 plys of CC material in the calculation). This corresponds to the 1730
cells noted above. To get an areal density of the required TaC, note that per unit length of 1 m, the total cell
area is 0.005m x 1m x 4 = 0.020 m2; the required volume of TaC is then 0.020 m2 x 10-6 m = 2 x 10 -8 m3 = 2
x 10 -2 cm 3. Thus for a one meter long segment of the 3.2-m wide thermal shield, we pick up (640 cells) x
(2x10-2 cm 3) x (13.9 g/cm3) = 178 g. For a length of 5.3 m, the total additional mass is then 0.178 x 5.3 =
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0.943 kg, a small number compared with the thermal shield mass in any case and certainly small compared
with the mass hit in requiring a supercritical tank for methane storage.
Either NH3 or LH2 continues to appear to be the better solution, even with the additional mass hit (IF a
one-micron thickness is sufficient), although there will be further complexity in the fabrication and quality
assurance for the shield.

7.5 System Evolution
The laser communications system was integrated with the cold-gas attitude system
and with three radioisotope thermoelectric generators (RTGs). To spread out the waste
heat from the RTGs, provide electrical grounding, insure heat dissipation for the various
boxes, and minimize the mass, beryllium was looked at for the structural material for the
entire probe. To get “buy in” from the engineering team, cost has been excluded from
consideration in the probe manufacture.
Using the updated numbers for a thermal shield (see the next mini-study below), we
updated the spreadsheet used for the trades reported in the July 2001 Progress Report.
Updated numbers for the shield mass and probe mass were significantly larger than
before, cutting into overall performance. At the same time, it is believed that these newer
number reflect better what can actually be built. In all cases a flyout speed of 15 AU/year
was barely reachable, and for a variety of assumptions, the best performance continues to
be shown with ammonia for a propellant and using a Delta IVH launch vehicle. We also
considered moving the perihelion point closer to the Sun. This drives up the operating
temperature while also giving better performance by maneuvering deeper within the
Sun’s gravity well. Simple scalings suggest operating within 3.5 solar radii of the Sun’s
center is desirable. Closer approach does mean a smaller shadow behind the shield, so
there are packing issues as well.
We have once again returned to solar thermal propulsion as the best technical
solution. However, it is clear that chemical reactions prevent the use of uncoated carboncarbon in the portion of the heat exchanger in contact with the propellant (either
hydrogen or ammonia). Some protection is required, and a survey of high-temperature
materials used in NERVA and in rocket nozzles, clearly points to carbides, notably
tantalum carbide (TaC) and hafnium carbide (HfC), the latter having the highest melting
temperature of any known binary compound (3890°C) and exceeding the melting point of
tungsten the element with the highest melting point (3410°C).
Some of these problems were discussed in a paper from 15 years ago discussing the
problems inherent in solar thermal propulsion (J. M. Shoji, et al., Solar Thermal Rocket
Design and Fabrication, CPIA Publication 425, Vol. 1, 1985). The key process identified
was the construction of large pieces of tubing from chemical vapor deposition (CVD) of
rhenium (Re) metal. Rhenium has the second highest melting point of any element save
tungsten (3180°C) and rhenium has been successfully deposited on carbon-carbon by
Ultramet, a company working on high-temperature rocket nozzles for some time
(http://www.ultramet.com). They have also developed a high-temperature coating to
carbon-carbon of HfC and silicon carbide (SiC) in alternating layers in order to surmount
the CTE problem. This material has successfully withstood temperatures of 2480°C for
short periods of time. Reaching the higher temperatures desired for the probe thermal
shield rules out the use of SiC due to its melting point (2700°C). However, for the probe

53

10/14/03

NIAC 7600-039 FINAL REPORT

only one cycle of heating is required to withstand the cracking and the use of some
layering technique using HfC may be possible. A contact with Ultramet verified that
CVD of rhenium on carbon-carbon is possible; the Re forms a liner that is free to move
during heating so that no cracking occurs. Current problems involve how thin a Re layer
can be put down. We determined that a 5 micron layer of Re on carbon-carbon has
minimal mass impact on the shield. Ultramet has verified the compatibility of Re and
HfC with hydrogen up to the melting points. For more details see the mini-study below.
7.6 Materials Concerns for the Solar Thermal Engine
26 March 2002
R. L. McNutt, Jr.
Chemical kinetics runs using carbon as “fuel” and a variety of materials as “oxidizers”
(hydrogen, methane, ammonia, diborane, hydrazine) have verified the total erosion of the
carbon-carbon thermal shield by these materials at the desired high operating
temperatures. The runs were made by R. Lyman of ATK Thiokol using the Langely (now
Glenn) Research Center code. The high temperatures are required in order to reach the
high Isp regime needed for the mission and are comparable to those aimed for, and
achieved, in nuclear thermal rocket (NTR) research. In the latter case, the neutron
absorption and scattering properties of all materials in the core are of a concern, and this
led early on to a fairly comprehensive study of possible materials. Much of this research
was classified or “forgotten” following the NTR program shutdown in 1972. In addition,
many of the proposed concepts had large price tags attached due to the neutronics issues.
Rom [1959], writing just after the successful Kiwi-A tests, noted that the approach was to
use hydrogen as the working fluid and “The melting points of the solid materials that
must contain the fissioning uranium determine the maximum operating temperature of
the propulsion system. The most refractory materials are the carbides of hafnium and
tantalum, which melt at about 7000 F. With this melting-point limit in a solid element
reactor, perhaps a temperature of about 6000 F can be produced in hydrogen gas. Specific
impulse would then be about 1200 to 1500 sec.” He goes on to note the further increases
in specifc impulse that could be obtained as the temperature is raised and proceeds
though liquid- and gaseous-core nuclear reactors. He further notes that for a solid-core
NTR graphite, e.g. carbon, is the reactor material of choice due to “its well-known hightemperature properties, availability, and ability to moderate neutrons” and was suggersted
for the reactor in all of the very early papers on nuclear rockets. However, he goes on to
note “Graphite, however, is seriously limited by the chemical corrosion of hydrogen. To
use graphite at its full temperature capability, hydrogen-resistant coatings on the graphite,
or corrosion inhibitors mixed with the hydrogen must be used. Coatings are a difficult
problem with graphite, especially if the reactor is to be temperature cycled, since graphite
has a very low expansion coefficient compared with any likely coating material. On the
other hand, inhibitors added to the hydrogen will increase the average molecular weight
of the working fluid and therefore reduce specific impulse.”
Rom goes on to note that tungsten has the highest melting point of any metal at 6100 F
and “is resistant to corrosion by hydrogen up to the melting point” and could lead to the
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operation of fuel elements at up to 5000 F if “a uranium compound, such as uranium
dioxide, can be retained in the fuel elements at this temperature.” Neutonics problems
with tungsten include its lack of moderating capability as compared with graphite and its
strong neutron capture cross sections, unless one uses W-184. This isotope is 30.6 % of
naturally occurring tungsten and has low capture cross section and one small resonance
(all according to Rom [1959]). He notes that in designs using tungsten, beryllium oxide
is the moderator of choice due to it having “the highest operating temperature of any
good moderating material and is also compatible with hydrogen.” He concludes “The
design is rather conventional in principle, in that the fuel element, control rods, and
moderator arrangements are rather standard. The key problems appear to be the
production of tungsten-184, the containment of a uranium compound in tungsten, and the
remote and automatic control of a reactor which operates over a temperature range of
–400 to 5000 F.”
Rom [1959] continues “To obtain the ultimate performance from a solid-fuel-element
nuclear-rocket reactor, ceramics such as the carbides of hafnium and tantalum should be
used because they have the highest melting points – near 7000 F – of known materials.
Both tantalum carbide and hafnium carbide are compatible with hydrogen up to their
melting points.” He goes on to note that tantalum has the problem of having a thermal
absorption cross section for neutrons similar to that of naturally-occurring tungsten and
no stable isotope similar to tungsten-184. Hafnium-180 has a thermal neutron absorption
cross section about 2/3 that of naturally occurring tungsten and itself accounts for 35.44
per cent of naturally-occurring hafnium. A concept is given that could get the hydrogen
to 6000 F using a two-stage heating process using both tungsten-184 and hafnium
carbide.
For solar thermal rocket (STR) propulsion, the neutronics characteristics of the materials
is not an issue for the action of the engine (if anything, the ability to absorb neutrons may
be some small advantage in operations close to the Sun where the solar neutron spectrum
and quantity remain unknown).
From the Goodfellow web site:
Hafnium carbide (HfC)
12.2 g cm-3
Tantalum carbide (TaC)
13.9 g cm-3
Tantalum hafnium carbide) (Ta4HfC5)

M.P. ~3890K 99.0% purity 100g $1160.00
M.P. 3880K
100g $566.00
99.0% purity 100g $954.00

From Gunn [1992], ammonia was selected initially by the Los Alamos Scientific
Laboratory (LASL) for the working fluid of choice for the KIWI 1 reactors and nitrogen
by the Lawrence Livermore Laboratory for the Tory reactors with graphite chosen for the
reactor matrix to withstand high temperatures, contain the fissioning uranium, and
moderate the fission neutrons. Rocketdyne provided a design for a high performance
liquid hydrogen pump that led to the baselining of hydrogen as the working fluid in order
to maximize the specific impulse. The engines developed were used to derive the Saturn
J-2 LH2 engines used in the Apollo program. In 1957, the Atomic Energy Commission,
decided to focus on the LASL KIWI reactor, part of the Rover program, and the switch
was made from ammonia to hydrogen as the propellant of choice.
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Initial KIWI A tests showed that fuel elements in the reactor could heat hydrogen to
4000°R. Following the KIWI B-4E full power test (on September 10, 1964), Saturn
development had matured to the point that nuclear engines were seen as not needed in the
Apollo program. With an eye on advanced planetary missions, including manned Mars
missions, Los Alamos initiated the Phoebus reactor program with a Rover program goal
of 5000 MW for a propulsion reactor (the SIC – first stage of a Saturn V – used five F-1
engines, each running at ~8400 MW; the SII – second stage of a Saturn V – used five J-2
engines, burning LOX and LH2, at about 2100 MW per engine). The Phoebus 1B reactor
operated for 30 minutes at 73,000 lb thrust on February 23, 1967 and the Phoebus 2A
reactor operated at a power output of 4200 MW (equivalent of 210,000 lb thrust) on June
26, 1968. Subsequent tests with the Pewee reactor culminated with core exit-gas
temperatures of ~5760°R. These tests used both graphite and carbide composite and allcarbide fuel elements.
General principles regarding materials investigations for NTRs are found in Durham and Orndoff [1961].
In Table 21.2 properties are given for various fuel element, moderator are reflector materials including:

Material

M.P. (°R)

ρ (g cm-3)

T(°R) CTE (10-6/°F) κ (BTU/hr ft °F)

C

7000

1.65-1.85

5000

4.5-7

7-30 (grain orien.)

W
TaC
ZrC
BeO

6600
7450
6250
5050

19.1
14.5
6.8
2.7

5000
500
500
2700

-4.5
12
--

20
--8.5

High-temperature properties of materials are highlighted as a significant issue. The article
lists data for reactors based upon U-235, U-233, and Pu-239 and notes on p.21-11:
“Minimum-weight reactors are obtained with the latter two isotopes, but their greater cost
and handling difficulty due to high radioactivity may limit their usefulness.” Analyses
have been carried out for representative reactor engines under the Space Nuclear Thermal
Propulsion (STNP) program (originally classified as “Timberwind” and run by the
Strategic
Defense
Inmitiative
Organization
(SDIO),
see
http://www.fas.org/nuke/space/c08tw_1.htm and Blevins et al. [2001]) that indicate better
mass performance for U-233 rather than U-235 with even better performance by using
BeH2 as the moderator (Powell et al., 2001). However, BeH2 decomposes/melts at 250°C,
and so the maintenance of the moderator to high temperatures may be problematic; the
baseline reactor uses lithium hydride that melts at 689°C (graphite, beryllium, and
beryllium were the high-temperature materials suggested as moderators some 40 years
ago [Durham and Orndoff, 1961]).
It is interesting to note that solar thermal propulsion (STP) was also considered as an
advanced propulsion technique in the early 1960s as well [Ehricke, 1961]. At that time,
the so-called “solar-heat-exchanger drive” was mentioned in passing, based upon a
tungsten converter and hydrogen as the working fluid. The estimated maximum
exchanger temperature was 2500K with a maximum specific impulse of ~700s. It was
noted that only hydrogen could give a specific impulse in such a system that was high
enough to make such a system worth pursuing.
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Ultimately, the failure temperatures of refractory materials limits the specific impulse that
can be achieved in NTP – or STP – systems, an upper limit set by heating hydrogen to
~3000K [Shepherd, 1999].
A survey of refractory materials [Weast, 1970], shows the most refractory bi-element
materials typically to be carbides:
Material
M.P. (°C)
Density (g cm-3)
HfC
3890
12.7
TaC
3880
14.5
NbC
3500
7.85
HfN
3310
-ThO2
3300
9.69
TiC
3160
4.938
HfB2
3100
10.5
Ta2N
3090
14.1
ZrB2
3040
6.09
ZrC
3030
6.44
TaB2
3000
12.6
And with significantly lower melting points for refractory compounds containing
uranium:
UN
2650
14.32
UC
2450-2500
13.6
UO2
2280
10.96
UB12
>1500
5.82
It is worth noting that the Timberwind approach using a particle bed reactor (PBR) used
UC2 fuel kernels coated with graphite and a zirconium carbide outer shell [Blevins et al.,
2001], the same approach to fuel considered in a NERVA followon study
(http://www.fas.org/nuke/space/c04rover.htm).
From that reference: the early KIWI tests used UO2 fuel pellets and channels coated with
NbC to try to mitigate hot hydrogen burn through. The KIWI B4E was the first to use
UC2 in place of UO2 with a 25 micron coating of pyrolytic graphite to exclude water
vapor and avoid oxidation of the fuel. The Phoebus 2A test was run for 12.5 minutes at
2310K with niobium carbide on the fuel elements. This was replaced with zirconium
carbide on some fuel elements in PEWEE that produced 503 MW at 2550K. The nuclear
furnace series of reactors was built under the NERVA program specifically to investigate
high-temperature nuclear testing of fuel elements. These tests apparently demonstrated
that the most important consideration in reducing cracking in the fuel assemblies was by
reducing the mismatch in the coefficients of thermal expansion between the fuel and the
coating. The issue of fuel corrosion was the biggest problem encountered; the main
problem was the loss of uranium fuel from the containment matrix via both cracking and
diffusion.
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The use of HfC and TaC in NTP engines are were considered past the state of the art in
1991
and
in
need
of
significant
development
work
(http://www.fas.org/nuke/space/c07sei_2.htm). For use in NTP applications, containment
of the uranium at high temperatures for “long” times is an outstanding problem. Carbide
fuels offer promise of higher temperatures but only if uranium mole fractions of less than
10% are maintained [Knight and Anghaie, 2001]. A variety of reports on light weight
nuclear reactors for space applications and high temperature materials were generated at
Los Alamos but are no longer generally available (links under
http://www.fas.org/nuke/space/links.htm are no longer operative).
For the STP application, neutronics considerations are not applicable. Compatibility of
hydrogen (and ammonia) hydrogen at high temperatures would appear to be mitigated by
the coating of the carbon-carbon heat exchanger with an appropriate carbide. The use of
tungsten for the heat exchanger unit eliminates the use of coatings but at the expense of
an untenable system weight. The key technical questions are how thick the coatings
would have to be for a nominal 15-minute exposure to the working fluid and how
significant a problem is the coefficient of thermal expansion (CTE) mismatch between
the coating and the stress-bearing carbon-carbon heat exchanger. Sublimation of carbon
is significant above 3550°C, so the use of HfC (melts at 3890°C), TaC (melts at 3880°C),
ZrC (melts at 3540°C), or NbC (melts at 3500°C) (http://www.ultramet.com/carbide.htm)
can be selected on other than simple melting criteria. All of these can be prepared by
chemical vapor deposition (CVD) of the material at about 1/3 of their melting point, but
care must be taken to do this in an oxygen-free atmosphere to prevent formation of the
oxides [e.g. Shimada et al., 1997]. Of these materials ZrC has the lowest density (6.59 g
cm-3) and best CTE match to that of carbon (7.3 ppm/°C for ZrC versus 10.0 for C). The
CTEs quoted for HfC and TaC are 6.8 and 6.6 ppm/°C, respectively, with densities about
twice that of ZrC (12.70 and 14.50 g cm-3). IF all of these materials are equally resistant
to hot hydrogen and/or hot ammonia, then ZrC would appear to be the best choice. A
better margin of safety would, however, appear to exist with the heavier materials due to
their higher melting points, but this would only be maintained in the absence of cracking
due to the CTE issue. The combination of carbon-carbon with HfC has been investigated
for high-tempertaure solid rocket motors [Fortini et al., 1995], but the status of that work
at the high temperatures required here is unclear. Oxidation concerns can be mitigated
with a combined HfC, SiC layered approach (http://www.ultramet.com/carbide.htm), but
the has a lower melting point (2700°C) that will likely limit application of this approach
at the highest temperatures.
With respect to the use of ammonia, the formation of nitrides is a possibility that needs
further study. Melting points of HfN, TaN, and ZrN are 3305, 3360, and 2980°C,
respectively (http://ww.ultramet.com/5.htm), so ZrC could be a problem if the chemical
kinetics allow the nitride formation and the temperature is too high.
To allow for some margin in mass, baselining (heavy) TaC is the approach taken here.
We make the assumption that a one micron thick CVD layer can be manufactured and
will suffice for protecting the carbon-carbon heat exchanger for the 15 minute (900 sec)
nominal “burn” of the propulsion system. For a nominal thermal shield temperature of
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3500K (=3227°C), TaC and HfC appear to be viable channel coating materials for either
hydrogen or ammonia and ZrC at least for hydrogen. This does appear to be at the limits
of operation and sets both the maximum specific impulse that can be achieved and the
maximum depth of penetrations into the Sun’s gravity well at which the powered
perihelion maneuver can be carried out.
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7.7 Addendum
27 March 2002
7.7.1 Coating Issues
Coefficient of thermal expansion (CTE) data is available from Touloukian et al.
[1970]. The recommended value for linear expansion of hafnium carbide (HfC) is
∆L /L0 = 7.367x10−2 + 4.217x10−4 T + 6.072x10−8 T 2 + 3.374 x10−12 T 3
(as a percentage) in the range 2000 to 3200 K with the length L0 as measured at 293K.
The coefficient α is 9.2x 10-6 K-1 at 3200K with a corresponding expansion of 2.155%.
Tantalum carbide has a higher expansion coefficient of 10.7x10-6 K -1 at 3200K (2.349%
expansion) and zirconium carbide is larger with a larger value of 10.2x10-6 K -1 at 3000K
(2.269% expansion). For graphite fiber/carbon composite, α is ~4.7x10-6 K-1
perpendicular to the fiber plane and about 2.6 parallel to the fiber plane up to 1700K. The
question is are these numbers still correct at ~3200K. For polycrystalline rhenium, , α is
~9.8x10-6 K-1 at 2800K.
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From a thermal and mass perspective, the “best” solution would be a HfC CVD coating
on the carbon-carbon. The Ultra2000 coating has been tested to 2560°C (2833K)
(http://www.ultramet.com/u2000.htm). The thermal protection design based upon the
SiC/HfC layering technique gives an areal density of 1.56 lb/ft2 (7.62 kg/m2). Rheniumcoated carbon rocket nozzles withstood propellant temperatures from 3040 to 3370°C
(3313 to 3643K) in tests for 10 to 20 seconds (http://www.ultramet.com/rhenium2.htm).
In early work on solar thermal propulsion [Shoji et al., 1985], rhenium coated graphite
was used to protect the graphite and rhenium plumbing was used for the hydrogen.
Operational tests were carried out from ~3000R to ~5000R with a 20-to-1 area ratio and
50 psia chamber pressure. The maximum temperature was 4900R with a hydrogen flow
rate of 0.00103 lb/s (0.468 g/s); the delivered specific impulse was 808.6 s. Here the
rhenium tubing was built up on a molybdenum mandrel with a nominal wall thickness of
0.01 inches and 0.1 inch inside diameter. A long 85-foot tube was made by welding
shorter pieces, and the tube was successfully coiled and bent to form the absorber and
allow for the hydrogen propellant flow through the absorber and into the thruster. The
CVD protective layer on the graphite had an unspecified thickness.
Rhenium (Re) melts at 3180°C (3453K) as compared with 3410°C (3683K) for tungsten.
However, its ductility and tensile strength make it a better candidate material than
tungsten for coatings. Coatings of rhenium on carbon-carbon can be as thin as ~0.005
inches (5 mils = 127 microns) for a free-standing structure, although CVD coatings on as
small as 0.001” (25 microns) can be achieved currently on large parts
(http://www.ultramet.com/5.htm).
Hence, for achieving temperatures of ~3300K, CVD rhenium on the carbon-carbon
thermal shade/exchanger should suffice. Going to temperatures as high as ~3500K
(3227°C) require the coating to be changed to one of the high-temperature carbides (NbC,
ZrC, TaC, or HfC). Zirconium carbide has the lowest density (6.59 g cm -3) and the largest
CTE of this group. The best thermal margin is given by the most refractory carbide, i.e.,
HfC (density of 12.70 g cm-3). The issues of CTE match and cracking in the 3000 to
3500K range do not appear to be well explored.
7.7.2 Mass Estimates
We can estimate the areal masses for two shield exchanger configurations: (1) a C-C
shield with internal CVD Re coating and a C-C shield with an internal CVD HfC coating.
The former could operate at up to 3300K and the latter at up to nearly 3700K, the former
limit set by the melting point of rhenium and the latter by the sublimation temperature of
carbon (http://www.ultramet.com/5.htm). In extrapolating the technology, we assume that
a 5 micron CVD layer can (i) be deposited uniformly (~10%) in a controlled fashion and
(ii) is sufficiently thick to provide the required thermal protection for ~15 minutes from
the hot hydrogen propellant.
For reference, go back to the systems trade study of 11 January 2002. As in that memo,
the optimal solution appears to be 5mm x 5mm cells using a 2-ply (0.6 mm thick) CC
heat exchanger (see also Lyman et al., 2001, Table 3). For a section of thermal shield 1
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meter long and 1 meter wide, each channel has an associated width of 5 mm + 0.6 mm
(one side), so there are 1000 mm/5.6 = 178 cells. The top and bottom volumes of CC are
2 x 1m x 1m x 0.6 x 10-3 m = 1.2 x 10 -3 m3. The internal “side walls” contribute 178 x 1m
x 0.6 x10-3 m x 5 x 10-3 m = 5.34 x 10-4 m3; the total volume is 1.73 x 10-3 m3 for the
volume of CC in each square meter of the thermal shield. Using a density of 1.4 g cm-3
for the CC density, the areal mass is 1400 kg m-3 x 1.73 x 10-3 m3 = 2.42 kg. From
previous scalings the estimated mass is 3.22 kg (corresponding to a density of ~1.86 g
cm-3, likely a more accurate number), and that is the number adopted here.34.5 kPa (5
psia
To estimate the coating mass in a 1-m2 sample, each cell has an internal surface area of 4
x 1m x 5x10-3 m = 2 x 10-2 m 2. For a 5-micron thickness and 178 cells, the total coating
volume is 2 x 10-2 m2 x 178 x 5x10-6 m = 1.78 x 10-5 m3 = 17.8 cm3. For a rhenium
coating (21.0 g cm -3), we pick up 17.8 cm 3 x 21.0 g cm -3 = 373.8 g for every square meter
of shield. For an HfC coating (12.7 g cm-3), we pick up 17.8 cm3 x 12.7 g cm-3 = 226.1 g
for every square meter containing the cells.
From 27 July 2001:
The outside envelope is 9.3 feet long by 8.13 feet diameter for the cryostat/propellant tank (the Thermal
Synthesis System - TSS - software uses English units!). (In the Pro-engineer 200 model the numbers are 8ft
(2.4m) in diameter, 9ft (2.7m) in length. The overall length of the primary shield is 17.3ft (5.3m) with a
width of 10.6ft (3.2m)).

The number for the areas over which the solar radiation is absorbed for the case that
accommodate the cryostat is then 5.3 m x 3.2 m = 16.96 m2. Emulating the Ultramet®
approach, assume 0.6 inches (1.52 cm) of insulating carbon foam at 0.48 lb/ft2 = 2.346 kg
m-2 (about the same number as in the 27 July memo from a 1-cm thickness) and included
a 2-ply facesheet of CC (0.6 mm thick x 1 m2 x 1.86 g cm-3) and an areal mass density of
1.116 kg m-2 = 0.23 lb/ft2) to attach to the structure. We have the following masses:
CC heat exchanger
3.22
3.22

Coating
Foam Facesheet
0.3738 (Re) 2.346 1.116
0.2261 (HfC) 2.346 1.116

Areal Density (kg m-2)
7.056
6.908

The difference in coatings is minor, and for simplicity (and potential margin) we adopt
7.056 kg m-2 x 16.96 m2 = 119.7 kg (vs. 117.2 kg for the nominal HfC coating).
The secondary shield will see a lower temperature, and we adopt the (proven) Ultramet®
approach for that (http://www.ultramet.com/therm.htm) with an HfC-SiC coating
followed by a C-SiC facesheet, C foam and a 1-ply C-C back facesheet (areal densities of
0.12, 0.82, 0.48, 0.14 lb/ft2, respectively) totaling 1.56 lb/ft2 = 7.624 kg m-2. The
secondary shield is 1.52 m x 4.78 m = 7.266 m2, yielding a total mass of the secondary
shield of 7.266 x 7.624 = 55.39 kg.
The total shield mass is 119.7 + 55.39 = 175.1 kg; this compares to the 125.8 kg
estimated in the 27 July memo. This number still excludes the carbon-carbon structure
needed to support the overall structure and integrate it with the propellant tank.
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At 2800K α for SiC is 7.1x10-6 K-1 and 11.0 for NbC. WC melts at 2870K (below the
melting point for tungsten metal) and so is of no use. A response from Ultramet this
morning (mail arrived 10:37 AM 28 Mar 2002) suggests that one is probably constrained
to use rhenium unless the HfC to C-C CTE mismatch problem can be solved using
graphite layers with tailored CTE properties (another inquiry has been made to Ultramet
on this topic).
(27 July 2001 Memo)
Cryostat Mass (LH2 case) (dry - but with vacuum shield) = 89.17 + 0.45 x propellant
mass; scaled from case of graphite epoxy at 74 psi (mass in kg). This is sized for a
cryostat of 2.85m long x 2.48 m diameter. For other LH2 systems, scale thermal mass as
(propellant mass)2/3.
Launch mass to C3 is 1129 kg (Titan IV 4050H, 117.6 km2 s-2). For the primary structure
mass, we estimate the structure as a fraction of the total possible injected mass. For the
initial MESSENGER Concept Study this was 63.5 kg / (430.0+636.0) x 100 =5.96%.For
MESSENGER at the Critical Design Review, this number was 104.38/1115.20 x 100 =
9.36% (including secondary structure and 12.84 kg for the adaptor). For the New
Horizons Concept Study (much lower propellant fraction of 64.4/493 = 13.1% versus
607.48/1115.20 = 54.5% for MESSENGER – both including pressurant as well as
trapped propellant), the ratio is 84.7/493.0 x 100 = 17.2% for this more “traditional”
spacecraft. For this mission we take an aggressive 9.0% x 1129 kg = 101.61 kg for the
structure including the adaptor. We have:
Probe
Carrier structure
Propellant
Tankage (LH2)
Tankage (NH3)
Thermal (LH2)
Thermal (NH3)
Thermal (NH3)
Misc. Propulsion

121.65 kg
101.61 [9.0% of maximum mass to required C3]
y [select to maximize ∆V]
89.17 + 0.45y [Lockheed-Martin ATC trade study for cryostat]
0.0578y [scaled from Ti tank]
175.1 (y/400)2/3 [see above]
175.1 (y/400)2/3 (70.0/600.8)2/3 = 41.77 (y/400)2/3
175.1 (y/400)2/3 (70.0/600.8)1/3 = 85.52 (y/400)2/3 [same length]
42.29 kg [from MESSENGER CDR – prop. sys. Less all tanks]
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7.8 Thermal Analysis of New Probe Configuration
Preliminary thermal analysis shows that with the “pancake” probe geometry located
to the “front” of the cryostat that appropriately low operating temperatures can be
maintained at perihelion. The thermal engineer had expressed some concern that by
changing from the long, thin probe with its mounting on the side of the cryostat opposite
the primary and secondary thermal shields, the current probe geometry would get too hot.
Preliminary analysis has shown this is not a problem.

Thermal model of probe mounting location at end of cryostat. Analysis shows acceptable temperatures at
closest approach to the Sun.
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The configuration has been finalized. We reviewed some of the literature on AlBeMet
(aluminum solution in beryllium that has better fracture properties than pure beryllium,
but is heavier) (Parsonage, T. B., Development of aluminum beryllium for structural
applications, no date); we have continued to baseline pure Be with the caveat that
extensive fracture analysis would be required as part of the truss design effort for the
probe. A summary of the mass breakdown by subsystem follows (see also the Master
Equipment List in section 9).
Component

Mass

Notes
Allocated total is 10.0 kg; power in table entries are
nominal - not peak

Power

Science Instruments

12.16

IEM/IES: C&DH, G&C

1.44

1.38

Power System
Telecommunications
Structure

45.60
16.17
18.32

2.12
11.28
0.00

Attitude Control

5.40

1.87

1.69

Thermal

0.00

All thermal input is via waste heat from RTGs; no
thermal insulation or active control

Propulsion

41.49

Propulsion components for cold-gas N2 system for
attitude control; peak power is 56W if two thrusters
are firing simultaneously; also hydrazine system for
trim prior to perihelion

0.16

Total dry mass before harness

18.50

Total including harness

18.87

0.00

Reserve of 5% in power

0.94

147.15

Total for probe including reserve

19.81

203.21

LH2 cryostat for 400 kg of liquid hydrogen;
estimated as 75% of nominal composite tank plus
vacuum shield

131.33

Primary and secondary thermal shields

10.03

Propulsion system for carrier (estimate includes
thrusters, valves, monitors, etc.)

79.03

Primary structure for carrier; estimated as 7% of
1129 kg (total capability to 117.6 km^2/s^2)

400.00

LH2 for perihelion burn using solar thermal propulsion
system

77.61

Hydrazine sufficient to yield 150 m/s on 1129 kg;
estimate with Isp = 230s

1048.35

Wet mass total (includes N2+hydrazine+LH2)

570.74

Total dry mass (includes GN2)

651.39

Total allowed dry launch mass with contingency

1129.00

Launch capability of Delta IV 4050H to C3 of 117.6
km^2/s^2 / Maximum Power available

51.30

12.38

% Mass launch margin / % Power margin

61.39

80.647

Dry mass margin in kg

0.354

LH2 mass/Total maximum launch mass

Dry Mass Total / Power
140.58
Total
147.15

1.549
4.909
5.733
4.536
0.382
1.617
5.393
6.298
4.983

Mass ratio based upon LH2 mass to total maximum
launch mass
delta V at Isp = 1144s
delta V at Isp = 1336s
delta V at Isp = 1057
LH2 mass/Total designed launch mass
Mass ratio based upon LH2 mass to total designed
launch mass
delta V at Isp = 1144s
delta V at Isp = 1336s
delta V at Isp = 1057

0.00

19.81
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8.0 Propulsion
Propulsion is the key to this, and any other concept, for an interstellar precursor
mission. While the solar thermal propulsion approach remained the focus, we also
considered other means for high specific impulse at both high and low thrust levels.
An initial survey of fission (slow and fast) properties of transuranic isotopes was
made to search for more promising candidates for either a nuclear reactor or nuclear pulse
propulsion. This investigation was inspired by the paper by Powell et al. (IAF-99-S.6.03)
on compact pebble-bed reactors. Some discussions with a co-author on that paper
(George Maise of Plus Ultra Technologies, Inc.) occurred at the NIAC meeting in June of
2000.
Discussions were also held with George McLafferty, who worked on nuclear gas-core
rockets. While such propulsion has the promise of both high thrust and high specific
impulse, the discussions and a subsequent review of the literature confirmed the inherent
large mass of such schemes. Given the focus on a launch of the entire probe with a single
launch vehicle (contracted for by NASA if not currently existing), this line of inquiry was
discontinued.
In February 2001, investigation of systems scalings for pulsed fission systems was
concluded. Major findings include the fact that Am-242m is problematic to work with
due to manufacturability and separability. Its properties for a fast reactor are not as good
as those of Pu-239, although it may still hold advantages for an “epithermal reactor.”
There are no “miracle isotopes” for pulsed-fission propulsion. The best properties are
those of Cf-251, which are still not sufficient (by orders of magnitude) to implement a
miniaturized Orion-like system. Although production of Cf-251 is not (apparently) as
problematic as that of anti-hydrogen, workable quantities of Cf-251 for space-propulsion
applications appear to require major new capital investments and infrastructure. Pulsed
fission appears limited by fundamental physical principles to large-scale (>100 metric
ton) vehicle applications. This line of inquiry was also discontinued.
8.1 Fission Propulsion for Realistic Interstellar Explorer Concept
January 15, 2001
Updated April 14, 2001
R. L. McNutt, Jr. and Ed Rhodes

8.1.1 Background
The original Phase I proposal envisioned the use of a very few nuclear explosions for the perihelion
propulsion system. Further study of the literature has confirmed that while this may be a viable mechanism
for large structures (>100 metric tons (MT)), scaling to small sizes is problematic due to the momentum
coupling problem. That is, the entire energy output of a nuclear device comes out in tens of nanoseconds
yielding an impulse that will destroy, rather than accelerate, a small (~0.1 to 1 MT) structure. The
minimum amount of energy extracted is set by the critical mass of the assembly. For uranium, the total
mass that requires fissioning is on the order of few grams over a ~15-minute period while a criticial mass
assembly will reach an efficiency ~10% for several kg over a 10-8 s period. One other direction to
investigate is whether the critical mass amount can be lowered significantly by using exotic transuranics.
Identification of appropriate materials is also relevant to fast nuclear thermal propulsion (NTP) and
radioisotope sail propulsion (RSP).
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8.1.2 Critical Assembly
Heisenberg’s incorrect “solution” of the critical assembly problem predicted the required amount of
uranium to be so large as to make a fission bomb impractical at best and impossible at worst. This
conclusion was drawn from the ALSOS project at the end of world War II that assessed Nazi progress on
fission weapons. The correct solution is outlined by Serber [1992] in The Los Alamos Primer, a set of
notes used to educate newcomers on the Manhattan Project during the war and finally declassified in the
1980s.
The subtlety comes in discovering how small a sphere of fisssionable material can just maintain a chain
reaction so that an “appreciable” fraction of the mass will fission prior to its disassembly from the pressure
associated with the fission energy output. It is this disassembly that ultimately limits the total energy output
from a fission device. Fission cross sections are relatively small (~10-24 cm = 1 “barn” by definition) and
the resulting mean free paths for fission by neutron impact is ~a few cm. Heisenberg assumed that one
would therefore require a sphere ~a few mean free paths in radius. Given the density of uranium, this
results in a sphere of uranium 54 cm in radius with a mass of ~13 metric tons of 235U [Logan, 1996]. The
Germans also believed that carbon had a high neutron abosrption cross section and so would not be an
acceptable moderator (for slowing neutrons and thus increase the capture cross section). Hence, they
believed that heavy water is required to even have a controlled reactor. This led to their seizure and use of
Norwegen power plants to provide the heavy water – and the subsequent destruction of those facilities by
the Allies to slow their progress.

8.1.3 Kinetic Theory
The critical assembly problem is correctly treated as a kinetic transport problem, i.e., a problem with a
small Knudsen number, such as encountered in the problem of photons diffusing through the upper layers
of a star (the Milne problem). Here each collision of a photon simply scatters the photon, i.e. the
multiplication number c = 1. For a purely absorbing medium the multiplication number c = 0. In either of
these cases, and, for all values of c in between, the problem can be solved in an infinite space. This is not
the case for c > 1. In this “critical problem” [Case and Zweifel, 1967] the number of transported particles
would be infinite after a corresponding number of scatterings. However, the problem may be addressed in a
finite region of space. In particular, with a fissioning material that yields a net increase of neutrons with
each scattering, one may ask how large a finite region of such material is required for there to be a steady
state, i.e. the net neutrons escaping equals the net produced inside the problem volume.
The criticality problem (relating the multiplication c to the size of the critical region in steady state, i.e.
conditions such that a steady-state solution exists) cannot be solved for exactly. Only series solutions exist
even for the one-dimensional, single transport-speed case [Case and Zweifel, 1967]. The “critical slab
problem” can be expressed as the superposition of two Milne solutions that leads to the extrapolatedendpoint condition (see below). The critical problem can then be reduced to a Fredholm integral equation.
To first order, the problem can be approached for large critical sizes. These correspond to c > 1 but c – 1 <<
1. For typical “practical” fission problems, c~2 to 3 so the approximation is not strictly adequate, but one
can gain some insight into exact expressions form this approach. One then recovers the solution expected
from diffusion theory except that the neutron density, rather than being zero at the slab boundary,
extrapolates to zero at a calculable distance outside the boundary (the extrapolated endpoint). This
approach can be recast for examining the critical sphere problem, a geometry that more closely
approximates a physically realizable geometry.
In the critical sphere problem, one again assumes a single neutron speed (taken as an appropriate average of
the speed of neutrons produced at each fission collision). The extrapolated endpoint (in dimensionless units
[Case and Zweifel, 1967] is z0 given by
X(-ν0)/X(ν0) = -e –2z0/ν0
And the critical radius (zeroth-order approximation) is then
b0= π|ν0| - z0
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where ν0 = 1/iσ0 and σ0 solves σ0 / c = tan-1 σ0
To lowest order for c >> 1
σ0 = cπ/2 [1 – (4/π2) (1/c) + …] [Case and Zweifel, 1967]
For a reactor (or a small nuclear assemble that is critical), the critical size is governed by the fission cross
section σf, the absorption cross section (that removes neutrons from the assembly) σa, and the neutron
fission multiplication factor ν. Note that σa = σf+ σc where the subscript c refers to a nonfissioning capture
of a neutron.
If the goal is to minimize the amount of nuclear fuel for a given output, then one introduces a lowmolecular mass moderator into the assembly. The moderator slows neutrons from their point of origin to
lower energies where the fission cross sections are typically larger. To allow for this moderation, the
physical size, and hence mass, of the assembly must go up. Thus, although this is the optimal approach for
building power reactors, it is not necessarily so for a rocket engine where overall system mass must be
minimized. In a fission bomb, maximizing the fissioned material in minimal time also does not allow
sufficient travel for the neutrons for them to be slowed. Hence in both rocket engines and bombs, a fast
fission critical assembly is used [Serber, 1992]. This helps in some ways to simplify the analysis, while at
the same time, consideration of a fast assembly that is small makes some of the assumptions in calculating
the critical size more questionable.
The relevant figure of merit is η = ν σf/ σa which gives the effective neutron yield per absorption. All
quantities are functions of the incident neutron speed and so must be evaluated at appropriate average speed
values. For a heterogeneous assembly, one defines the macroscopic cross section
Σ = ρ NA σ / A
where ρ is the mass density, A the atomic weight, σ the microscopic cross section, and NA Avogadro’s
number. Note the macroscopic cross section is actually the inverse of the mean free path associated with
the cross section and the material. In reactor physics one then defines the infinite multiplication factor k∞
where
k∞ = ν(Σf/Σa)
This is the neutron multiplication factor that would be observed in a reactor of infinite size for the materials
and geometry assumed. Note that if only pure fissile material is used (a “homogeneous bare” critical
assembly) then k∞ = η a = 0 and both quantities must be > 1 for a steady-state (i.e. many fission time
scales) fission reaction to take place. Following Bussard and DeLauer [1965] let λs = 1/Σs where Σs is the
macroscopic cross section for scattering. The transport mean free path is related to the scattering length by
λs = λtr (1- <cos θ >)
with <cos θ > = 2/(3A) << 1 for all but the lightest materials.
The diffusion coefficient is then given by D = 1/3 λtr . Next define the diffusion length L via L2 = D/Σa
The “material buckling” Bm2 is then given by
Bm2 = (k∞ - 1)/L2 and, if a critical solution exists, the neutron flux φ = nv is given by the solution of the
diffusion equation
∆φ + Bm2 φ = 0
For a solution to exist, the geometrical buckling Bg2 must equal the material buckling where
Bg = π / (R + δ) for a sphere, R being the radius and d the extrapolation distance
δ = 0.71 λtr = 2.13 D
Hence, one needs to take the various cross sections, calculate k∞, verify it is > 1, and then calculate the
critical radius for a spherical assembly. The procedure can be applied to cylinders as well. Note that the
larger the value of k∞ the smaller the critical radius (until it is so small that the approximation breaks down
at R ~ δ).
The power density K is related to the neutron flux by K = φ Σf / cn where cn = 3.3 x 1010 fissions per watt
sec at saturation.
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For a controlled reaction the geometry and control rods (providing neutron absorption) must be able to
reduce k ∞ to k eff which, in turn, must be exactly unity at steady state. When the reactor is turned on, one
must have keff slightly greater than one to build up the flux, but then limit it to unity to be able to control the
reaction. To shut the reactor down, keff must be reduced to less than unity, so that the neutron flux escapes
and no neutrons are left to continue to produce power. Control is a subject unto itself, and, in reactors with
moderators typically makes use of the delayed neutrons that emerge from fission products with some time
delay. For minimum mass reactors, the optimum size is set by heat transfer and realistic reactor designs lie
between moderated power reactors and bare homogeneous reactors [Bussard and DeLauer, 1965].

8.1.4 Americium-242m and Other Possibilities
We considered the problem of whether other isotopes than those of uranium and plutonium might yield
small critical masses that could enable the Orion concept for small vehicles. The first step was to consider
all currently known radioisotopes, regardless of acquisition and supply problems.
We considered neutron cross sections for Am-242m (141-year half-life, regular Am-242 has a 16-hour halflife) and Cf-252 relevant to reactor operation, specifically for induced fission and capture. The ENDF data
vs. neutron energy (used in transport codes) appears somewhat inconsistent, particularly for Cf-252, so
there are concerns about any results from code computations. Little recent experimental data exists
(although there is some recently for Am-242m), since few groups remain funded for this type of work. The
Japanese data appears to be the most self-consistent, so these have been adoped for much of the following.
For reference, the U-235-thermal-average-fission cross section is 583 barns, and the corresponding capture
cross section is 98 barns. The relative importance of the table values depends on the neutron spectrum of
the propulsion reactor. If it is thermal, the thermal average is most important, but if it is fast, the resonance
average becomes more important (of course, the fast neutrons born in fission must escape capture in the
resonance region in slowing down to thermal energies). The "slowing down power" and capture cross
section of the moderator used are also important. The Rover program reactors had relatively fast spectra;
nuclear reactors for spaceflight have very different optimization criteria from those used for power
production on the ground [Bussard and Delaurer, 1965]. The table shows that Am-242m indeed is a
candidate for a compact reactor of high specific power per unit mass (if it can be accumulated economically
in sufficiently large quantity), but Am-242 probably has too much capture. Cf-252 would probably
produce more neutrons from spontaneous fission than from induced fission.
We also searched the nuclear data bases for candidate nuclides having potential for high specific power per
unit mass. We considered nuclides having a thermal average fission cross section exceeding 900 barns and
a reasonably long half-life.
Various cross section averages over incoming neutron spectra in barns and fission neutron multiplicity
induced by thermal neutrons are taken from Japanese ENDF data (probably the most self-consistent
database), along with half-lives. The neutron multiplicity may not be very accurate (agreement with scarce
experimental data, where found, is not so good); it rises with incident neutron energy.
The six nuclides considered, listed in order of increasing atomic number and mass, are Np-236, Pu-241,
Am-242m, Cm-245, Cf-249, and Cf-251. In general, the lower these numbers are, the greater are the
number of possibilities of generating the nuclides from other nuclides. However, only one of these listed,
Pu-241, has any significant yield from spent thermal reactor fuel.
Neutron multiplicity varies with energy from thermal (0.0253 eV at 300 K) to high energy (the fission
spectrum varies a little with isotope but has a maximum at ~ 0.75 MeV and an average ~ 2 MeV). Unlike
cross sections, multiplicity is slowly varying with energy and monotonic. We have also included the
normal reactor-fuel isotopes U-233, U-235, and Pu-239 for comparison.
We also considered the question of what these other isotopes could do for a nuclear reactor providing
thermal power for nuclear thermal propulsion rather than impulse. There is no easy answer to the question
of what the relevant average fission cross section is for a fast reactor, for a given fuel isotope. Even for a
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thermal reactor, the Maxwellian distribution shifts upward for the actual operating temperature and has a
design-dependent ~ 1/E tail extending up through fission spectrum energies. The neutron flux magnitude
and spectrum varies greatly with position from inside the fuel to the moderator/coolant. The flux
magnitude and spectrum are more design-dependent for fast reactors. Thermal reactors are designed to
maximize power per unit fuel mass, contain much moderator/coolant, and most fissions are induced by
thermal neutrons, so the thermal average is most relevant. Fast breeder reactors are designed to maximize
bred fuel mass per unit fuel mass, have significantly less moderator so as not to burn up bred fuel at a high
rate, and most fissions are induced by resonance and intermediate-energy neutrons (0.1 eV to a few keV).
Hence the resonance integral is probably the most relevant quantity. Typically spacecraft reactors would
be designed to maximize power per unit total mass, but there would probably be enough coolant present to
slow down neutrons sufficiently that the resonance integral is still relevant. Criticality calculations for even
a simple true reactor require the use of numerical transport codes.
Nuclide/half-life

Reaction

Np-236
15,400,000 yr

Thermal avg.

Resonance integral

Fission spectrum avg. Multiplicity (thermal/1 MeV)

fission
capture

2453
621

1032
259

1.916
0.186

2.41
2.54

Pu-241
14.3 yr

fission
capture

938
326

573
180

1.648
0.118

2.93
3.08

Am-242m
141 yr

fission
capture

6235
1225

1561
246

1.838
0.116

3.27
3.45

Cm-245
8500 yr

fission
capture

1674
287

800
110

1.735
0.065

3.53
3.68

Cf-249
351 yr

fission
capture

1430
434

2219
695

1.741
0.121

4.06
4.28

Cf-251
898 yr

fission
capture

4196
2446

2774
1604

2.43
0.027

4.11
4.33

-----------------------------------------------------------------------------------------------------------------------------------------------U-233
159,200 yr

fission
capture

469
41

774
138

1.946
0.070

2.49
2.57

fission
capture

507
87

278
133

1.235
0.089

2.44
2.54

fission
capture

698
274

302
182

1.800
0.053

2.88
3.01

U-235
703,800,000 yr
Pu-239
24,110 yr

Then, for a fast reactor, among the normal reactor-fuel isotopes, U-233 should provide the most power per
unit mass. Among the isotopes having relatively high fission cross sections, the two Cf isotopes (Cf-249
and Cf-251) have higher resonance integral fission cross sections than Am-242m but also have higher
capture cross sections (to date it has not been possible to produce any of these in large quantities however).
Since the thermal fission cross section of Am-242m is by far the largest fission cross section for a
reasonably long half-life for any neutron energy region, it may be that a thermal reactor with Am-242m
fuel would be the best option for spacecraft propulsion [Powell et al., 1999]. The question is whether
sufficient material can be produced.
For completeness we also looked at Am-241 and Np-237. The prompt neutron multiplicities for Am-241
and Np-237 obtained from ENDF/B-VI interpolation tables:
isotope

thermal

1 MeV

Am-241
Np-237

3.234
2.625

3.369
2.775
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An additional 0.004 (0.011) delayed neutron multiplicity should be added to get total multiplicity for Am241 (Np-237), but only prompt multiplicity is of interest in an Orion-type device. These values are in good
agreement with those of the older ENDF/B-V Japanese tables.
There is a relatively unusual behavior of these fission cross sections with energy, being small but nonzero
for thermal energy neutrons, even smaller for intermediate energies, then rising to a couple of barns at an
MeV and above. Their thermal capture cross sections are high compared to their thermal fission cross
sections. It may not be feasible to make critical assemblies out of them; in any case their critical masses are
not small.

8.1.5 Supply and Production Issues
We considered breeding Am-242m from Am-241, since a lot of Am-241 is present in various forms of
nuclear waste. An immediate undesirable aspect is that they are of the same chemical form, so that the
always energy-intensive laborious expensive process of isotope separation is required to extract any Am242m produced. One would hope that the existing infrastructure for some form of enrichment technology
could be used, but the reallocation of resources for Am-242m and cleanup from Am contamination require
consideration. The involvement of a charged particle in a reaction or decay is desirable, so that the
separation of the breeder and bred materials is largely a chemical process. For example, in fast breeder
reactors Pu-239 is bred from U-238 by neutron capture followed by beta decay of U-239 and Np-239.
The table below compares Am-242 and Am-242m integral neutron cross sections in barn units for various
energy regions. A serious problem that is immediately obvious is that the Am-242m absorption cross
section (fission + capture) substantially exceeds the Am-241 capture cross section in all energy regions
shown. As soon as any Am-242m is created from neutron capture, it is more likely to be mutated into
something else, Am-243. (The strong neutron absorption of Am-242m is probably the reason for its
scarcity.) The only other likely Am-241 neutron reactions other than fission, (n,xn) (x = 2, 3, etc.), occur
only at high neutron energy thresholds and do not lead to Am-242.

Nuclide

Reaction

---------Am-241
Am-242m
Am-242m

-----------capture
capture
fission

Thermal
Resonance
Average (b)
integral (b)
----------------- -------------------532
1305
1225
246
6235
1561

Fission spectrum
average (b)
-------------------------0.23
0.116
1.838

14-MeV
---------~0
~0
2.55

There may, however, be windows in the resonance region where the Am-241 capture cross section
substantially exceeds the Am-242m absorption cross section. Then it may be feasible to apply neutron
filtering absorbers to retain only one or more of these windows in the neutron flux that impinges on the
Am-241 by wrapping absorbers around Am-241 rods or by surrounding a reactor by an Am-241 blanket
fronted by absorbers. Of course this will strongly reduce the flux impinging on the Am-241. None of the
Am-242m ENDF data found showed the resonances, but there is on-line good fine-energy-resolution
experimental data on Am-242m fission and Am-241 capture cross sections throughout the full energy range
(though not on Am-242m capture). There are a number of narrow energy windows where the Am-241
capture cross section exceeds the Am-242m fission cross section by 3 to 4 (assuming these windows are not
closed by Am-242m capture resonances), but it would probably be difficult to find appropriate filtering
absorbers. Precise window filtering is feasible using flight-time choppers, but this would require bringing a
neutron beam outside the reactor, which would greatly reduce the flux impinging on Am-241. We did not
consider using any actinide nuclide other than Am-241 to generate Am-242m in a neutron flux. We also
did not consider charged particle beams reacting with any actinide to produce Am-242m, because this
would require an accelerator (an accelerator having sufficient beam intensity to produce kg of material in a
finite amount of time would probably be difficult and expensive to build and operate).
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U-233 can be bred from Th-232 by neutron capture (followed by beta decay of Th-233, half life of 22.2 m,
and Pa-233, half life 27.0d) in a reactor environment. Th-232 is ~100% of thorium that one finds in nature it is radioactive but with a half-life of 1.4x1010 yr. However, plenty of U-233 should already be available,
so there is probably no need to consider its production. Both from early weapons and reactor projects, there
should be a substantial amount of U-233 in the DOE complex. The most readily available material may be
labeled as radioactive waste and some of it may require remote treatment before use. U-233 may also be
available from other sources, such as Israel.
Similarly, U-238 is 99.3% of uranium with a half-life of 4.468x109 yrs, so bombardment with neutrons
produces U-239 with a half-life of 23.5m and then Np-239 with a half-life of 2.350d (both again for beta
decay) ending up with Pu-239. There is no similar chain for reaching U-235; hence one again requires
isotopic separation to "harvest" this fissile isotope.
On the other hand, there is a lot of Am-241 out in spent fuel rods. The reaction chain is
Pu-239 + n -> Pu-240 (alpha emitter at a half-life of 6537 y to U-236)
Pu-240 + n -> Pu-241 (beta emitter at a half life of 14.7 y to Am-241)
Am-241 is an alpha emitter with a half life of 432 y. This isotope gives rise to the artificial 4n+1 neptunium
series that terminates in Bi-209 (cf. Evans, pp.517-523). Continued neutron bombardment builds up Am242m and Am-243 (alpha emitter with a half life of 7380 y). Am-242m provides a vehicle to get Am-243
than builds up itself, due to its strong absorption; the Am-241 and Am-243 build up.
There are also some other ways to get Am-241. The main thing is to produce Pu-241 first, and successive
neutron captures from Pu-239 may be the most probable way to get Pu-241. Another way to get Pu-241 is
from the U-238 (alpha,n) reaction; although alphas are very short range, intense alpha decay from shortlived actinides occurs in reactor fuel.
With regard to buildup of Am isotopes by neutron bombardment, relatively pure Am-243 can be produced
by taking the Am-242 that with further bombardment yields Pu-242. The Pu-242 can be chemically
separated and neutron irradiated to give Pu-243 that beta decays to Am-243 with a half-life of 4.596 hr.
Most of the Am-242 beta decays to Cm-242 in 16.02 hours; it, in turn, it alpha decays to Pu-238 in 162.8 d
(merges into the 4n+2 uranium series). This approach apparently refers to the production of the 16-hour
half-life ground state Am-242 (rather than the isomer Am-242m) and its 17% electron capture decay branch
to Pu-242, which is then chemically separated to later be neutron-irradiated to produce Pu-243, which
decays to Am-243. (The rest of the Am-242 beta decays to Cm-242, the Am-242m decays to Np-238 with
a half life of 141yr, and the second isomer decays by spontaneous fission in 14 ms). We have not
determined what fraction of each isomeric state is produced in the neutron capture.
We have attempted to find ways to produce Am-242m in a reactor environment in a chemically separable
form but did not succeed. The only isotope found that decays to Am-242 is Bk-246, in a 0.2% alpha branch
with 1.8 day half life, and Bk-246 is a rare isotope. Am-242m might be produced by the Pu-242 (n,p)
reaction, but the cross section is probably quite small -- we found no on-line data on this reaction in a
cursory search.
For comparison (and for their applicability to radioisotope sails [Short and Sabin, 1959-60]), we also
looked at the supply issue for Pu-238 and U-232. Pu-238 is good for making RTG's and switchable
radioactive neutron sources. U-232 is also made for gamma transmission measurements through heavy
materials (it has a high-energy gamma of reasonable intensity in its decay chain). These are not applicable
to the nuclear reaction usages considered above, since subsequent production of U-233 or Pu-239 require
isotope separation. Both of these nuclides are available from the DOE complex. Pu-238 can be made from
the Pu-239 (n, 2n) reaction (threshold 5.68 MeV, cross section ~ 0.3 barns at 10 MeV) and Cm-242 alphadecays to Pu-238 with a 163-day half life (substantial Cm-242 is produced in reactor fuel). Pu-239 is
usually a substantial impurity in available Pu-238. U-232 can be produced from the U-233 (n,2n) reaction
(threshold 5.77 MeV, cross section ~ 0.3 barns at 10 MeV) and Pu-236 alpha-decays to U-232 with a 2.85year half life (probably of no significance since Pu-236 is relatively rare).
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8.2 Summary of Nuclide Properties
R. L. McNutt, Jr.
The following table summarizes the properties of the nuclides considered for use in either
a nuclear-impulse propulsion system (Orion type) or in a nuclear thermal propulsion
system based upon a fast-reactor architecture. See the previous section for discussion.
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Isotope

U235

Pu239

Half Life

7.038 x
108 yr

24,110
yr

Density [g
cm-3]
Fission
Fission cross Average
section f [b]
Thermal
Fission
Average
Capture
cross section
[b]
c
Thermal

Fission
Scattering
Average
cross section
[b]
s
Thermal
Fission
Transport
cross section Average
[b] = s (1tr
2/(3A))+ f
Thermal

Pu241
14.3 yr

U233
159,200

Np236
1.54x107
yr

Np237

Am241

2.144 x
106 yr

432.2 yr

Am242m

73

Cm245

Cf249

Cf251

141 yr

8500 yr

351 yr

898 yr

~ 15
(est.)

~ 15 (est.)

Isotope
Half Life

~18.95

19.84

19.84

~18.95

20.25

20.25

13.67

13.67

13.51
(calculated)

1.235

1.800

1.648

1.946

1.916

1.335

1.378

1.838

1.735

1.741

2.430

Fission
average

507

698

938

469

2453

0.01958

2.711

6235

1674

1430

4196

Thermal
average

0.089

0.053

0.118

0.070

0.186

0.1733

0.2296
radiative
capture

0.116

0.06515
radiative
capture

0.1208
radiative
capture

0.02745
radiative
capture

Fission
average

1225

287.4
radiative
capture

433.6
radiative
capture

2446
radiative
capture

Thermal
average

Density [g
cm-3]

87

274

326

41

621

144.0

532.0
radiative
capture

4.566

4.394

5.168

4.447

5.059

4.965

4.833

4.5286

4.700

4.952

4.814

Fission
average

14.95

7.787

11.14

11.94

12.27

27.14

10.73

6.2946

11.50

5.989

70.15

Thermal
average

5.788

6.182

6.802

6.380

6.961

6.286

6.198

6.354

6.422

6.680

7.231

Fission
average

521.9

705.8

949.1

480.9

2465

27.08

13.41

6241

1685

1436

4266

Thermal
average

1 MeV

2.54

3.01

3.08

2.57

2.54

2.77

3.37

3.45

3.68

4.28

4.33

1 MeV

Thermal

2.44

2.88

2.93

2.49

2.41

2.63

3.23

3.27

3.53

4.06

4.11

Thermal

Multiplicity
U235

Cf251

Isotope

19.84

~18.95

20.25

20.25

13.67

13.67

13.51
(calc.)

~ 15
(est.)

~ 15 (est.)

Density [g
cm-3]

2.37
(1.17)

2.92
(1.39)

2.87
(1.37)

2.48
(1.22)

2.32
(1.15)

2.45
(1.21)

2.89
(1.37)

3.25
(1.50)

3.55
(1.60)

4.00
(1.73)

Fast
4.28 (1.81) (Fission
average)

Slow
2.08
(Thermal) (1.04)

2.07
(1.03)

2.17
(1.08)

2.29
(1.13)

1.92
(0.961)

0.000358 0.0164
(NA)
(NA)

2.73
(1.32)

3.01
(1.42)

3.11
(1.45)

2.60 (1.26)

Slow
(Thermal)

( (kinf-1)1/2 )

3.573

3.236

2.966

3.200

2.780

3.092

4.724

4.626

4.689

4.127

3.843

Fast

0.03962

0.02834

0.02125

0.04246

0.00785

0.7176

2.183

0.00471

0.01787

0.01920

0.0651

Slow

=
tr
A/( NA tr)
[cm]

15.5

10.8

11.4

10.1

9.21

12.9

18.2

15.1

16.7

14.8

11.3

Fast

0.0347

0.0206

0.0160

0.0400

0.00630

0.135

0.0548

0.00394

0.0154

0.0148

0.00418

Slow

Fast

2.537

2.298

2.106

2.272

1.974

2.195

3.354

3.284

4.560

2.930

2.729

Fast

Slow

0.02813

0.02012

0.01509

0.03015

0.00557

0.5095

1.550

0.00334

0.01269

0.01363

0.00462

Slow

Fast

4.296

3.413

3.357

3.282

2.921

3.646

5.353

4.825

5.109

4.512

3.805

Fast

Fast
(Fission
average)

= 1/ a =
a
Fast
A/( NA [ f+ c])
[cm]
Slow

Slow
Rcrit = L/(kinf- Fast
1)1/2 [cm]
Slow
Mcrit =
4/3 Rcrit3
Isotope

Pu239

Pu241

U233

Np236

Np237

Am241

Am242m

Cm245

Cf249

tr

L = ( tr a/3)1/2
[cm]

Transport
cross
section
[b] = s (1tr
2/(3A))+ f

19.84

= A/( NA tr) Fast
[cm]
Slow

= 0.71
[cm]

Scattering
cross
section
[b]
s

~18.95

Isotope

tr

Capture
cross
section
[b]
c

Multiplicity

Density [g
cm-3]
kinf ~ =
/(1+ c/ f)
( (kinf-1)1/2 )

Fission
cross
section
[b]
f

0.02141

0.01395

0.01065

0.02379

0.004060

0.1797

0.1997

0.002487

0.009578

0.009732

0.003012

Slow

9.000

5.416

5.593

6.180

6.007

7.272

8.922

6.822

5.471

5.264

3.875

Fast

0.03654

0.02243

0.01588

0.03600

0.007703

NA

NA

0.002579

0.008500

0.007456

0.002889

Slow

Fast

57.8 kg

13.21 kg

14.54 kg

18.74 kg

18.38 kg

32.62 kg

40.67 kg

18.18 kg

9.270 kg

9.163 kg

3.655 kg

Fast

Slow

0.00387
g

9.378x10-4 g

3.326x10-- 0.003703
4
g
g

NA

9.826x10-7 3.475x10-- 2.605x10-- 1.515x10-6
5
5
g
g
g
g

U235

Pu239

Pu241

U233

3.877x10-NA
5
g
Np236

Np237

Am241

Am242m

Cm245

Cf249

Cf251

Slow

kinf ~ =
/(1+ c/ f)

= 1/ a =
a
A/( NA
[ f+ c])[cm]

= 0.71
[cm]

tr

L = ( tr a/3)1/2
[cm]
Rcrit = L/(kinf1)1/2 [cm]
Mcrit =
4/3 Rcrit3
Isotope

NA = 6.0220 x 1023
Density for curium is from http://www.speclab.com/elements/curium.htm
Density for californium is not known - metallic form not isolated, estimated as 15; g cm-3 available at $160/microgram [http://www.speclab.com/elements/californium.htm]
Scattering cross sections (elastic cross sections) are from http://www.dne.bnl.gov/CoN/index.html
Rcrit = L/(kinf-1)1/2 - is based upon formulation of Bussard and DeLaurer [1965].
Serber [1992] quotes critial masss of 56 kg for bare U235 (Rcrit = 8.90 cm) and 11kg for Pu239 (Rcrit = 5.10 cm); he note that these can be reduced to 15 kg and 5 kg, respectivly
with a thick U tamper (p.35)
Am241 is listed at the web site http://www.writersg.com/milnet/nukeweap/Nfaq6.html under section 6.2.4.3 as being fissile with a bare critical mass of 114 kg, a mass that
would also generate 12 kW of heat (not yet verified); the same web site under section 6.2.4.2 gives bare Np237 (not Np236 treated above) as having a bare critical mass of ~90
kg; in 6.2.4.1 Pa231 is noted as being fissile but with not enough information known to calculate a critical mass; in section 6.2.2.6 they note that Pu240 is about as fissile as U235
but is a de facto contaminant in practical fission systems due to its high spontaneous fission rate. Same site in section 2.1.2 critical masses are given for bare spheres of
U233 (16 kg), U235 (52 kg), and Pu239 ( -phase, 10 kg). No further source is given for these numbers; they are all lower than the numbers calculated in the table above.
A chart similar to the one here giving fissile materials and corresponding properties including critical masses is given in
http://www.writersg.com/milnet/nukeweap/Nfaq12.html in the last table of the document.
Comments on fissle materials and control is given at http://www.isis-online.org/publications/fmct/primer/Section_I.html
Comments on use of Am242 to enable a nuclear rocket engines is given at http://sightings.com/ufo/power.htm
At http://www.answersleuth.com/words/a/americium.shtml#D2 there is a summary of a now non-existent web page claiming that the critical mass of Am241 is 750 grams and
that a tactical nuclear weapon could be made with the material from a sufficient number of smoke detectors (!!)
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8.3 Cryostat Results
A decision was made for the self-consistent design to be based upon LH2 for the
propellant. This is based upon the Thiokol trade studies conducted as part of their
subcontract during the first-year effort. It is also clear from the studies that a low-pressure
, recombination-limited approach is required to keep the specific impulse above ~1200s.
Based upon this selection, the Lockheed-Martin approach using a non-vented system
with the H2 launched as ice was also selected for the baseline. Using the parametric study
results they conducted, the graphite epoxy cryostat approach was selected. This is the
lightest approach; it is also still a development item, having been used and failed
structural tests in the X-38 prototype effort. The final report on this effort was included in
the March 2001 Interim Report and is also included as an Appendix here for
completeness.
Consideration of LH2 was included in ref . 2 of Section 1.0 of this report: “Solar
Thermal Propulsion or an Interstellar Probe” by R. W. Lyman, M. E. Ewing, R. S.
Krishnan, D. M. Lester, and R. L. McNutt, Jr., AIAA 2001-3377 presented by Mr. R.
Lyman of Thiokol at the 37th Joint Propulsion Conference in Salt Lake City July 9-11,
describing the trade study done to date on the solar thermal propulsion system for the
perihelion maneuver. Using this information and that from the Lockheed Martin
subcontract effort, a trade study was completed comparing performance of a cryogenic
LH2 system and non-cryogenic NH3 system. Neither could yield the desired performance
at perihelion. The non-cryogenic system performance actually comes closer due to the
large mass associated with the cryostat (this study is given in Section 7.1).
The Lockheed Martin ATD cryostat group felt they had gone as far as possible and
contacts at the Lockheed propulsion group (Denver) indicated a lack of interest (at least
in mid-2001) in any further study. Hence, we are left with the conclusion that small
–scale (passive) storage of LH2 in deep space has no current technical solution and no
solution is being pursued anywhere within NASA.
Liquid hydrogen (LH2) storage issues associated with the geosynchronous transfer
solar thermal propulsion (STP) concept being pursued by Thiokol were being pursued by
the US Air Force and Boeing. Here the boiloff of LH2 is used to keep the temperature
down, with the boiloff vented to supplement the thrust. The cryogen is still used over a
relatively short period: 30 to 60 days.
8.4 Hot Hydrogen Erosion
The subsequent effort at Thiokol focused on determining if there is a problem
associated with driving hot hydrogen through the carbon-carbon thermal shield and
producing chemical products that will clog the heat-exchanger channels. Although initial
indications were that this was not a problem, further investigation showed it to be a major
problem that had been studied in a slightly different context during the NERVA program.
Apparently there was a great deal of information relating to these problems developed
under the NERVA and associated programs that has been lost. There was some indication
that an approach being used in the nuclear rocket program was to use tantalum carbide to
protect the graphite in the reactor. This material has a high mass density and is
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unacceptable for the short burn contemplated here. It did suggest that the erosion rate
needed further study, and, as long as the impact, is minimal, its acceptance would become
part of the planned design. We thought that the use of methane may not be as bad for
erosion of the carbon-carbon; however, this optimism was unfounded.
From what is available from the available literature, previous nuclear work suggests
that reaction rates predicted from models were very close to the measured values. This
suggests that subsequent runs of a NASA-Lewis (now Glenn Research Center) code
should be representative of an actual system. Ammonia, hydrogen, and methane were all
considered (see below) and led to the conclusion that at these required temperatures,
coating the carbon-carbon successfully is essential.
Thiokol completed initial calculations for the performance of molecular hydrogen,
methane, and ammonia (and hydrazine for comparison) for a variety of operating
temperature and pressures at an expansion ratio of 50:1 using the NASA Lewis code for
chemical kinetics in rocket engines. The approach was to use carbon (in the thermal
shield) as the “fuel” and the propellant as the “oxidizer” to probe the erosion rate of the
hot carbon thermal shield due to the hot propellant flow. Preliminary results from the
NASA Lewis analysis includes Isp, per cent carbon (solid) remaining at equilibrium,
deltaV, and Vescape for temperatures between 1800 and 3500K and pressures from 5 to 45
psia. Cstar and expected throat diameter were also calculated.
The highest Vescape value, with solid carbon remaining, occurs with methane. Since
throat diameter is proportional to the mass flow, the throat diameter is better with the
methane than all except H2.
From a propulsion kinetics and chemical erosion perspective, the methane appears to
be best for V escape, throat diameter, and the reaction with carbon. All of this was based on
a 50:1 expansion ratio.
The nozzle may be too long with the 50:1 ratio. The data shows that an expansion
ratio of 20:1 would reduce the Isp by approximately 5% which is less than a 3%
reduction in Vescape. There are also deployable-nozzle designs that have been
demonstrated requiring less volume for storage before pressurization deploys the nozzle
to full length.
Unfortunately, methane requires long-term storage at mild-cryogenic temperatures or
a very massive tank for supercritical storage. Hence its use from an overall architecture
point of view is not necessarily the best system solution.
We revisited the problem of available space-storable propellants to see if there was
anything else besides the previously investigated propellants that might alleviate the
carbon shield burnthrough problem. We returned to diborane (B2H6). This is a metal
hydride that is a mild cryogen and has been studied for potential high-performance in
space systems with oxygen difluoride (OF2) (Schneider, 1998).
Diborane has a melting point of –165°C and a boiling point of –92°C and a critical
temperature of 289K, significantly higher than that of methane, although the densities at
critical pressure are comparable (~0.16 g cm-3).
The combination of diborane and oxygen difluroide have been studied for some time
as components for space storable bipropellant propulsion (Silverman et al., 1961) because
they are hypergolic but with better performance (Isp ~ 380s) than nitrogen tetroxide and
and hydrazine (Isp ~320s). Although there was a substantial program investigating this
propellant combination about 30 years ago (Riebling et al., 1970), there were handling
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problems with the materials and with their combustion products, e.g, elemental boron
was produced that clogged the injectors, and the research was apparently dropped.
Erosion of carbon-carbon by diborane also occurs at elevated temperatures (section
8.5) while also providing a poorer specific impulse. Hence, it provides no advantage.
References
Riebling, R. W., W. B. Powell, D. L. Young, R. Y. Oshiro, and R. Y. Rowley, A survey of the current
status of thrust chamber technology for oxygen difluoride/diborane propellants, AIAA 70-717, AIAA
6th Propulsion Joint Specialist Conference, San Diego, CA, 1970.
Schneider, S. J., On-board propulsion system analysis of high density propellants, AIAA 98-3670, 34th
AIAA/ASME/SAE/ASEE Joint Propulsion Conference and Exhibit, Cleveland, OH, 1998.
Silverman, J., S. A. Greene, R. C. Ahlert, and G. A. Voorhees, Jr., Section 20.2, Liquid propellants, in
Handbook of Astronautical Engineering, H. H. Koelle, Ed., McGraw-Hill Book Company, Inc., NY,
1961.

Some information from the old nuclear thermal rocket engine designs of the 1960s
suggests that a coating of tantalum carbide could mitigate the hot hydrogen erosion of the
shield. One thought is that chemical vapor deposition (CVD) of a 1 micron thick layer
might suffice.
Thiokol’s final has assessment of chemical erosion of the carbon-carbon heat
exchanger indicated that ammonia has the best characteristics for performance but is
limited to ~2500K and an Isp of ~430s. Calculations were based upon volume rather than
mass constraints yielding good perihelion performance but only at very high initial
propellant fractions. (The total available wet launch mass for a Delta IV 4050 H is 1129
kg).
This turn of events led to new efforts in looking at the current state of the art in
fabricating materials resistant to extremely high temperatures, including consideration of
the engineering approaches used during the NERVA program to mitigate these same
problems.
8.5 Propellant Chemistry and Optimization
ATK-Thiokol
25 February 2002
8.5.1 Propellant and Shield Reactions
The preceding discussions assumed an ideal situation where there is no chemical reaction
between the propellant and the carbon-carbon shield. A study of the reaction rates between
hydrogen and graphite at a constant pressure indicate that the rate increases relative to
temperature and it is mentioned that equilibrium may not be achieved if the hydrogen flow rate is
too high 1. Therefore a chemical reaction between the propellant and shield must be assumed and
the result is that the ISP will be lower than the ideal situation. However, the method used to
analyze the ISP and determine the resultant chemical compositions for this study is not based on
propellant flow rate but assumes that equilibrium is achieved. Therefore, the ISP results should be
conservative if the flow is too high for equilibrium to be reached resulting a lower actual reaction
rate between propellant and shield. The predicted amount of shield remaining will also be
conservative if the flow rate is too high for the same reason.
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The analysis of the propulsion system, which includes reactions between the propellant and shield,
calculates the corresponding ISP, a value for the characteristic exhaust velocity (C*) and the mass fraction
of solid carbon-carbon remaining at equilibrium. The inlet pressure to the nozzle was lowered for the
analysis, where possible, to maximize the dissociation and subsequently maximize the ISP. This helped
compensate for the decrease in ISP due to the reactions between the propellant and shield. The pressures
used were 34.5, 103.4, and 206.8 kPa (5, 15 and 30 psia). Although higher temperatures were found to
provide the best ISP, the reaction rate with the shield was also increased thus requiring lower temperatures
to be considered. The results of the analysis for H2 (Hydrogen), NH3 (Ammonia), CH4 (Methane), B2H6
(Diborane), and N 2H4 (Hydrazine) propellants are summarized for nozzle expansion ratios of 50:1 and 20:1
in Tables 1-5. The analysis shows that a lower I SP will result from the lower expansion ratio but it is shown
for consideration when evaluating the nozzle sizes relative to the expansion ratio. The difference in ISP due
to expansion ratio decreases as the temperature decreases which makes the lower expansion ratio more
desirable from a weight and size point of view. Another observation is that pressure had less effect on the
ISP as the temperature was lowered. With this being the case, the higher pressures to certain point are also
more desirable for the nozzle design as will be discussed later. The values shown in the tables for the ∆V
and VESC were calculated as shown previously. Since the ∆V value is proportional to ISP and the VESC value
is proportional to the square root of ∆V, changes in VESC due to lower ISP values are less dramatic than the
changes in ∆V.
The amount of shield or carbon-carbon remaining at equilibrium is represented as a percent of the
initial amount (%Csolid). Each case used the same initial weight for the shield while the initial propellant
weight was based on the product of propellant density and volume where the volume remained constant for
all propellants and is noted at the bottom of each data table. Higher temperatures and lower pressures
increased the reaction rate between the propellant and shield. The results show that temperatures as low as
1800 K may be required to maintain some structural integrity in the shield. The temperatures at which H2
would work satisfactorily are close to 2000 K and generate escape velocities below 9 AU/yr. The reaction
of CH4 with the shield shows carbon from the propellant being deposited on the shield where the maximum
value for %Csolid if all was deposited would be 772%. The analysis does not indicate when the deposits
start or how fast it occurs but it should be assumed that the channels in the heat exchanger would become
restricted.
The most promising propellants for achieving the highest escape velocity with the least impact on
the shield are NH3 and N2H4. The results for these propellants are showing more than 80% of the shield
remaining and escape velocities over 12 AU/yr. The temperature that this occurs at is 2000 K and produces
ISP values of 372 sec for a nozzle expansion ratio of 50:1 and 361 sec for an expansion ratio of 20:1. The
original analysis, that did not consider propellant and shield reactions, showed an ISP value of 604 sec and
an escape velocity of 15.9 AU/yr for a temperature 3500 K and expansion ratio of 100:1.

8.5.2 Nozzle Design – with Ammonia Propellant
The required nozzle throat diameter to achieve the exhaust velocity with the given mass flow rate
and inlet pressure can be derived from the equation for throat area

AT = C *

M&
m2
1000 PC

or
DT =

where:
AT
m2
C*
m/s
DT
m
&
M
kg/s

4

C*

M&
m
1000 PC

Nozzle throat area
Characteristic exhaust velocity
Nozzle throat diameter
Mass flow rate (Propellant Mass/900 s)
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PC

kPa

Chamber pressure (Nozzle inlet pressure)

The resulting nozzle throat diameters values are shown in Tables 1-5. With this information the exit area
(AE) or diameter (DE) can be calculated with expansion ratio (ε), which is defined as the ratio of the exit
area to the throat area (AT).

AE = AT m 2
or
D E = DT

m

The length of the nozzle is more complex and would usually require more detailed flow analysis to
optimize for the inlet pressure, ambient pressure, erosion, flow losses, etc. The nozzle length can be
estimated by assuming a constant or average divergence angle in the range of 15 to 25 degrees and using
the following relationship:

L NOZZLE =
or
L NOZZLE =

D E − DT
m
2 tan

(

)

DT
−1
m
2 tan

For the case of NH3 with a temperature of 2000 K and pressure of 206.8 kPa (30 psia) the nozzle
parameters for a divergence angle of 15 degrees would be as follows:
Parameter

Value @ ε = 50:1

Value @ ε = 20:1

DT
DE
LNOZZLE

0.1686 m (6.64 in)
1.1921 m (46.94 in)
1.9100 m (75.20 in)

0.1686 m (6.64 in)
0.7540 m (29.69 in)
1.0924 m (43.01 in)

The size and weight of the nozzle for the system needs to be minimized. The relationship for calculating
throat area shows that higher pressures will require smaller throat areas. The analysis results show that for
lower temperatures (2000 K) where the reaction between propellant and shield is tolerable there is very
little difference in ISP versus PC. For instance, using the same conditions as above except with a higher
pressure of 517 kPa (75 psia), the nozzle parameters would be as follows:
Parameter

Value @ ε = 50:1

Value @ ε = 20:1

DT
DE
LNOZZLE

0.1066 m (4.20 in)
0.7538 m (29.68 in)
1.2076 m (47.54 in)

0.1066 m (4.20 in)
0.4767 m (18.77 in)
0.6907 m (27.19 in)

The difference in the VESC values for expansions ratios of 50:1 and 20:1 is small, therefore the
20:1 ratio should be considered to help minimize the size and weight of the nozzle. The limit in
minimizing the nozzle size would now be the pressure capability of the shield or heat exchanger. Analysis
of the structure was performed at 1379 kPa (200 psia) and produced stresses at approximately half of the
allowable stress for the configuration with 3-ply material and 10 mm channels. Operating at 517 kPa (75
psia) and the subsequent higher inlet pressure (required for pressure losses) would provide additional
margin to cover any structural degradation due to material losses.
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8.5.3 Heat Exchanger Pressure Losses – With Ammonia Propellant
An analysis of the NH3 propellant to evaluate the pressure losses along with the
achievable temperature was performed using similar input parameters used to evaluate the H2
propellant. The parameters used are as follows:
Incident heat flux:

401 W-cm-2

Thickness (# of plies):

0.9 mm (3-ply)

Channel size:
Mass flow rate:
Emissivity:

10 mm
2262 g/s
0.9

The initial temperature of the propellant entering the heat exchanger was assumed to be
342 K. Inlet pressures to the heat exchanger were determined by evaluating the pressure losses
across the heat exchanger and then iterating to achieve the desired exit pressure (inlet pressure to
the nozzle). Exit pressures from 69 kPa (10 psia) to 517 kPa (75 psia) were evaluated with the
results shown in Figure 1. The losses ranged from 243 kPa (35 psia) to 84 kPa (12 psia) for the
outlet pressures of 69 kPa (10 psia) to 517 kPa (75 psia), respectively. The required heat
exchanger inlet pressures would then range from 312 kPa (45 psia) to 601 kPa (87 psia). This
result shows that the operating pressure could be as high as 601 kPa where the analysis was
performed at 1379 kPa and showed stress values half of the allowable.
The thermal analysis of the propellant assumed an initial shield temperature of 2000 K
and results are shown in Figure 2. The final propellant temperature approaches 2420 K while the
final shield temperature is approximately 2475 K. The results were the same for all outlet
pressures evaluated.

8.5.4 Conclusions
The most promising of the propellants evaluated for the interstellar probe is ammonia.
This conclusion is based on the amount of shield remaining at equilibrium and the potential
escape velocity that can be achieved. The escape velocities are over 12 AU/yr as compared to the
over 15 AU/yr for the analysis without any reactions between the propellant and shield. This
difference is conservative based on the assumptions used in the analysis. The nozzle design
benefits from the need to reduce the temperature and the capability to operate the system at higher
pressure. This is still limited to a pressure that is safe for the shield or heat exchanger.
(1) Sanders, W.A., Rates of Hydrogen-Graphite Reaction Between 1550 and 2260°C,
Lewis Research Center, Cleveland, Ohio, NASA TN D-2738, April 1965.
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Table 1. Ammonia Propellant Analysis Results
NH3 (Ammonia) - Nozzle Expansion = 50:1
Temp (K)

3500

Press (kPa)
ISP (sec)
%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

3300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

3000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2500

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

1800

Note:

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

34.5
669
0.00%
3279.6
0.524
10.245
16.781

103.4
631
0.00%
3111.7
0.294
9.663
16.297

206.8
610
0.00%
3026.4
0.205
9.342
16.024

310.2
597
0.00%
2984.6
0.166
9.142
15.852

NH3 (Ammonia) - Nozzle Expansion = 20:1
517.1
581
0.00%
2939.2
0.128
8.897
15.638

622

588

567

556

543

0.00%
3047.1
0.505
9.525
16.180

0.00%
2918.5
0.285
9.005
15.732

0.00%
2857.5
0.199
8.683
15.448

0.00%
2827.6
0.162
8.515
15.298

0.00%
2795.3
0.125
8.316
15.118

550

520

506

499

493

0.00%
2743.8
0.479
8.423
15.215

0.00%
2671.6
0.273
7.963
14.794

0.00%
2636.5
0.192
7.749
14.594

0.00%
2618.8
0.156
7.642
14.493

0.00%
2598.4
0.120
7.550
14.405

443

437

434

433

432

2.89%
2387.5
0.447
6.784
13.655

3.30%
2366.5
0.257
6.692
13.562

3.30%
2356.7
0.181
6.646
13.516

3.21%
2352.1
0.148
6.631
13.500

2.92%
2347.0
0.114
6.616
13.485

410

408

407

407

406

50.00%
2245.2
0.433
6.279
13.137

49.88%
2231.7
0.249
6.248
13.105

49.63%
2226.0
0.176
6.233
13.089

49.37%
2223.2
0.144
6.233
13.089

48.87%
2220.2
0.111
6.217
13.072

372

372

372

373

373

84.47%
2044.9
0.413
5.697
12.513

84.16%
2041.2
0.238
5.697
12.513

83.54%
2039.7
0.169
5.697
12.513

83.08%
2038.8
0.138
5.712
12.530

82.10%
2037.9
0.107
5.712
12.530

351

351

351

352

352

93.73%
1922.7
0.401
5.375
12.155

93.11%
1921.5
0.231
5.375
12.155

92.34%
1921.2
0.164
5.375
12.155

91.41%
1920.8
0.134
5.391
12.172

89.59%
1920.2
0.103
5.391
12.172

∆V Calculated with dry weight of 541 kg and
fuel weight of 2036 kg

Temp (K)

3500

Press (kPa)
ISP (sec)
%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

3300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

3000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2500

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

1800

Note:

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

34.5
631
0.00%
3279.6
0.524
9.663
16.297

103.4
597
0.00%
3111.7
0.294
9.142
15.852

206.8
578
0.00%
3026.4
0.205
8.852
15.598

310.2
568
0.00%
2984.6
0.166
8.698
15.462

517.1
556
0.00%
2939.2
0.128
8.515
15.298

587

559

542

533

522

0.00%
3047.1
0.505
8.989
15.719

0.00%
2918.5
0.285
8.561
15.339

0.00%
2857.5
0.199
8.300
15.104

0.00%
2827.6
0.162
8.162
14.978

0.00%
2795.3
0.125
7.994
14.823

525

501

489

483

476

0.00%
2743.8
0.479
8.040
14.865

0.00%
2671.6
0.273
7.672
14.522

0.00%
2636.5
0.192
7.489
14.347

0.00%
2618.8
0.156
7.397
14.258

0.00%
2598.4
0.120
7.289
14.155

430

423

420

419

418

2.89%
2387.5
0.447
6.585
13.453

3.30%
2366.5
0.257
6.478
13.343

3.30%
2356.7
0.181
6.432
13.296

3.21%
2352.1
0.148
6.417
13.280

2.92%
2347.0
0.114
6.401
13.264

397

395

394

394

393

50.00%
2245.2
0.433
6.080
12.927

49.88%
2231.7
0.249
6.049
12.894

49.63%
2226.0
0.176
6.034
12.878

49.37%
2223.2
0.144
6.034
12.878

48.87%
2220.2
0.111
6.018
12.861

361

361

361

361

362

84.47%
2044.9
0.413
5.528
12.327

84.16%
2041.2
0.238
5.528
12.327

83.54%
2039.7
0.169
5.528
12.327

83.08%
2038.8
0.138
5.528
12.327

82.10%
2037.9
0.107
5.544
12.344

340

341

341

341

341

93.73%
1922.7
0.401
5.207
11.963

93.11%
1921.5
0.231
5.222
11.980

92.34%
1921.2
0.164
5.222
11.980

91.41%
1920.8
0.134
5.222
11.980

89.59%
1920.2
0.103
5.222
11.980

∆V Calculated with dry weight of 541 kg and
fuel weight = 2036 kg
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Table 2. Hydrogen Propellant Analysis Results
H2 (Hydrogen) - Nozzle Expansion = 50:1
Temp (K)

3500

34.5
1144

103.4
1072

206.8
1034

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

0.00%
5583.0
0.219
3.666
10.038

0.00%
5235.2
0.122
3.435
9.717

0.00%
5064.6
0.085
3.313
9.543

ISP (sec)
3300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

1057

999

967

0.00%
5132.5
0.210
3.387
9.649

0.00%
4875.0
0.118
3.201
9.380

0.00%
4756.1
0.082
3.099
9.229

ISP (sec)
3000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

939

891

866

0.00%
4568.6
0.198
3.009
9.094

0.00%
4455.3
0.113
2.855
8.859

0.00%
4405.9
0.079
2.775
8.733

ISP (sec)
2800

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

851

814

798

24.45%
4314.1
0.192
2.727
8.658

28.62%
4238.2
0.110
2.608
8.467

30.18%
4203.5
0.078
2.557
8.384

ISP (sec)
2000

Note:

H2 (Hydrogen) - Nozzle Expansion = 20:1

Press (kPa)
ISP (sec)

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

616

618

619

98.31%
3352.8
0.170
1.974
7.366

98.05%
3345.5
0.098
1.980
7.378

97.66%
3342.4
0.069
1.984
7.384

∆V Calculated with dry weight of 541 kg and
fuel weight = 209 kg

Temp (K)

3500

Press (kPa)
ISP (sec)

34.5
1079

103.4
1011

206.8
977

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

0.00%
5583.0
0.219
3.458
9.749

0.00%
5235.2
0.122
3.240
9.436

0.00%
5064.6
0.085
3.131
9.276

ISP (sec)
3300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

996

945

918

0.00%
5132.5
0.210
3.192
9.366

0.00%
4875.0
0.118
3.028
9.123

0.00%
4756.1
0.082
2.942
8.992

ISP (sec)
3000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

890

853

833

0.00%
4568.6
0.198
2.852
8.854

0.00%
4455.3
0.113
2.733
8.668

0.00%
4405.9
0.079
2.669
8.565

ISP (sec)
2800

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

818

786

773

24.45%
4314.1
0.192
2.621
8.488

28.62%
4238.2
0.110
2.519
8.320

30.18%
4203.5
0.078
2.477
8.251

ISP (sec)
2000

Note:

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

594

595

596

98.31%
3352.8
0.170
1.903
7.233

98.05%
3345.5
0.098
1.907
7.239

97.66%
3342.4
0.069
1.910
7.245

∆V Calculated with dry weight of 541 kg and
fuel weight = 209 kg
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Table 3. Methane Propellant Analysis Results
CH4 (Methane) - Nozzle Expansion = 50:1
Temp (K)

3500

34.5
747

103.4
704

206.8
684

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

0.00%
3538.4
0.429
8.837
15.585

0.00%
3317.7
0.240
8.329
15.130

0.00%
3239.4
0.167
8.092
14.914

ISP (sec)
%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

3300

ISP (sec)
%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

3000

ISP (sec)
%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

2000

CH4 (Methane) - Nozzle Expansion = 20:1

Press (kPa)
ISP (sec)

694

650

631

54.78%
3299.8
0.414
8.210
15.022

211.74%
3105.6
0.232
7.690
14.538

267.72%
3023.0
0.162
7.465
14.324

593

570

558

531.74%
2861.5
0.386
7.016
13.886

556.99%
2781.3
0.219
6.743
13.614

566.57%
2747.5
0.154
6.601
13.470

403

403

403

769.63%
2109.5
0.331
4.768
11.447

769.23%
2106.5
0.191
4.768
11.447

768.64%
2104.9
0.135
4.768
11.447

∆V Calculated with dry weight of 541 kg and

Note:

Temp (K)

3500

Press (kPa)
ISP (sec)

34.5
701

103.4
661

206.8
642

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

0.00%
3538.4
0.429
8.293
15.098

0.00%
3317.7
0.240
7.820
14.661

0.00%
3239.4
0.167
7.595
14.448

ISP (sec)
3300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

3000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2000

Note:

fuel weight = 1266 kg

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

652

612

594

54.78%
3299.8
0.414
7.714
14.560

211.74%
3105.6
0.232
7.240
14.107

267.72%
3023.0
0.162
7.027
13.898

559

540

530

531.74%
2861.5
0.386
6.613
13.482

556.99%
2781.3
0.219
6.389
13.251

566.57%
2747.5
0.154
6.270
13.128

387

386

386

769.63%
2109.5
0.331
4.578
11.218

769.23%
2106.5
0.191
4.567
11.203

768.64%
2104.9
0.135
4.567
11.203

∆V Calculated with dry weight of 541 kg and
fuel weight = 1266 kg

Table 4. Diborane Propellant Analysis Results
B2H6 (Diborane) - Nozzle Expansion = 50:1
Temp (K)

2750

Press (kPa)
ISP (sec)

344.7
516

517.1
514

689.4
513

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

22.93%
2406.7
0.114
6.212
13.067

23.27%
2404.6
0.093
6.188
13.042

23.38%
2403.0
0.080
6.176
13.029

ISP (sec)
2700

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2600

Note:

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

511

510

509

35.37%
2430.8
0.114
6.152
13.003

35.54%
2427.1
0.093
6.140
12.991

35.54%
2425.0
0.081
6.128
12.978

501

501

500

55.41%
2410.4
0.114
6.032
12.876

55.32%
2408.2
0.093
6.032
12.876

55.15%
2406.7
0.080
6.020
12.863

∆V Calculated with dry weight of 541 kg and
fuel weight = 1305 kg

B2H6 (Diborane) - Nozzle Expansion = 20:1
Temp (K)

2750

Press (kPa)
ISP (sec)

344.7
485

517.1
485

689.4
484

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

22.93%
2406.7
0.114
5.839
12.668

23.27%
2404.6
0.093
5.839
12.668

23.38%
2403.0
0.080
5.827
12.655

ISP (sec)
2700

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2600

Note:

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

482

481

481

35.37%
2430.8
0.114
5.803
12.629

35.54%
2427.1
0.093
5.791
12.616

35.54%
2425.0
0.081
5.791
12.616

474

474

473

55.41%
2410.4
0.114
5.707
12.524

55.32%
2408.2
0.093
5.707
12.524

55.15%
2406.7
0.080
5.694
12.511

∆V Calculated with dry weight of 541 kg and
fuel weight = 1305 kg

10/14/03

NIAC 7600-039 FINAL REPORT

83

Table 5. Hydrazine Propellant Analysis Results
N2H4 (Hydrazine) - Nozzle Expansion = 50:1
Temp (K)

3500

Press (kPa)
ISP (sec)

34.5
596

103.4
564

206.8
545

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

0.00%
2924.3
0.600
10.981
17.373

0.00%
2785.9
0.338
10.391
16.900

0.00%
2714.9
0.236
10.041
16.613

ISP (sec)
3300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

3000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2000

Note:

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

555

525

507

0.00%
2727.0
0.579
10.225
16.764

0.00%
2619.5
0.328
9.673
16.305

0.00%
2567.6
0.229
9.341
16.023

491

465

453

0.00%
2465.5
0.551
9.046
15.768

0.00%
2403.7
0.314
8.567
15.345

0.00%
2373.2
0.221
8.346
15.146

336

335

336

80.80%
1845.3
0.476
6.190
13.044

80.36%
1842.2
0.275
6.172
13.025

79.98%
1840.7
0.194
6.190
13.044

∆V Calculated with dry weight of 541 kg and
fuel weight = 2998 kg

N2H4 (Hydrazine) - Nozzle Expansion = 20:1
Temp (K)

3500

Press (kPa)
ISP (sec)

34.5
563

103.4
534

206.8
518

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

0.00%
2924.3
0.600
10.373
16.885

0.00%
2785.9
0.338
9.838
16.444

0.00%
2714.9
0.236
9.544
16.196

ISP (sec)
3300

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

3000

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)
ISP (sec)

2000

Note:

%Csolid
C* (m/s)
DT (m)
∆V (k/s)
VESC (AU/yr)

525

500

485

0.00%
2727.0
0.579
9.673
16.305

0.00%
2619.5
0.328
9.212
15.912

0.00%
2567.6
0.229
8.936
15.672

470

449

438

0.00%
2465.5
0.551
8.659
15.427

0.00%
2403.7
0.314
8.272
15.079

0.00%
2373.2
0.221
8.070
14.893

325

325

326

80.80%
1845.3
0.476
5.988
12.829

80.36%
1842.2
0.275
5.988
12.829

79.98%
1840.7
0.194
6.006
12.848

∆V Calculated with dry weight of 541 kg and
fuel weight = 2998 kg
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Figure 1. Pressure Losses
Heat Exchanger Pressure Loss Analysis - NH3
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Figure 2. Thermal Analysis
NH3 - Propellant Temperature in Heat Exchanger
Emissivity = 0.9, Flow = 2262 g/s, Channel Size = 10 mm, 3 ply, 4 Rs
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In these final calculations for the solar thermal propulsion, the thrust management
system was based upon a (conventional) circular thrust chamber. For the 5 psia 3500K
case using H2, the nozzle throat diameter was 0.343m, i.e. a throat area of 0.092 m2. The
primary thermal shield is 3.2 meters wide, so a two-dimensional throat 3 meters long
must be ~3.1 cm wide. For a 20:1 expansion ratio, the exit width would be ~62 cm with a
correspondingly long nozzle. This part of the design received little attention at the
systems level.
Clearly, some combination of design changes are required, e.g. a smaller expansion
ratio, higher chamber pressure, and/or a tailoring of the geometry of the expansion nozzle
to keep the mass and size down. As noted in the report of last month, detailed work on
the nozzle is required for this system that has not yet been accomplished.
For a chamber pressure of 75 psia, the specific impulse drops from 1381s to 1190s,
but the required throat width also drops to 0.18 cm. The corresponding exit width is 3.6
cm and the nozzle length is ~3.6 cot 15° = 13.5 cm. The optimal solution can be found. It
is a question of jointly minimizing the nozzle size with the largest specific impulse. The
current work has localized the “best” solution that will have to be found on a future
associated task.
8.6 Metal Hydride Storage of Hydrogen
As an alternative approach for hydrogen storage, we also reviewed the current state of
the art (and promise) of using metal hydride systems to store hydrogen (the approach
being taken in current hybrid, hydrogen automobile designs). We have found that the
mass of the storage means is much higher than cryostat masses and simply not
appropriate for use as hydrogen fuel storage in our application.
From http://hydpark.ca.sandia.gov/AppData_introgrn.html hydrogen storage capacity
in hydrides was assessed. The listing for magnesium hydride gave the largest weight
percentage of any of the listings scanned. The weight percent is [wt.%=(100)(H)/(H+M)].
Capacity is the fully hydrided value, that is, the highest hydrogen concentration measured
in the hydride phase limit. It does not necessarily represent the reversible capacity for
engineering purposes.
Here magnesium was also one of the lightest elements that appeared for use in a
hydride. Typical weight per cent values are ~1.5%; in all cases enough H2 can be stored
such that the chemical energy liberated from subsequent use in a fuel cell, battery, or
combustion can make sense. These values are all far too low to have any applicability to
the storage of hydrogen as a deep-space propellant. The best that one can do for hydrogen
storage in this form is with magnesium hydride that has the capability for storing 7.66%
of hydrogen by mass of the hydride complex.
MgH2 as a fine powder will react slowly with H 2. Mg has a high vapor pressure and
will evaporate significantly above 300 C. The powder will also tend to sinter above 300
C. To activiate, one heats to 325 C under vacuum, applying at least 10 atm pressure of
H2. Generally the activation is very slow in reaching the atomic ratio of 2.0 H/M and this
can only be done with difficulty. Surface doping with Ni is strongly recommended
(Bogdanovic, 1993). The finer the powder, the better will be the hydriding kinetics; the
powder highly flammable.
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Applications that have been considered include: solar heat engine (Groll, 1994); heat
storage (Groll, 1994), and H2 storage.
Bogdanovic, B.; Hartwig, J.H.; Spliethoff,B., Int. J. Hydrogen Energy, 18 [1993] 575 (485)
Groll, M.; Isselhorst, A.; Wierse, M.Int. J. Hydrogen Energy, 19 [1994] 507 (301)

8.7 NERVA and High-Temperature Materials
We have completed a review of NERVA technology and test results from the nuclear
rocket program. The most significant problem was running the fission reactors at
sufficiently high temperatures to provide performance while not cracking the fuel pellets
due to coefficient of thermal expansion (CTE) mismatch between the uranium compound
fuel and the coating (typically a carbide). Other problems not of direct concern to a solar
thermal system, but to a small epithemal neutron nuclear system such as the proposed
MITEE engine are uranium diffusion at the high temperatures required for the best solid
core nuclear thermal rocket performance.
In spite of NASA’s newly announced initiatives with nuclear propulsion, the use of
so-called radioisotope thermal propulsion (see power section below) remains problematic
for system masses (less power and propulsion) in excess of ~125 kg. We have also
reconsidered advanced ion engines coupled to nuclear fission systems (R. A. Bond and A.
R. Martin, Deep Space Missions Using Advanced Ion Thrusters and Nuclear Power
Sources, IAA-92-0229), but the scalings are such that these missions appear to have
masses near or greater than ~10 metric tons, significantly heavier than systems we are
considering. This has historically been a problem with nuclear electric propulsion (NEP)
designs, given that launch to escape or at least a very high nuclear safe orbit sets a
maximum mass of the system that is allowable for a Delta IV 4050H launch vehicle (the
largest expendable launch vehicle on the near-term horizon).
We have once again returned to solar thermal propulsion as the best technical
solution. However, it is clear that chemical reactions prevent the use of uncoated carboncarbon in the portion of the heat exchanger in contact with the propellant (either
hydrogen or ammonia). Some protection is required, and a survey of high-temperature
materials used in NERVA and in rocket nozzles, clearly points to carbides, notably
tantalum carbide (TaC) and hafnium carbide (HfC), the latter having the highest melting
temperature of any known binary compound (3890°C) and exceeding the melting point of
tungsten the element with the highest melting point (3410°C).
Some of these problems were discussed in a paper from 15 years ago discussing the
problems inherent in solar thermal propulsion (J. M. Shoji, et al., Solar Thermal Rocket
Design and Fabrication, CPIA Publication 425, Vol. 1, 1985). The key process identified
was the construction of large pieces of tubing from chemical vapor deposition (CVD) of
rhenium (Re) metal. Rhenium has the second highest melting point of any element save
tungsten (3180°C) and rhenium has been successfully deposited on carbon-carbon by
Ultramet, a company working on high-temperature rocket nozzles for some time
(http://www.ultramet.com ). They have also developed a high-temperature coating to
carbon-carbon of HfC and silicon carbide (SiC) in alternating layers in order to surmount
the CTE problem. This material has successfully withstood temperatures of 2480°C for
short periods of time. Reaching the higher temperatures desired for the probe thermal
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shield rules out the use of SiC due to its melting point (2700°C). However, for the probe
only one cycle of heating is required to withstand the cracking and the use of some
layering technique using HfC may be possible. A contact with Ultramet verified that
CVD of rhenium on carbon-carbon is possible; the Re forms a liner that is free to move
during heating so that no cracking occurs. Current problems involve how thin a Re layer
can be put down. We determined that a 5 micron layer of Re on carbon-carbon has
minimal mass impact on the shield. Ultramet has verified the compatibility of Re and
HfC with hydrogen up to the melting points. For more details see section 7.6 Materials
Concerns for the Solar Thermal Engine on the Realistic Interstellar Probe.
By baselining rhenium or hafnium carbide as a coating (the latter only if the
coefficient of thermal expansion mismatch problem can be solved) operation to the 3300
to 3500 K regime with hydrogen or ammonia can be achieved. Again, hydrogen gives the
best performance. The limits of this performance can be bracketed as follows:
Define a characteristic thermal speed w such that
1/2 A m_p w^2 = kT
where m_p is the proton mass, A the atomic weight, and k Boltmann’s constant. Then
for 3500K we have
H_2 w = 5.3750 km/s
H w = 7.6015 km/s
The ratio of specific heats gamma for a monatomic gas is 5/3 and for a diatomic gas
is 7/5.
The exhaust speed v_ex is given by
V_ex = w sqrt (gamma/[gamma-1]) and the specific impulse by
I_sp = v_ex/g (g = 9.81 m/s^2)
For H, gamma = 5/3 and for H2 gamma = 7/5 (monotomic and diatomic limits), so
that at 3500K
Isp (H2) = 1025s
Isp(H) = 1500s
The true value for H2 will increase to that of H as the pressure is lowered and net
dissociation increases in the plume.
At 3500K, detailed calculations yield for H2:
1461.8s at 5 psi and 1280.5s at 45 psi
At 3000K, detailed calculations yield for H2
1174.1s at 5 psi and 1040.4s at 45 psi
while the limits above are at 3000K
Isp (H2) = 949K
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Isp(H) = 1389K
So these numbers are consistent with the simple estimates.
We initially baselined ammonia as the propellant of choice – somewhat reluctantly as
there is no room for growth due to the high molecular weight. However, in using our
parametric analysis to make this decision, we found that although the NH3 system
slightly outperformed the LH2 system, this only worked for a small thermal shield just
large enough to protect the NH3 tank. In turn, the protected area was found to be too
small to accommodate the probe as described above. The reason is that the probe size is
driven by the size of the main optic – driven in turn by the power and mass limits coupled
to the required downlink rate from 1000 AU(!). We therefore retraced our steps and
baselined the LH2 system with its heavier cryostat. In this case, performance is limited by
the cryostat and thermal shield mass; hence, lighter materials with proper thermal
requirements could allow a higher initial propellant mass fraction, and, hence, better
performance.
These trade studies were made initially at a zeroth-order level by modeling the
spacecraft components to scale.
(Below) Scale model of the probe in the perihelion carrier. The triangular prism (left
end) gives the envelope for the probe and the right circular cylinder gives the envelope
for the cryostat. The primary and secondary thermal shields and solar thermal propulsion
(two-dimensional) engine are also modeled.

8.8 Low Thrust Options
A study of low-thrust options was begun to look for a means of increasing the speed
of the eventual probe by another factor of 10 over what can be obtained with the powered
solar perihelion maneuver. Such an increase would mean the need for a perihelion delta
V to be increased by a factor of 100. This was deemed not “practical” and other schemes
were considered. The only viable approach appears to be the use of ion propulsion
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powered by a fission reactor (fusion is not yet “realistic” within the scope of the study as
confinement issues remain unsolved for ground-based fusion reactor prototypes).
A study of low-thrust options had also been recommended by one of the reviewers at
the NIAC site visit on 25 January 2001.
The issues pursued are (1) what is the means (if any) of reaching a 200 AU/yr escape
speed from the solar system and (2) what is a baseline approach that is readily
comparable from a systems standpoint with the perihelion maneuver approach.
Additional information on ionization efficiencies on all noble gases in extrapolated ionengine use is required to complete a full systems trade.
8.8.1 Discussions with NASA Glenn Research Center
We reached Steve Oleson of Glenn Research Center (GRC) on 1 November 2001 for
discussions on the state of the art for low-thrust propulsion. Discussions included the
subjects of grid erosion, ionization efficiency with decreasing mass of the noble gas used,
and the idea of supercritical storage in high-pressure tanks for the propellants.
On 28 November 2001, a telephone conversation was held with Stan Borowski, also
of GRC, regarding the current status of technology development for nuclear thermal
rockets (NTR). Some work was done the previous year at GRC in conjunction with the
Team X mission development center at the Jet Propulsion Laboratory (JPL) on the use of
NTR on low-mass missions to the outer solar system. Since some type of non-solar
power, typically RTGs, are required for power in the outer solar system, consideration
was given to low-power (<2 kW) bimodal operation, such as has been considered for the
much larger manned-Mars architecture. Here again, the idea is to keep the liquid
hydrogen (LH2) propellant at cryogenic temperatures by using an appropriate cryocooler
refrigerator. An alternative considered was a nuclear electric propulsion (NEP) system
using a few 10’s of kW to power ion thrusters.
Scaling to low-mass, low-power systems remains an issue in all of these systems
studies, similar to the issues encountered with our own work. Dr. Borowski noted that at
~100 kW of greater, Brayton converters remain an efficient and robust choice (a 10 kW
unit has been run for 38,000 hours – over 4.3 years). One could use four current units for
a 100 kW system, albeit with no redundancy.
8.8.2 MITEE-B
Other NIAC work by Powell and co-workers is also ongoing on the MITEE engine
concept and possible use of it in bimodal system architectures. Using tungsten/rhenium
cermet with 235U as the fissionable fuel continues to indicate promise for small-scale high
Isp, high-thrust engines. A recent paper on MITEE describes its use in a bimodal mode:
MITEE-B: A Compact Lightweight Bi-modal Nuclear Engine to Deliver BOTH High
Propulsive Thrust and High Electric Power (IAF-01-S.6.05) by Powell, Maise, Paniagua,
and Borowski. Even the MITEE-B version 2 reaches only a total delta V of 60 km/s or
~12 AU/yr, less than then nominal 20 AU/yr target performance to which we are
working.
8.9 Low-Thrust Propulsion
4/14/01, rev. 4/17/01, rev. 4/19/01; 6/30/01; 7/21/01; 7/23/01
R.L. McNutt, Jr.
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Low-thrust propulsion generically describes technologies applicable to space vehicles in
which significant delta-V is delivered over long times (months to years) and for which
the thrust and acceleration is very small compared with the gravitational acceleration at
the surface of the Earth (9.81 m/s2). All of these concepts apply to non-ballistic motions
in space and are based upon the propellant being totally separated from the energy source
used to expel it. For example, chemical rocket engines produce the energy to accelerate
the propellant (via chemical burning of the fuel and/or fuel plus oxidizer) as well as the
propellant itself (product of the combustion). Chemical engines are thus limited in the
possible specfic impulse by the energy content that can be extracted via exothermic
reaction. Typical maximum values are ~290s for solid rocket engines, ~320s for spacestorable bipropellant (nitrogen tetroxide plus hydrazine), and ~420s for cryogens (LOX
plus LH2). Despite significant investments in time and money, there has been little
advance in these numbers for decades. Higher specific impulses typical require mild
cryogens (e.g. diborane plus oxygen difluoride for Isp = ~380s [Schneider, 1998]) that
also pose significant extra handling hazards or cryogens that offer little extra performance
(LOX plus liquid fluorine for Isp ~460s) with major increases in storage, handling, and
combustion product toxicity and danger. An important point about chemical engines is
their very high specific power α (kW/kg). This is enabled by the simplicity of typical
systems that rely on thin-walled tanks and de Laval nozzles for the efficient conversion of
thermal to directed kinetic energy. The later is based upon a fundamental property of
hydrodynamic flow, successfully brought into engineering practice for rocket engines by
Goddard.
Low-thrust propulsion schemes have been driven primarily by the goal of obtaining very
high specific impulse. The physical means of enabling high Isp typically implies other
constraints that limit the thrust to low levels. The first ideas of using ions and electric
propulsion means traces back to Goddard in 1906 and Oberth in 1929 [Stuhlinger, 1964];
the rest of the historical development is outlined by Stuhlinger [1967]. Here, electric
and/or magnetic fields are used to ionized a propellant and then accelerate it. Specific
impulses can be quite high (~3000 s), although thrust is low. A significant problem has
been realizing the relatively small specific power required to make the approach
practical. Despite early optimistic projections [Stuhlinger, 1967], the power must be
provided external, processed and delivered to the engine, and this has posed significant
technology development issues. The two approaches are to use solar-produced power
from arrays (Solar Electric Propulsion or SEP) or nuclear produced power from a nuclear
reactor (Nuclear Electric Propulsion or NEP). The first approach has been successfully
tested in space with the Deep Space 1 (DS-1) mission with a specfic power of ~65 kg/kW
[Williams and Coverstone-Carroll, 1997]. The latter has never been flown although much
effort has been spent on development. One approach was to use a reactor in conjunction
with arcject engines based on ammonia propellant [Deininger and Vondra, 1988; 1991].
A high-specifc impulse system using a test bed of electric thrusters was to be flown under
the Nuclear Electric Propulsion Test Program (NEPSTP) using xenon propellant and a
Soviet TOPAZ II nuclear reactor [Cameron and Herbert, 1993; Herbert and Cameron,
1993; Landshof and Cameron, 1993]. The TOPAZ II reactor provided 135 kW of thermal
power converted to 6 kW electric power at 27V using in-core thermionic conversion. The
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reactor is fueled with ~27 kg of 96%-enriched U-235 dioxide pellets and uses a
zirconium hydride moderator. The reactor includes a stainless-steel shield filled with
lithium hydride for attenuating both gamma and neutrons (~500 krad and 5x1012 neutrons
cm-2 over three years of operation at 6.5 m from the core in the shadow of the shield). The
reactor alone contributes a specific mass of 1061 kg/ 6 kW = 177 kg/kW, exclusive of
tankage (for 700 kg of xenon), power processing electronics, and test ion engines. The
overall spacecraft mass was estimated as 3500 kg including 700 kg of xenon fuel. Five
different electric thrusters were to be tested (SPT-100, NASA Ion-30, T5-ITS (UK),
Hughes-XIPS, and T-160). That project was cancelled prior to development.
Other low-thrust schemes with high specific impulse include those with energy collected
from off the spacecraft: solar sail, microwave, and those using interaction with the
ambient medium: magnetic sail and plasma sails [e.g., Winglee, 1999].
Systems carrying propellant on board include radioisotope sails [Short and Sabin, 195960; Linhardt, 1963; Forward, 1996].
Solar thermal propulsion (STP) has been posed in both low-thrust and high-thrust
[Ehricke, 1956; 1961] applications. Nuclear thermal propulsion (NTP) uses a nuclear
reactor to heat propellant to high temperatures to provide high Isp AND high thrust.
Depending upon operating temperatures, solid-core, liquid-core, and gas-core schemes
have been studied.
Systems that are currently receiving the most study are SEP (DS-1 is seen as having
moved the corresponding technology to a high Technology Readiness Level – TRL) and
solar sails [Liewer et al., 2000] as a high-Isp but non-nuclear propulsion approach. Sails
primarily have materials issues associated with minimizing the areal density after the
material, rip stops, control lines (for attitude and thrust vectoring), deployment
mechanism(s) and spacecraft package are all included. At this time, the main problem is
providing a test flight for a prototype in order to advance the TRL for the concept in
general and engineering issues associated with deployment and control in particular.
SEP studies have included a variety of mission concepts requiring large delta-V changes.
Fern [1996] studied the usage of an SEP system to deploy Ulysses rather than using the
IUS/PAM-S three-stage solid rocket. The approach is based upon the UK-25 ion
propulsion system. The study used 27 kW of solar array power included in a total upper
stage mass of 575 kg, an α of 21.3 kg/kW. Total thrust is 250 mN with a mass flow rate
of 5.17 mg/s. The total launch mass is just under 2.7 metric tons as compared with the
~20 metric tons of the Ulysses stack deployed from the Space Shuttle. The Ulysses
trajectory would be reached in about 5 years with no Jupiter flyby and a correspondingly
smaller aphelion.
A similar study has looked at SEP for missions to the local interstellar medium (LISM)
[Routier, 1996]. The concept is again based upon the UK-25 (a Kaufman-type elecron
bombardment engine using xenon propellant). With a thrust of ~510 mN, an electrical
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power of ~50 kW is required. The hyperbolic escape speed is 76 km/s from an initial
masss of ~9000 kg including 2900 kg of propellant.
A different approach seen as a less taxing technical step weds electrical propulsion with
the energy output of radioisotope thermoelectric generators (RTGs). Such radioisotope
electric propulsion (REP) have been seen as a near-term solution to the outer solar system
and beyond in spite of large specific masses for the power plants (~100 to 200 kg/kW)
[Noble, 1999]. Technology developments driven by use of thermophotovoltaic (TPV) and
alkali metal thermal to electric (AMTEC) generators were seen as showing pomise for
reducing power plant masses to ~50 kg/kW from the current state of the art (~200
kg/kW). A rendezvous mission to Pluto-Charon was considered with an Earth launch in
2010 and power plant specific masses of 100 and 200 kg/kW with escape from low Earth
orbit (LEO) to C3=0 done with chemical propulsion. Flyout times of 10 to 20 years are
quoted as possible with “excess velocities of several km/s … supplied at Earth escape.”
But also “Note that as the hyperbolic excess velocity is increased, there is proportionately
less improvement in flight time with lower specific mass. There is no reason to delay a
Pluto science program in the hope of getting very low specific mass powerplants.” In the
concept presented, the LEO mass is estimated as “only about 5000 kg” including an
LH2+LOX chemical system to provide the initial boost to a 400 kg sciencecraft of 100 kg
payload, 100 kg REP stage, and 200 kg of propellant. A further breakdown for a generic
spacecraft gives a 250-W ion thruster, 40 kg/400W RTG, and a 50-kg spacecraft bus
including the payload.
For any mission that carries propellant and a power source, the mass ratio is given by
∆v

−
mf
gI
= e sp
m0

For a spiral orbit in a gravitational field, the corresponding equation is [Stuhlinger, 1964]
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Where µ for the Sun is (29.79 km/s)2 AU, and a f and a 0 are the final and initial orbit radii
axes, respectively. Here, the approximation is made that the instantaneous speed is
approximately that of a circular orbit at the corresponding radial distance. That is the
spiral is tight and all thrusting is in the purely azimuthal direction. Note the
corresponding delta V is simply the difference in orbital speed for two circular orbits at
radii r1 and r2, true for any tight-spiral trajectory [Landshof and Cameron, 1993] (the
corresponding total speed change required using two point-thrust maneuvers to transfer
via a Hohmann ellipse is

92

10/14/03

∆v =

NIAC 7600-039 FINAL REPORT

1 / 2

2  r2
r  1
1 
− 1 −
−
r1 + r2  r1
r2   r1
r2 

Which is smaller than
∆v =

 1
1 

−
r2 
 r1

1 / 2

With the amount depending on the sizes of the starting and ending radii. For example,
suppose we wanted to go from a heliocentric orbit at 1 AU (v= 29.79 km/s and outside of
the Earth’s gravitational field) to a Sun-synchronous orbit (period of 27.725 days [Allen,
1973] at 0.17736 AU or 38.1 solar radii). The Hohmann solution requires a speed change
of 34.9 km/s total compared to a low-thrust, tight-spiral change of 40.9 km/s.
Going in the other direction, A low-thrust, tight-spiral transfer to 35 AU (vicinity of
Pluto) takes a speed change of 24.7 km/s (speed in final orbit of 5.0 km/s). A Hohmann
transfer requires 11.7 km/s at Earth (C 3 = 138 km2/s2), with, of course a long transfer time
(76 years!) and a speed relative to Pluto of ~3.8 km/s.
Time required for these low-thrust transfers depends entirely upon the specfic mass of the
power plant and the required speed change. Total power required depends upon the total
mass of the vehicle.
Azimuthal thrusting is more efficient than radial thrusting (for which the orbits osculate
for the thrust less than one-eight the local gravitational acceleration; the final orbit radius
asymptotically approaches twice its initial value for F = 1/8 glocal. [Stuhlinger, 1964:
1967]).
Optimized low-thrust mission profiles require numerical integration of trajectories, but
the idealized tight-spiral, tangential thrust approximation can be used to provide some
relevant limits and estimates on performance.
Suppose we want to reach an asymptotic speed of 20 AU /year (~94.8 km/s). Direct
thrust at 1 AU plus coast would require 69.6 km/s. At an Isp of 3000s, the required mass
ratio is 10.6. To maximize the efficiency we need (∆v)2~αt [Stuhlinger, 1964; 1967],
where α is the specific power. To reach this speed in 10 years would require ~65 kg/kW
if this were to be done efficiently, but with a very large mass ratio of ~10. Increasing the
specific impulse to 6000 s brings the mass ratio down to ~3.3. This requires a reduction
in the specific mass to ~65/(3.3)2 = 6.1, a ten-fold improvement over the current state of
the art.
The characteristic distance traveled is ~minitialvexhaust/(mass flow rate). For a “burn time” of
10 years and a mass flow rate of 0.1 g/s, the fuel mass required would be 31,000 kg and
the initial wet mass 334 metric tons. Bringing the required fuel down to 3100 kg
increases the fuel expenditure to 1 g/s, well past the current state of the art. The initial
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wet mass is still 33 metric tons; the characteristic distance traveled during the
acceleration is then ~150 AU, and the implied power-plant masses are in the MW and
greater range.
8.9.1 Summary
Once again, these”back-of-the-envelope” calculations illustrate the problems with
imparting speeds of over ~50 km/s to small spacecraft. Even solar sail schemes for solar
system escpae have been baselining the leveraging effect of thrust within the solar
gravitational well far within 1 AU (typically 0.2 to 0.3 AU [Liewer et al. ,2000]. Large
delta V’s set the required specific impulse for efficient operation. Values of 50 km/s to
100 km/s correspond to 5000s to 10,000s, values high but reachable with various electric
thruster technologies. “Reasonable” thrusting times of 5 to 10 years, then set acceptable
figures of merit for the specific mass of the power planet. Ten years at 5000s Isp implies
~130 kg/kW is acceptable while five years at 10,000s implies ~15 kg/kW is required.
Running at mass flow rates as high as 50 mg/s (a current of 36A of Xe+) then implies that
over five (ten) years, the fuel usage is 7900 kg (15,800 kg). Cutting these fuel-flow rates
back by a factor of ten again gets us back within near-term operational parameters. Using
xenon (A=133) at a specific impulse of 5000s requires an accelerating potential of only
1670V. At 3.6A the electrical power requirement is 6.0kW and at, say 50 kg/kW, we
need 300 kg of propulsion system mass. To reach a speed change of 50 km/s requires a
mass ratio of 2.77 (initial fuel fraction of 64%). Using 200 kg of payload and structure
(exclusive of the power plant) means the final mass is 500 kg and we had to start with
1385 kg, of which 885 kg is xenon fuel. The real question is can we assemble such a
system?
It is worth noting that the DS-1 architecture cannot be used; there is no sunlight for most
of the powered flight. NEPSTP planned to use 700 kg of Xe over 3 years for about 2.6
times the overall system mass.
For comparison with the solar perihelion maneuver scheme at 4 solar radii, we really
want to go up to ~100 km/s. To avoid a mass ratio increase, the specific impulse must
double. The acceleration potential must quadruple to 6680V and the power requirement
goes to 24 kW, still running 3.6A of Xe through the system. At 885 kg of fuel and 5
mg/s, the engine(s) must run for 5.6 years. The specific mass must now decrease to 12.5
kg/kW for the power section. Pu-238 provides ~0.6 W/g; 24 kW at a 60% production
efficiency (advanced converter) would require 40 kW of thermal power. This in turn
would require 67 kg of Pu-238 out of 12.5x24 = 300 kg allotted. Both REP and NEP
systems could be considered.
The distance traveled is given by integrating the mass ratio equation while assuming a
constant mass flow rate
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For our mass ratio of 2.77, specific impulse of 5000s, initial mass of 1385 kg, and mass flow rate of 5 mg/s,
the vehicle travels some 24.6 AU in the process of coming up to speed.

There are questions about whether such a system can be assembled, but, given the
similarity of parameters to what we have been considering, this scenario provides a good
basis for comparison.
8.9.2 Historical Background
The reference to Goddard’s conceptual invention of electric propulsion is given in the
first chapter of Stuhlnger [1964] on the “History of Electric Propulsion. ” The reference
is “…’high-velocity streams of negative and positive particles,’ energized by solarelectric power supplies, which would be applied after the burnout of a chemical booster
rocket to accelerate a planetary vehicle during the first half, and decelerate it during the
second half, of its trajectory between the earth and a planet. Electrostatic forces could be
used either to accelerate the ionized exhaust particles of a hydrogen-oxygen rocket, or to
accelerate ions generated from alkaline ions on hot tungsten surfaces. As early as 1916,
Goddard and his students conducted experiments with ion sources and ‘electrified jets,’
consisting of chemical rocket jets into which ions had been injected.”
Goddard’s first experiment with an electric gas discharge tube was in 1906. The materials
about his ideas on electric propulsion are from his notebooks [Stuhlinger gives the initial
reference as: Goddard, R. H.: R. H. Godard: an Autobiography, Robert H. Goddard
Notebook dated September 6, 1906, Astronautics, vol.4, p.24, 1959].
Stuhlinger [1964] also notes that Oberth devoted a chapter of his seminal book on space
travel to electric propulsion [Stuhlinger gives the reference as: Oberth, H.: “Wege zur
Raumschiffahrt,” R. Oldenbourg KG, Munich, 1929]. Oberth had concluded that
although the rate of propellant flow would be small, the exhaust velocity would be high,
producing a noticeable thrust. This thrust could act over a long period of time, and,
hence, “electric systems will find applications in space vehicles which are designed to
travel to distant targets.” [Stuhlinger, 1964].
8.9.3 Parametric Studies
Drawing on some of the older references in Stuhlinger [1964], it is interesting to note that
there was a great deal of initial work on trying to simply quantify how low-thrust
trajectories could be implemented in the most efficient fashion. Lawden [1955]
considered what the optimal steering of the thrust vector with respect to the vehicle
velocity vector should be for uniform acceleration in a central gravitation field. He found
that the initial thrust should be displaced away from the vehicle velocity vector and
toward the gravitating body, the angle continuously diminishing with time in the course
of the maneuver. This was tested for the case of the propulsion system throttled to yield
continuous acceleration.
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A semi-analytic approach (again for the case of constant vehicle acceleration) was
studied by Michielsen [1957]. Again, the case studied was for constant acceleration
beginning in a circular orbit and thrusting to escape from the central gravity field.
Michielsen [1957] derived semi-analytic formulas based upon (1) constant acceleration
and (2) the optimal thrust scenario with the thrust vector midway between the tangent to
the trajectory and normal to the radius vector. Define the characteristic velocity as the
time integral of the acceleration ∫ a dt. Comparing with the instantaneous ∆V to produce
the same velocity at infinity, he finds that the characteristic velocity exceeds the
characteristic velocity by a factor of up to 3 (the maximum) if the speed at infinity is
equal to one-half the initial circular orbital speed. He notes that in general there is a
typically a penalty factor of ~2.5 or less associated with long-term low thrusting in a
gravitational field as compared with impulsive short-term ∆V maneuvers to provide the
same final effect. Put differently, the increase of specific impulse associated with lowthrust technology is typically lower by a factor of ~2.5 in a gravitational field than it
would be in field-free space.
For performance of a low-thrust vehicle using onboard NEP or REP propulsion for solar
system escape, numerical studies are required for a starting circular orbit at 1 AU (from
C3=0) up to a variety of escape speeds. These can then be compared with similar
performance from impulsive maneuvers at 1 AU (effectively comparing C3 = 0 + lowthrust propulsion against C3>0 escape orbit performance). For realistic scenarios, constant
thrust should be assumed; there are no simple analytic solutions to this problem, and
numerical integration of the equations of motion is required.
8.9.4 Reaching for Higher Speeds
8.9.4.1 Thermal Approach
All chemical and thermal (nuclear thermal and solar thermal) propulsion systems, while
capable of delivering high power outputs, rely on the hydrodynamic flow and DeLaval
nozzle geometry to convert undirected (thermal) energy efficiently into directed
(supersonic) energy. The technique was developed and, to large extent, perfected by
Goddard. Chemical rocket engines are limited by the energy content of the reactants.
Other thermal approaches avoid this limit by using propellant independent of the energy
source. However, this approach now runs into the limit imposed by the transfer of heat
from the propellant back into the engine structure. Regenerative cooling can help, but
ultimately, temperatures are limited to less than just over 3000 K, at which temperature
all materials fail due to phase change limits set by fundamental physics.
Nuclear thermal concepts [Shepherd and Cleaver, 1948a,b; 1949; Powell et al., 1999]
have attempted to maximize specific impulse by considering concepts as close to these
fundamental limits as possible by considering both liquid [Maise et al., 1999] and
gaseous-core engines [Grey, 1959; Bussard and DeLaurer, 1965]. Part of the trade space
has been to operate as close as possible to ultimate engine-cheamber temperature, but
increase the specific impulse by minimizing the atomic mass per propellant molecule, a
trade only possible if the thermal energy source and propellant are decoupled, something
not possible with chemical engines. The propellant of choice is of course hydrogen with
an atomic mass of 2; if the exhaust pressure can be lowered sufficiently to increase
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dissociation of H2 to atomic H, further gains, and the ultimate limit of this approach can
be reached. This approach can be applied to solar thermal propulsion as well [Lyman et
al., 2001]. Specific impulses ~900s to 1200s may perhaps be reached before liquid-core
or gas-core engines would have to be considered.
8.9.4.2 Electric Approach
To reach higher exhaust velocities (specific impulse), more energy per exhaust particle
must be attained – but always in a collimated manner. For a random distribution of
velocities, there is a huge penalty to pay as the only the non-symmetric component can
contribute to forward thrust. For example, an isotropic Maxwellian distribution limited to
exhaust over 2π ster only contributes 1/4 of the specific impulse of a fully collimated
beam with the same characteristic thermal speed.
The next stage of increasing specific impulse is with arc-jet and other similar type
thrusters [Stuhlinger, 1964; Deininger and Vondra, 1988; 1991]. Arc temperatures of up
to several tens of thousands of degrees can be reached (with an external electric power
supply) until the conductivity of the arc exceeds the internal conductivity of the power
supply. Mass flow rates, and hence thrust, is limited [Stuhlinger, 1964].
Electric and plasma approaches provide the next increase in exhaust speed via the use of
electrostatic and/or electromagnetic forces [Stuhlinger, 1964]. Electrostatic propulsion is
the simplest conceptually, relying on a potential drop between an ion source and grid to
accelerate ions that are subsequently neutralized in space charge by an electron spray.
Beam neutralization is not the problem that was originally thought to be the most
problematic aspect [Stuhlinger, 1964].
It is now recognized that such engines can indeed be used for primary propulsion; the
limiting factor apparently is grid erosion associated with the integrated mass flow rate
[Williams and Coverstone-Carroll, 1997]. Systems concerns include propellant storage,
feed system, and ionization. Initial research focused on cesium (atomic mass 133) and
mercury (atomic mass 200) as easily storable, easily ionized, and with high mass-tocharge ratio to enable relatively large mass flow rates at a given accelerating potential.
Implementation on DS-1 is with xenon (atomic mass 131) [Williams and CoverstoneCarroll, 1997]; high-pressure xenon was also the baselined propellant for NEPSTP
[Cameron and Herbert, 1993]. As an example, xenon at a specific impulse of 3000s
corresponds to an exhaust speed of 29.4 km/s or an accelerating potential of ~590V.
Increased exhaust speed can be obtained by decreasing the corresponding atomic mass of
the propellant. In succession, exhaust speed goes up as the propellant is changed to
krypton (atomic mass 84), argon (atomic mass 40), neon (atomic mass 20), helium
(atomic mass 4), or atomic hydrogen (atomic mass 1). Decreasing atomic mass also
implies storage problems as the density and boiling points decrease.
To match the system performance to the required mission efficiently, the required change
in speed, exhaust speed, and speed associated with low-thrust propulsion should all be
comparable. The latter is the square root of twice the thrusting time times the specific
power of the propulsion system [Stuhlinger, 1964]. For example, to reach 20 AU/year in
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free space with a xenon engine over a 20-year thrusting time, we need an exhaust speed
of 94.8 km/s or Isp=9660s, corresponding to a xenon ion accelerated by 6145V. For
twenty years of operation the powerplant specific power should be ~0.00712 kW/kg or a
specific mass of ~140kg/kW. Suppose we have equal delta V and exhaust speeds (mass
ratio of 2.718 or an initial propellant fraction of 0.63212). Suppose the spacecraft bus
exclusive of the propulsion system is 200 kg. Suppose further that we can run 10
milligrams/s of xenon through the engine. This corresponds to an electrical current of
2.85 amperes of electrical current. The power consumed is then 2.85 x 6145 = 17.5 kW;
the associated powerplant mass is 17.5 x 140 = 2451 kg and the total dry mass is
2451+200 = 2651 kg. The initial mass must be 2651 x 2.718 = 7204 kg loaded with 4554
kg of xenon. To bring down the thrust time, the specific mass of the power plant must
also decrease, but the mass flow rate and hence total power must go up. For five years of
thrusting to get to the same speed (and hence use the same potential), the specific mass
must go to 35 kg/kW while the mass flow goes to 40 mg/s and the power goes to 70 kW.
The total mass of the powerplant is then the same. Decreasing the thrusting time by a
factor of 4 and not decreasing the specific mass of the power plant means that the
efficiently reached exhaust speed is lower by a factor of 2. At the same mass ratio, the
specific impulse needs to be decreased by a factor of 2, so the accelerating potential
comes down by a factor of 4. The power stays the same if we increase the current (mass
flow rate) by a factor of 4. In this case the price is halving the speed that is eventually
reached.
There are two ways to reach a higher speed: (1) increase the accelerating potential or (2)
decrease the mass of the propellant exhaust particles. Suppose we keep the same potential
of 6145V but switch the propellant from xenon (ions) to hydrogen (ions, i.e., protons).
The exhaust speed goes to 1085 km/s (= 229 AU/yr or equivalent to a specific impulse of
110600s). Alternatively, we could raise the accelerating potential to 131 x 6145V =
805kV. In either case, the square of the speed is up by a factor of 131, so for the same
acceleration time of 20 years, the specific mass must decrease to ~140/131 = 1.069
kg/kW. A mass flow rate of 10 milligrams/s of protons corresponds to 131 x 2.85 =
373A, a total power of 373A x 6145V = 2.29 MW produced and dealt with in the same
2451 kg of powerplant mass. By changing the propellant from xenon to hydrogen, we can
increase the terminal speed by a factor ~11 by increasing the power by a factor of 131
while decreasing the specific mass of the powerplant by the same factor.
The situation is, of course, not so straightforward. Electrostatic engines are designed to
operate near the perveance limit (set by space charge effects in the acceleration region).
In this case the current density goes as the accelerating potential to the 3/2 power, as the
accelerating region spaceing to the –2 power, and as the ion mass to the –1/2 power. The
geometry is by the limites imposed by field emission that can short out the acclerating
potential. In the example just given going to protons from xenon ions at the same
potential would actually increase the current flow (and required poower !) by a factor ~11
(the faster moving protons tend to decrease the spacecharge density produced by the
slower-moving xenon atoms. For a given engine technology, the tradespace is
complicated.
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Some compromise between protons and xenon with a compromise between 6000V and
800 kV can thus give us ~200 AU/yr with a low-thrust system. While we could in
principle, reach about half this speed with an impulsive maneuver deep within the Sun’s
gravitational well, a high-thrust delta V maneuver of ~35 km/s would be required. The
corresponding specific impulse of ~3600s cannot be reached with a thermal device;
required mass flow rates are ~500 g/s corresponding to ~48 MA of protons or ~360 kA of
xenon ions. Technologies to produce such beam currents in small packages are
problematic at best; developments in tokamak research for controlled fusion come closest
to similar characteristics.
8.9.4.3 Nuclear Approach
Use of radioisotope sails emitting alpha particles over a hemisphere at ~5 to 6 MeV give
the next step up in speed [Short and Sabin, 1959-60; Forward, 1996] (at 6 MeV an alpha
particle is traveling ~17,000 km/s, a specific impulse of ~2 x 106 s). Here the mass ratio is
extremely limited however giving rise to inherently small terminal speeds. A proton with
an energy of 5 MeV travels at about 10% of light speed. The 10 mg/s of protons from
such a particle accelerator require a power source ~2 GW (= 2000 MW, the power output
of larger nuclear power reactors. Such performance is possible, but just not in a small
package. Shepherd [1999] has recently emphasized powerplant scaling as the driving
problem in conceptually implementing advanced nuclear fission and fusion space
propulsion schemes.
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8.9.5 Preliminary “Next Step” Propulsion
“Low-thrust” fission propulsion
~5 MW of electrical power (1000 A @ 5 kV)
~16,000 kg of H2 (10 mg/s for 50 years)
~ 4200 AU travel during “burn”
This summary was based upon what was scoped out for presentation on 5 June 2001
at NASA Ames Research Center for the 3rd NIAC Fellows meeting there.
The target terminal speed is 200 AU/yr = 948 km/s. At an initial propellant fraction of
60%, the mass ratio is 2.5, the required specific impulse is 1.05x105 s. To maximize the
specific impulse, the propellant of choice is again LH2. The specific impulse corresponds
to an exhaust speed of 1035 km/s or H+ accelerated through ~5.6 kV

m  m 
m
x = gI sp 0 1 − final  ln 0 +1 
m˙ 
m0  m final  
Here x is the distance traveled. Issue is the sizing and specific mass of the power plant.
Some type of nuclear energy is required.
Example System:
Assume 10 mg/s of H+ = 960 A of current => 5.35 MW of electrical power required
Assume 50 year acceleration time => m propellant = 15,800 kg
m0 = 26,300 kg
mfinal = 10,500 kg
Assume 1.5 kg/kW => mpowerplant = 8000 kg => mpayload = 2500 kg
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During acceleration (50 years), probe travels 4250 AU. The minimum size is set by
reactor criticality, power processing, engines, and propellant tanks. Required power and
H2 amounts comparable to manned Mars mission requirements.
Another Next-Step Example
+
8
Assume H engine running for 20 years (6.3 x 10 s)
Assume 20 mg/s flow rate (192 A of current) (12,600 kg of hydrogen)
Power required is 192A x 5600V = 10752 kW [10.8 MWe]
The DS-1 thrusters came from the NSTAR program [Williams and Coverstone-Carroll,
1997]. Characteristics include use of Xe+ ions accelerated through a molybdenum grid
with the following characteristics at maximum and minimum power:
Power
2.3 kW
0.52 kW
Thrust
90 mN
20 mN
Isp
3280s
1990s
Thruster operation is presumably perveance limited. From ancillary information and the
Child-Langmuir law we can derive the following characteristics. For xenon, the atomic
weight is ~131
Power
2.3 kW
0.52 kW
Vexhaust
32.18 km/s
19.52 km/s
Voltage
708.1 V
260.5 V
Current
3.25 A
2.00 A
J (30-cm dia) 4.60 mA/cm^2
2.83 mA/cm^2
M dot
4.44 mg/s
2.74 mg/s
M dot (formula) 2.55 mg/s 0.94 mg/s (based upon PPU input power)
F/vexhaust
2.80 mg/s
1.02 mg/s
I from mdot 2.05 A
0.746 A
I/V3/2
1.088x10-4
1.773x10-4
If we take the high-power case for the DS-1 NSTAR engines and use the Child-Langmuir
law to scale the engine operation, i.e. assume
2  e 
j=
9  m0 

1 / 2

3 / 2

d2

where j is the current density, φ the accelerating potential, d the plate spacing and m0 the
ion mass. Changing the voltage from 708.1 V to 5.6 kV and the mass from 131 to 1 (Xe+
to H+) suggests that the current from an NSTAR engine should go from 2.05 A to
2.05 x (5.6/0.7081)3/2 x (131/1)1/2 = 521.8 A from the increase in current density. To reach
the required 960 A only two engines would be required. For the NSTAR architecture, the
erosion rate and so the engine lifetime would decrease as well. Clearly this design would
not be acceptable for a 50-year thrust time!
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Stuhlinger [1964] notes that “The statement that heavy particles are preferable for an ion
propulsion system is therefore equivalent to the statement that a low-current high voltage
ion motor is preferable to a high-current low-voltage motor.” Here the main consideration
is on specifying a total thrust level which is based upon the total power. By next selecting
the particle mass, the voltage and current are then set. In this case, larger currents
typically require larger motor areas and hence, motor mass, all else being constant
[section 5-8 of Stuhlinger, 1964]. However, these considerations have not folded in the
exhaust speed and its relation to the mass ratio for a given delta V. Stuhlinger [1964]
suggests that a maximum voltage for an ion engine may well be in the range of 50 kV to
100 kV (p. 252). Such an upper limit then suggests that there is an optimum mass-tocharge ratio of the particles to be used.
For an exhaust speed of 1035 km/s, Xe+ energy would be 732 keV or an acceleration
potential of 732 kV, a high value for an ion motor. Long-term storage of helium is
problematic due to its very low boiling point (4.216 K at 1 atm). The use of neon (atomic
weight 20 and boiling point of 27.10 K at 1 atm) would require an accelerating potential
of 112 keV; molecular nitrogen (boiling point 77K at 1 atm) with an atomic weight of 14
would require an accelerating potential of 78 kVand would perhaps be a better overall
choice for a propellant.
At 100 kV, an H+ ion travels at 4377 km/s (corresponding to Isp = 4.46 x 105 s). This
speed corresponds to ~923 AU/yr or ~1.46% light speed. The next step up in speed would
require a significant additional technology step.
A combined fission-based ion-propulsion system architecture based upon mercury-ion
(atomic weight 200) engines has been described by Aston [1986]. The system design
point is a burn-out speed of 0.0122c for the purpose of reaching Proxima Centauri in
~400 yrs. The probe science, communications, command, and control systems were
allocated 5000 kg and a Brayton-cycle energy-conversion scheme was assumed. The
power source is assumed to be a rotating bed reactor (RBR) powered with U233. The
engines would run for 65 years after the probe reached a terminal speed of 0.0122c.
Proxima Centauri would be passed 389 years after launch. The other design parameters
from the optimized design include:
Isp
=
400,000s
Thrust =
500N
Propellant mass fraction
=
0.6
Energy conversion efficiency =
0.4
Initial vehicle mass =
427,000 kg
Engine input power =
1000 MW (typical of a commercial nuclear power plant)
Ion beam current
=
60.1 A
Ion energy
=
16.7 MeV (!!)
Propulsion time
=
64.9 years
Here the beam energy was assumed to come from the stacking of 50 keV electrostatic
accelerator stages. A two-year lifetime was assumed for each engine.
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Aston [1986] noted the previous discussions by Jaffe et al. [1980] and Shepherd [1952].
Shepherd [1952] noted that an “ion-rocket” was the most probable means of propulsion
to get to the stars. He considered an optimized mass ratio 4.9 and a terminal speed of
10,000 km/s. The required exhaust speed is 6300 km/s. He noes that using carbon, the
required acceleration voltage is 2.5 MeV. High-current (megampere) light ion beams
have been produced in particle-beam fusion research activities at several MeV but only
for ~10 nsec [Miller, 1982]. Such devices typically have very low repetition rates and are
very large and massive devices. Although such pulsed devices can carry large ion
currents up to the MeV regime, it is far from clear that the physical principles, much less
the technological approaches, could be mapped into a means of rocket propulsion.
As a sideline, it is perhaps worth noting that megampere beams of MeV electrons can
also be produced with current pulsed-power technology. The electrons are relativisitic,
but a relativistic rocket exhaust could only be obtained if similarly light particles were
available to provide charge neutralization. The only particles that could apparently fulfill
this role are positrons. Such a “solution” brings a whole host of additional problems into
play.
8.9.6 Historical System Concepts and Studies
8.9.6.1 Lipinski et al
[199?] also considered a fission-powered mission. Here the scale is set by 2500 kg
allocated for the payload. A Brayton-cycle combined with a fission reactor is used to
generate the electricity to run an ion engine. The design goal is the nominal gravitational
lens distance of the Sun, about 550 AU away. Additional design parameters are
Isp
=
15000s
Initial mass =
10,000 kg
Power
=
2 MW (electric)
Powered flight time =
6 to 10 years (different cases considered)
Specific masses assumed for the power plant range from 2.5 kg/kW to 10 kg/kW
Flyout time to 1000 AU for all cases considered is ~30 to 35 AU.
The proposed technology is a gas-cooled fission reactor with a closed Brayton cycle
converter. The authors note that the required specific impulse can be reached by scaling
the NSTAR engine using xenon at 2.3 kW and Isp = 3300s. For options they suggest one
of the following:
(2) xenon with the voltage increased to 23 kV (from 1100 V – apparently the
current NSTAR operating point) – LXe keeps the tankage volume and
pressure low with the total tank empty mass held to ~300 kg
(3) argon with the operating voltage increased from 1100 V to 6600 V
(4) lithium propellant to keep the system non-cryogenic
Lipinski et al. [199?] note that the power increases as the square of the specific
impulse so the thrusters would nominally run at about 50 kW each. (2.3 kW x
(15000/3300)2 = 47.5 kW).
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The technology builds on the SP-100 program with the significant feature that the
4.2% efficient thermionic conversion system min SP-100 is replaced with a 50% efficient
closed Brayton cycle system. Heir reference design produces 2002 kWe with 48.8%
conversion efficiency at ~5.1 kg/kWe.
The total vehicle dry mass 12,500 kg (their case 2) with an initla mass in LEO of
~45,000 kg (a mass ratio of 3.6 – some additional fuel is included for a transverse
maneuver at 550 AU to maximize the science return (!)). A large radiator 1250 m2 –
radiating to deep space from both sides) is required running at a low temperature of 262
K set by the melting point of NaK (used as the working fluid and circulated with a 7 kWe
electromagnetic pump).
The reactor is cooled with 30/70 mole-% He/Xe with uranium nitride fuel. The active
core measures 0.60 m in diameter by 0.5 m long. Fuel rods are anchored in a BeO matrix
that provides a limited amount of moderation. The system is inherently stable with a
strong negative thermal feedback.
Significant system issues (not noted by the authors) include the obvious ones. (1)
space-qualified 2 MWe reactor, (2) a ~50% efficient space-qualified Brayton converter,
(3) deployment of the solar arrays, and (4) the large initial mass in low-Earth orbit of ~45
metric tons (including 32.5 metric tons of propellant – Xe, Ar, or Li).
8.9.6.2 Jaffe et al
[1980] concept grew out of the 1976 symposium on “Missions Beyond the Solar
System” held at JPL in August of that year. A mission to another star was rejected as
“establishing a spacecraft lifetime of 10,000 years by the year 2000 is not considered
feasible.” Jaffe et al. [1980] provide a snapshot of perceived promise of various advanced
propulsion systems (nuclear-pulse, nuclear-thermal, and solar-thermal propulsion near the
Sun are NOT noted). Based upon their survey, they chose a fission nuclear electric
propulsion (NEP) system as their baseline. They also noted that inclusion of a daughter
Pluto Orbiter spacecraft made sense due to the serendipitous near-alignment on the sky of
the location of Pluto and the direction from which the the interstellar mefium is entering
the solar system (equivalently the direction to the “nose” of the heliosphere). See also
Jaffe and Norton [1980] and Jones and Sauer [1984] for more descriptions of this NEP
system (1.4 MWth of 235-UO2; 5 A of Hg at 3450 V in 30-cm- ion thrusters at 5300s
specific impulse).
The suggested baseline NEP system used mercury propellant and noted that the
unexpended propellant would be a good shield against reactor gamma-rays (due to its
high liquid density of 13,600 kg/m3). – N.B. it is interesting to compare this with LH2
density of 70 kg/m3, but noting that the unexpended hydrogen in an LH2 system would
help shield against reactor neutrons. The noted that the propellant mass fraction should be
~40 to 60% with a target exhaust velocity of 100-140 km/s (Hg+ at 100 km/s requires an
accelerating potential of 10.4 kV, increasing to 20.5 kV at 140 km/s). They further
suggested the use of a 500 kWe unit (two if a second-stage booster was to be used) with a
20% conversion efficiency (method not specified) to yield a powerplant specific mass of
17 kg/kWe. They suggest an initial mass in low-Earth orbit (IMLEO) of 32 metric tons
for the fully fueled spacecraft, increasing to 90 metric tns if an NEP booster is also
employed). The spacecraft plus payload is allocated 1200 kg including “one to two” kWe
of auxiliary poer as a first-order assumption (principally for the communication system).
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Full-power operating time is taken as 8 years (plus 4 years for the booster, if used) and
requires autonomous reactor operation to deal with fission-product buildup.
For the design considered thee booster does not add that much performance, but does
require significantly more initial mass:
System
Single Unit
Unit + Booster
IMLEO
32 MT
90 MT
Hyperbolic speed
105 km/s (22.1 AU/yr)
150 km/s (31.6 AU/yr)
Time to engine burnout
8 years
4 years
Distance in 50 years
1030 AU
1350 AU
The authors also consider data and information management, operations, and
communications with the spacecraft. For example, the baseline downlink assumes 40 W
transmitted power at X-band using a 15-m diameter antenna. A 100-m-diameter
receiving antenna on the ground is assumed to retrieve 100 bps of data from 1000 AU.
They note that the data rate can be increased to 1000 bps at 1000 AU, by increasing the
transmitter power to 1 kW.
Optical downlink was viewed as providing little advantage due to low power
processing efficiency, high noise spectral density, and high-precision pointing
requirements for the onboard antenna (!).
In a general survey of required technology, the authors note that the possibility of an
all-cryogenic spacecraft for flight after 2000 was considered but warrants further study.
For the cryogenic spacecraft, the idea was to keep the spacecraft temperature below 20K
so superconductors could be used for ALL parts, keeping power consumption to a watt or
less. The NIAC approach has been to look at “more conventional” ultra-low power (ULP)
electronics that can operate near or above liquid nitrogen temperatures (our baseline
approach has been to target ~125 K for operation).
Specifications from Martin et al. [1988]:
500 kW electric
20% conversion efficiency
Isp = 10,000s
Vfinal = 100 km/s
Spacecraft mass excluding power and propulsion system is 1200 kg
Burnout distance is 65 AU, 8 years after launch (70,000 hours on the reactor)
Then continue for 50-year mission at 1/3 full reactor power
Dry NEP system is 30 to 35% of spacecraft mass
Propellant is 40% to 60% of the spacecraft mass
Initial mass in low-Earth orbit (LEO) is 32 tons
8.9.6.3 Pawlik and Phillips
1977] considered a 400 kWe propulsion system with a specific mass goal of ≤25
kg/kW. The system was based upon a fission reactor with thermionic convertors that
could fit within the payload bay of the Space Shuttle (as its capabilities were then
understood). In spite of their poor conversion efficiency, the thermionic converters were
selected explicitly for their long life time associated with a purely passive mechanical
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design (compare below on the use of Stirling and Brayton converters). All mission
profiles were for robotic missions and included landers and sample returns from both the
Jupiter and Saturn systems. The vehicle had a projected mass of 9400 kg with a payload
capability of 12,400 kg, including a large orbiter and multiple laners with sample return
canisters. Total vehicle mass was constrained to less than 29,500 kg (29.5 MT) with a
specific impulse of 9000 seconds.
Reactor thermal output is baselined as 3.46 MW and the use of NaK for heat
rejection. The thermionic converter system was baselined with a conversion efficiency of
15% (!!). Accounting for all other efficiencies in the system 270 kW would be in the
exhaust jet (also accounting for 5 kWe to run the spacecraft).
For the engines, a trade was considered between high-thrust magnetoplasma dynamic
(MPD) and ion thrusters. The 10-cm diameter, 100-kg MPD thrusters use argon to deliver
55.1 N thrust at an exhaust speed of 49 km/s (Isp ~ 5000 s) and the 30-cm diameter, 7-kg
ion thrusters use mercury to deliver 0.37 N thrust at an exhaust speed of 88 km/s (Isp ~
9000 s). The specific impulse is the main driving difference in these cases. 8.96 MT of
Hg is needed versus 17.28 MT of Ar. Neither cryogenic storage or high-pressure storage
requirements for the Ar were considered. Startup of the reactor in a low-Earth orbit
(LEO) that is NOT considered nuclear safe was also not considered.
Specifications from Pawlik and Phillips [1977]:
NEP spacecraft
9400 kg
Payload
12,400 kg using 400 kWe for transit to Jupiter in 1300 days (~3.6 years)
Design goals: 20 kg/kW power system
5 kg/kW thrust system
Thermionic out-of-core power system (heat transferred from core via heat pipes)
Fast reactor with Mo-40% UO2 and BeO reflector
Maximum mass
29,500 kg
Isp
9000 s
Full power for thrust 30,000 hours (3.4 years)
Molybdenum heat pipes
15% efficiency thermionic conversion operating at 1650K
Baseline engine system:
30- to 36-cm ion thrusters
7 kg each
V_exhaust = 88 km/s (Isp = 8970s)
80% efficient
0.37 N thrust
16.24 kW using Hg propellant
Advanced engine system:
10-cm magnetoplasma dynamic thrusters
100 kg each
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V_exhaust = 49 km/s (Isp = 4994s)
50% efficient
55.1 N thrust
2.7 MW using Ar propellant and intermittent operation
8.9.6.4 NEPSTP
Original concepts for nuclear reactors in space were the Nuclear Electric Propulsion Test
Project (NEPSTP) and a concept for a space test of the SP-100 reactor. NEPSTP was
begun under Strategic Defense Initiative (SDI) sponsorship at the Applied Physics
Laboratory (APL) but terminated after Preliminary Design Review (PDR) due to
changing national priorities. Designed as a test of various electric thrusters integrated
with a Russian TOPAZ-II reactor, the system mass was sufficiently large that the overall
speed change in Earth orbit was not that great.
8.9.6.5 TAU
The thousand astronomical unit mission (TAU) was primarily driven by the requirement
for taking a large optical telescope to 1000 AU from Earth and remaining in contact with
a high data rate for doing astrometric observations [Nock, 1987].
Specifications from Martin et al. [1988]:
1000 AU in 50 years
Jupiter swingby [on the way out from 1 AU] reduces the thrust time by 8 months – or –
reduces the trip time by 10 years
Key challenge is the thruster lifetime:
Need 18,000 hours (10 years) on each thruster
Originally used Hg; switched to Xe
Two thrusters to be on at the same time, so a total of 12 thrusters are needed
Requirement was 12.5 tons for a 1 MW [electric] system
ð 0.0125 kg/W = 12.5 kg/kW
Full power lifetime of 10 years is required
Specifications from Nock [1987]:
1000 AU in 50 years
1 MW nuclear reactor
10 years of thrust
Xe propellant
HLLV used and 5000 kg net spacecraft mass (exclusive of power and propulsion, which
are jettisoned following thrusting)
250 km/s ion exhaust speed
10 metric ton propulsion system (nominal is 12.5 kg/kW)
Go to liquid storage of Xe to minimize tank mass
Use Sorption cooler technology and waste reactor heat to actively refrigerate the Xe
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40 metric tons of propellant
590 kg of tankage
[tankage to propellant fraction = 0.015]
450 kg cooling system
1040 kg total
[0.026 effective tankage to propellant fraction]
Estimate for thrusters:
18,000 hour lifetime
12 thrusters at 20% redundancy
41 kg for each thruster
4 PPUs (10-year lifetime each, multiply switchable)
100% redundancy
Propulsion system specifics from Table 9:
Isp = 12,500s
6.8 N thrust total
25.3 A
490 kW input
110-cm Xe thrusters
System dry mass
4160 kg
Xe mass
40,000 kg
1-m diameter optical communication system used to deliver 20,000 bps from 1000 AU
10 W laser power on board
10 m receiver at Earth
Initial spacecraft wet mass is 61,500 kg

[Initial fuel fraction = 0.650]

8.9.6.6 SP-100
The proposal for a space test of the SP-100 reactor involved the use of arcject engines
with ammonia as propellant [Deininger and Vondra, 1988]. The system provides 100
kWe with a specific impulse of 1050s and a mass flow rate of 0.25 g/s and 2.8 N of thrust
from each engine. Three 30-kW arcjet engines would be powered. The overall spacecraft
[Deininger and Vondra, 1991] came in at 5675 kg excluding the propellant feed system
and ammonia propellant. The ammonia is stored at 150 psia (boiling point of 298 K) in a
spherical titanium tank; the 3.5-m internal diameter tank can store the required 13,150 kg
of ammonia). Either the Space Shuttle or a Ttian IV was to deliver the spacecraft ot an
initial circular orbit of 925 km altitude (500 nautical mile orbit) prior to reactor startup (a
nuclear safe orbit). Total delta V’s of 6 to 7.9 km/s were considered that would take the
vehicle to high-Earth orbits (HEO) of up to 58,000 km altitude, depending upon the
scenario and assumptions. The mission remained a paper study and the hardware never
progressed as far as that baselined for NEPSTP.
Specifications from Deininger and Vondra [1988]:
SP-100 Flight Experinment
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92 kW NH3 arcjet system
Isp = 1050s (V_exhaust = 10.3 km/s)
Efficiency of 45%
100 kWe system at 5250 kg (52.5 kg/kW)
Reactor system at 30 kg/kW
Out-of-core thermoelectric power conversion system coupled to a fast-spectrum,
liquid-metal-cooled reactor.
Three sets of four engines; each engine can operate for 1500 hours (62.5 days)
NH3 propellant stored at 150 psi in a spherical titanium tank (at 150 psi, NH3 boils at
298K).
Engines operate for 6 months at 0.25 g/s (total propellant of 11,700 kg at 0.25 g/s
corresponds to 542 days total or 180 days for each of the three sets of engines).
One 4-m inside diameter (i.d.) tank can hold 18,278 kg of ammonia with a 10%
ullage. Total tankage and feed system mass is estimated from (including 10%
contingency):
msystem = 100.0 kg + 0.20 mpropellant
Dry mass summary:
Space reactor power system (SRPS)
3000 kg
Bus
1000 kg
SRPS thruster system diagnostics
500 kg
Arcjet module
250 kg
Miscellaneous
500 kg
Total mass
5250 kg
EXCLUDING the propellant system and feed system
Deininger and Vondra [1991] noted that the arcjets were selected because it was
estimated at the time that they had about half the space system development cost required
for ion engines.
The spacecraft had an overall capability of a delta_V of ~6.0 to 7.9 km/s
With 11,700 kg of ammonia, the formula above gives propellant system mass of 2440
kg or a dry mass total of 2440 + 5250 = 7690 kg; using a wet mass of 11,700 + 7690 =
19,390 kg for the launch mass gives a mass ratio of 19,390/7690 = 2.52 – initial
propellant fraction of 0.603. Then a delta V of 6.0 to 7.9 km/s corresponds to an Isp range
of 661s to 871s; arcjets apparently went out of favor for development due to efficiency
problems and the inability to reach much higher Isp and, hence, delta Vs at high
propellant fractions.
8.9.6.7 Johnson and Liefer
[2000] discuss an updated NEP system for an interstellar precursor mission. Small
NEP systems were studied using krypton propellant and a compact reactor design based
on the Department of energy (DoE) secondary nuclear auxiliary power (SNAP) design.
The SNAP design uses uranium zirconium hydride (UZrH) that proves sufficient
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moderation of the neutrons that a smaller critical size is obtained than with the SP-100
fast reactor design. A mechanical (Rankine) conversion system was envisioned using a
steam or toluene system. The thrusters were eight 25-kW Kr ion engines running at Isp
between 12,000 and 14,000 s. A 10-year lifetime was projected using minimal erosion
carbon-carbon grids. For both an interstellar mission and a Kuiper Belt Object (KBO)
Rendezvous mission (that cannot use solar sails due to the requirement to slow down), a
Delta IV heavy would launch the vehicle to Earth escape (a mass of 8435 kg is noted for
C3=0 for a Delta IV H). Guaranteed launch to escape eliminates worries about nuclear
safe orbits as well as time-consuming (and propellant-consuming low-thrust spiral to
escape).
Johnson and Liefer [2000] note in their list of components for the NEP system for the
KBO mission that the system sized to carry 3181 kg of Kr uses Al tanks with insulation
and active refrigeration. The dry propulsion mass is 522.8 kg and includes eight thrusters
and power-processing units (PPUs) based upon the design for the DS-4 mission
(cancelled due to cost overruns and disappearing margins in the design). Four thrusters
run at once, but eight are needed due to lifetime/Kr-processing limits (500 kg of mass per
thruster). Each is a 60-cm thruster running at 25.3 kW and an Isp of 9475 s.
8.9.7 Current Technology Status
From the meeting held at Glenn Research Center, current designs for both ion and
Hall (MPD) thrusters are not being carried to higher acceleration voltages due to erosion
from sputtering of the engine by the a fraction of the propellant ions. Erosion goes up
with potential limiting overall propellant throughput, and hence impulse. Further gains in
possible Isp will only come with low-erosion engines (being pursued with replacing the
molybdenum grids with carbon-carbon). Some performance gain is being explored by
changing from Xe to Kr, but this will alreadt have a systems impact (not apparently
explored) due to new requirements for active refrigeration. Hall/MPD thrusters have
higher thrust but lower Isp and arcjet/resistojet systems have still higher thrust at still
lower Isp.
Power conversion remains a major issue. The failure of the X-2000 Advanced
Radioisotope Power System (ARPS) effort has led to new gains in the use of Stirling and
Brayton convertors. The Stirling converters are being paired with Pu-238 RTG systems
and the Brayton converters with the conceptually much larger U-235 fission reactors for
use with >10 MT manned Mars architectures.
In tests Stirling converters have run for > 65,000 hours (~7.5 years), so overall run
time does not appear to be an issue, in spite of the moving parts. Systems that require
very accurate pointing while the engines are running, e.g. for laser com at a large
distance, do not appear to have been studied. A 15-kg system (Stirling 2.0) providing 124
We (121 kg/kW) at beginning of mission (BOM) is projected. Pu-238 is assumed. Its
availability (domestic and non-domestic), as well as the currently available inventory, do
not appear to be publicly accessible information by design (although not stated as
classified information). Stiriling Radioisotope Generators (SRGs) are stated as having
four times the efficiency of a “standard” Radioisotope Thermoelectric Generator (RTG)
although no absolute numbers were given in the presentation. The Stirling 2.0 model is
based upon two General Purpose Heat Source (GPHS) Pu-238 fueled bricks.
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8.9.8 Conclusions
8.9.8.1 Power Supplies
Based upon a 6% conversion efficiency for the thermoelectric converters in a “standard”
RTG, a conversion efficiency of ~25% for the SRG can be assumed. Thus a 15-kg unit
can be assumed to provide 124 We from ~496 With. With Pu-238, decrease of power
with time out to a 50-year or extended 100-yr mission time remains problematic. Am-241
is not being investigated, probably due to its much lower heat output and lack of
processing infrastructure, despite the fact that its use could easily solve the inventory and
supply problem while also eliminating almost all power profile decay worries (due to its
432-yr halflife).
8.9.8.2 Low-thrust Propulsion
For near-term low-thrust propulsion, the best performance (highest Isp) is still predicted
to be with ion thrusters – here baselining Kr propellant – and using carbon-carbon foils to
minimize erosion and, hence, maximize engine life. At 9475s Isp (25.3 kWe) using Kr,
the exhaust speed is 92.95 km/s (= 19.6 AU/yr). This is comparable to our ∆V goal of 20
AU/yr for the Solar Thermal Propulsion (STP) or Nuclear Thermal Propulsion (NTP)
system, but using a near-Sun gravity assist (NSGA). As with the NSGA approach, trying
to find another factor of 10 increase in speed now appears problematic – here due to the
enhanced erosion problem expected with higher operating potentials. Ignoring
exacerbation of the cryogen-storage problem, one can potentially increase Isp by a factor
of √(84/20) = 2.05 by going from Kr to Ne. This begs the issue of the potential increased
erosion rate by the faster Ne as well as issues of ionization efficiency. This would take us
to an exhaust speed of 190 km/s (Isp = 18,950s).
There is at least some thought that the sputter-rate goes as the momentum of the
impacting particle. This suggests that as the particle mass is decreased, I can actually
increase the exhaust speed by the same factor without increasing the sputtering rate.
Hence, in going to Ne from Kr one might actually be able to increase the exhaust speed
by a factor of 4.2 (with higher engine potential) and reach an exhaust speed of 387 km/s
(= 82.4 AU/yr; Isp = 39,795 s). Efficient production of ~100% ionized atomic hydrogen
from LH2 would enable an exhaust-speed increase by a factor of 84/1 to 781 km/s (= 165
AU/yr; Isp = 76,600 s). Further increases can only be had at the expense of higher
potentials for an ion engine and, presumable, significantly increased sputtering
(presumably the sputtering yield decreases with increasing work function – suggesting
that platinum grids might be the ideal, in spite of the additional mass).
As a final note, at an accelerating potential of 50 kV, a proton acquires a speed of 3095
km/s = 653 AU/yr = 0.0103 c = 1/(96.863 years/light year). The one-way trip time to
Epsilon Eridani (10.7 light years) at this speed is 1036 years and that to Alpha Centauri
(4.3 light years), a mere 416 years. This suggests that fission and ion propulsion might
enable (barely) true interstellar mission. It also suggests that a new technology paradigm
is needed for any further increase to transit times of decades.
If we could continuously make and collimate 5 MeV protons (still non-relativistic) for
use in a rocket exhaust, the speed would be up by a factor of 10, and the transit speeds
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just listed lower by a factor of 10. That means a 42-yr trip to Alpha Centauri. It is also
worth noting that these are proton energies comparable to alpha-particle energies from
alpha-decay. The energies at least suggest radioisotope sails [Short and Sabin, 1959-60;
Forward, 1996], but that is a different story and set of problems (see previous section in
this report).
8.9.8.3 Fission-reactor systems.
For fission systems, U-235 remains the isotope of choice by the technology developers
(who are quick to point out the significant lack of radioactivity on the launch pad
compared with Pu-238 RTGs prior to reactor startup). The community working in this
technology area keeps espousing the use of vehicles with fission power for robotic
exploration –but in the > 10 metric ton mass class. Due to nuclear safe startup conditions
and cost, such scenarios are (I believe) totally unrealistic. What appears to make sense
here are either the MITTEE engines [Powell et al., 1999] running with a more massefficient isotope (U-233 or better) or the dual mode approach now under consideration
for manned Mars architectures [Dudzinski, 2001; Borowski, 2001]. Single-mode lowthrust NEP systems remain problematic due to thrusting spirals [Dudzinski, 2001], power
conversion, and overall reactor and system mass. Despite many optimistic paper studies,
attempts toward real systems (SP-100 test and NEPSTP) suggest that the performance
may inherently have significant limits. At least for currently conceived architectures
(<100 MT class), single-mode NEP appears to lie somewhere between Zeppelins and
dinosaurs in relevance to currently perceived space transportation needs.
8.9.8.4 Linear Accelerator (LINAC) Engines
It has been suggested that due to the erosion issue with ion engines, higher accelerating
potentials with heavy ions should be pursued with low-mass continuous wave (CW)
LINAC schemes (R. Gold, private comm., 23 July 2001). From the example above,
acceleration of a proton through 5.6 kV produces an exhaust speed of 1035 km/s (enables
a delta-V of 200 AU/yr at a mass ratio of 2.5). Switching to Xe+ means the system
voltage must go up by a factor of 131 to 734 kV. For the example system I still need 7.3
A of electrical current (still 5.3 MWe; at a 40% conversion factor this means the reactor
must supply ~13 MWth power). Design of engines running at such high beam currents
must consider thermal radiating efficiencies as well as Debye lengths for shielding out of
internal fields. The ambient interplanetary medium does not appear to be a problem (5 eV
and 10 cm -3 yield a Debye length of ~5.2 m. Nonethless, linac currents as high as 10 mA
would imply the need for 730 LINAC accelerators with their associated mass.
8.9.8.5 Erosion/Lifetime Issues
Current ion engines are lifetime limited by the sputtering erosion of exhaust ions
impacting the accelerator grid. For the DS-1 thruster, the process is xenon sputtering of
molybdenum. From Williams and Coverstone-Carroll [1997], consumption of 83 kg of
propellant sets the thtuster lifetime. Presuming that the thruster runs with Xe at maximum
power (2.3 kW) this corresponds to a specific impulse of 3280s (effective Xe ion energy
of 708 eV). Data from Anderson and Bay [1981] suggest that the sputtering yield for Xe +
on Mo is about unity at this energy. Kr+ erosion yield is down somewhat and Ne+ rates
are down to ~0.35 at this energy. Sputtering yields for Xe+ and Kr + on carbon reach unity
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at ~2 keV, and the theoretical calculations suggest that the yield for Ar+ may maximize at
~1 around 20 keV and that for Ne+ may maximize at 0.6 near 5 keV. No other targets
(including platinum with its large work function) perform as well against sputtering as
carbon. Sputtering yields for He and H are even lower for all energies measured. The data
presented by Anderson and Bay [1981] suggest that the use of carbon grids and lowatomic-weight propellant may mitigate or eliminate the ion-engine lifetime problem at
high accelerating potentials.
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8.10 Supercritical Propellant Storage
It is worth noting that high-pressure containers for Xe allow storage at non-cryogenic
temperatures. The critical temperature (the temperature above which a substance can no
longer be liquified) goes down rapidly with decreasing molecular/atomic weight. The
corresponding pressure is the critical pressure (the vapor pressure at the critical
temperature).
Substance

T crit
K
405.4
289.6
209.3
190.5
150.5
44.3
33.1
5.10

°C
132.4
16.6
-63.7
-82.5
-122.5
-228.7
-239.9
-267.9

NH3
Xe
Kr
CH4
Ar
Ne
H2
He

p crit
(atm)
111.5
58.2
54.2
45.8
48.0
26.8
12.8
2.26

Density (at T
crit) g/cm3
0.235
1.15
0.78
0.162
0.531
0.484
0.0310
0.0693

Atomic
weight
17
131
84
16
40
20
2
4

Any possible propellant other than NH3 or Xe must either be kept in a cryostat with
very low parasitic heat losses or with an active refrigeration system (and appropriate
power to remove the heat). Long-term cryogen storage has typically not been an issue as
cryogenic systems typically are used near Earth only and hence within 24 hours of a
long-term ground-based storage facility.
We considered storage of He, Ne, Ar, Kr, Xe, H2, CH4, and NH3 based upon mass
loadings of 100 to 900 kg for the probe and using the Van der Waals’ equation and
known critical constants for these gases. From this work, we have developed estimates of
the tank mass as a function of propellant and propellant mass.
The following plots show tank mass (100s of kg) x-axis vs. tank mass/propellant mass
(z-axis) vs. spherical tank radius (from 0.1 to 3.0 m, y-axis) for a variety of possible
propellants stored supercritically. The initial tankage study for supercritical storage of
propellants was extended to include oxygen, fluorine, oxygen difluoride, and diborane.
The latter two store more easily than fluorine or oxygen, but not by much. Tankage mass
is required to be ~10% to 20% of the propellant mass for all of these near room
temperature. A summary is given in section 7.4.
Ar Propellant

He Propellant

2.00

2.00

1.50

1.50

1.00

1.5-2

1.00

1.5-2

1-1.5
0.50

0.5-1

1-1.5
0.50

0.5-1

0-0.5
-0.5-0

0.00

S57
S50

-0.50

S43
S36

-1.00

S29
S22

-1.50

S15

-1--0.5
-1.5--1
-2--1.5

0-0.5

Tank mass / Propellant
0.00
Mass

-0.5-0
S57
S50

-0.50

S43
S36

Spherical Tank Radius from
0.10 m to 3.00 m in steps
of 0.05 m

-1.00

S29
S22

-1.50

S15

S8

Propellant Mass
(100s of kg)

7

1

4

7

S8

-2.00

S1
10

Propellant Mass
(100s of kg)

S1
10

1

-2.00
4

Tank Mass / Propellant Mass

Spherical Tank Radius from
0.10 m to 3.00 m in steps
of 0.05 m

-1--0.5
-1.5--1
-2--1.5
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Ne Propellant

Kr Propellant

2.00

2.00

1.50

1.50

1.00

1.5-2

1.00

1.5-2

1-1.5
0.50

0.5-1

1-1.5
0.50

0.5-1

0-0.5

0-0.5

-0.5-0

0.00
-0.50

-1.5--1

S43

-2--1.5

S36
-1.00

S29
S22

-1.50

S15

-0.5-0

Propellant Mass / Tank Mass 0.00
-1--0.5

S57
S50

Spherical Tank Radius from
0.10 to 3.00 m in steps of
0.05 m

S57
S50
S43

-0.50
-1.00

S29
S22

-1.50

S15

S8

-2--1.5

Spherical Tank Radius from
0.10 m to 3.00 m in steps
of 0.05 m

Propellant Mass
(100s of kg)

7

S1
10

1

7

-1.5--1

S8

-2.00

S1
10

1

4

-2.00

Propellant Mass
(100s of kg)

-1--0.5

S36

4

Tank Mass / Propellant Mass

Xe Propellant
H_2 Propellant

2.00

4.00

1.50

1.00

1.5-2
1-1.5

0.50

0.5-1
0-0.5
-0.5-0

Tank Mass / Propellant Mass 0.00

S57
S50

-0.50

-1--0.5
-1.5--1

S43

-2--1.5

S36
S29
S22

7

1.5-2
1-1.5

1.00

0.5-1

0.50

0-0.5
-0.5-0

Tank Mass / Propellant Mass 0.00

S57
S50

-0.50
-1.00
-1.50

-1.5--1
-2--1.5

S36

-2.00

S29

Spherical Tank Radius from
0.10 m to 3.00 m in steps
of 0.05 m

S22
S15

-2.5--2
-3--2.5
-3.5--3
-4--3.5

S8
7

1

-4.00

Propellant Mass
(100s of kg)

S1

-1--0.5

S43

-3.50

10

1

4

2-2.5

1.50

-3.00

S8

Propellant Mass
(100s of kg)

2.5-3

2.00

-2.50

Spheical Tank Radius from
0.10 m to 3.00 m in steps
of 0.05 m

S15

-2.00

3-3.5

2.50

S1
10

-1.50

3.5-4

3.00

4

-1.00

3.50

CH_4 Propellant
NH_3 Propellant

2.00
2.00

1.50
1.50

1.00
1.00

1.5-2
1-1.5

0.50

1.5-2

0.5-1
-0.5-0
S55
S49

-0.50

S43
S37
S31

-1.00

S25
S19

-1.50

S13

Spherical Tank Volume
from 0.10 m to 3.00
m in steps of 0.05 m

-1--0.5

1-1.5

0.50

0-0.5
0.00

0.5-1
Tank Mass / Propellant
Mass

0-0.5
0.00

-0.5-0

-1.5--1
-2--1.5

S55
S49

-0.50

S43
S37
S31

-1.00

S25
S19

-1.50

S13

S7
S7

Propellant Mass
(100s of kg)

7

S1
9

1

3

-2.00
5

S1
9

3

Propellant Mass
(100s of kg)

7

5

-2.00
1

Tank Mass / Propellant
Mass

Spherical Tank Radius
from 0.10 m to 3.00
m in steps of 0.05 m

-1--0.5
-1.5--1
-2--1.5
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8.11 Ionization Efficiency and Alternative Propellants
We revisited the question of use of lower molecular weight elements for a low-thrust
system. For the noble gases, ionization efficiency goes down by 5 to 10% in going from
xenon to krypton and by another ~10% in going from krypton to argon (S. Oleson, GRC,
private comm.., 1 Nov. 2001). From Allen’s Astrophysical Quantities (3rd edition), the
electron impact ionization cross section at the peak of the ionization curve goes as
Qionization = n a02 12
where n is the number of “optical” (i.e. outer shell) electrons and a0 is the Bohr
radius. The maximum occurs at electron bombardment energies of ~four time the
ionization energy. We have
Element
Cs
Hg
Xe
Kr
Ar
Ne
He
H

Ionization
energy (eV)
3.894
10.437
12.130
13.999
15.759
21.564
24.587
13.598

Outer shell
electrons
2
8
8
8
8
2
1

n
2

1
0.0184
0.0544
0.0408
0.0322
0.0172
0.0033
0.0054

n
2

0.0659
0.0594
0.1895
0.1527
0.1278
0.0799
0.0164
0.0199

From this simple physics argument, the ionization cross section peak of krypton is
25% less than that of xenon, and that of argon is about 21% less than that of xenon.
Accounting for the electron speed, assuming these are accelerated to near the cross
section peak for a given gas, yields an ionization rate for krypton down from that for
xenon by 19% and a rate for argon down from that for krypton by 16%, not so different
from the numbers just cited that have been encountered in practics. In any event, the
lower weight atoms that can give rise to higher specific impulse at the same acceleration
voltage are more difficult to ionize.
8.12 Other Propellant Considerations
Welle [1990] and Frisbee et al. [1991] discuss availability, performance, and in-space
storage issues for cryogenic propellants.
For electric systems, the propellant of choice was originally mercury [Welle, 1990].
The shift to noble gases was driven by contamination issues on spacecraft as well as in
ground-based test facilities. Of the noble gases, Xe has the lowest ionization potential,
highest mass, highest density, and highest boiling point. These characteristics make it the
most efficient to use and the most easily storable (of Xe, Kr, and Ar). Propellant
utilization efficiencies of ~0.9 are expected for all three propellants (ratio of ionized gas
to total gas) with ionization costs of ~120 to 130 watts / ampere of beam current.
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Cryogenic storage for ~6 months does not seem to be unreasonable; longer storage
times for Xe, Kr, or Ar begin to be problematic. Supercritical storage is suggested for
longer 2required storage times. Ideally one simple “tunes” the required mass flow rate to
the boil-off rate induced by heat leakage into the propellant tank.
As a sidebar, Welle also considers hydrogen tankage. The point is made that LH2 has
a very high heat of vaporization (447.6 kJ/kg at 21K – compare with 157, 116, and 107
kJ/kg for Ar, Kr, and Xe, all at one atmosphere, respectively). The model given is for a
spherical tank 1.52 m in radius containing 1000 kg of LH2 with a surface area of 29.0 m2.
For an insulation mass of 2.5 kg./m2 the heat loss is estimated as 0.5 W/m2. At 15W, the
orbital lifetime is 345 days, and the insulation mass is 7% of the initial propellant mass.
For structural limits, a comparison is made with the LH2 tank on the Centaur upper stage.
This tank is stainless steel and carried 1900 kg of LH2. The tank mass is 490 kg, a
tankage fraction of 26%. It is estimated that a spherical tank (the Centaur tank is roughly
cylindrical) with a skin thickness of 0.62 mm (0.024 jn – about the average thickness of
the Centaur tank) will contain 1000 kg of LH2 with 140 kg, roughly twice the mass of the
insulation system. Welle concludes that that a hydrogen tankage fraction of 20% should
be possible and notes that an early analysis of hydrogen for an arcject system suggested a
mass of 15% might be possible.
Welle also considered supercritical storage using the Redlich-Kwong equation (an
apparent improvement over the van der Waals equation). He finds that with a safety
factor of three, the tankage fractions for Xe, Kr, and Ar are, respectively, 9.6%, 36%, and
94% (based upon Ti alloy with a yield strength of 200,000 psi). These numbers can be
compared with those of section 7.4; the values given here are apparently more
conservative.
The conclusion is that the use of Xe may become cost prohibitive at too large a level
of activity and that the use of Kr may be dictated on economic grounds; Kr costs about
one-tenth of Xe. Both of these gases are byproducts of oxygen procurement from the air.
However, he note that technical considerations probably outweigh the use of even
cheaper Ar for use as propellant on orbital transfer missions in the near-Earth
environment.
Frisbee et al. [1991] looked at far larger vehicles and propellants loads that are
relevant to manned-Mars missions. In this case for the time frame of 2014-2016 (about
the time contemplated for our probe to launch), but with a far larger dry mass: a piloted
mission payload of 100 metric tons (MT) and a cargo payload mass of 400 MT. Sorption
compressor refrigerators would be used to prevent cryogen boiloff.
The baseline LOX/LH2 system has an initial mass in low-Earth orbit (IMLEO) of
1646 MT for the 400 MT payload cargo mission. The tankage factor assumed is 0.115,
and the refrigeration equipment mass is
MFrig= 46 + 0.897 (Mpropellant)2/3 with all masses in kg.
For the fast piloted mission IMLEO is 2854 MT.
For the nuclear thermal propulsion (NTP) concept, the LH2 scaling is given using a
tankage factor of 0.2584 and a refrigeration scaling of
MFrig= 46 + 1.736 (Mpropellant)2/3 with all masses in kg.

117

10/14/03

NIAC 7600-039 FINAL REPORT

Point designs are given for Ar, Kr, and Xe thruster characteristics. Thruster
efficiencies at high Isp are estimated as ~0.70, 0.79, and 0.80 for Ar, Kr, and Xe,
respectively.
The Kr thrusters were seen as the best compromise between high-efficiency Xe
thrusters with high-cost Xe versus cheap Ar, but inherently low-efficiency Ar thrusters.
Systems considered run at ~100 to 200 MWe in order to provide round-trip times to Mars
of about an Earth year.
The bottom line is that tankage fractions for LH2 in the range of 10% to 25% are
probably realizable – but only with active regfrigeration or better thermal design if the
propellant is to last for more than ~6 months (the case at hand here). A follow-on task to
the work reported to date would include such a more-detailed thermal design study for
cryogenic propellant storage. The likely relevant question is for what minimum mass and
power does Kr become a more advantageous choice at the systems level than Xe for a
low-thrust propellant.
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8.13 Advanced Low-Thrust Propulsion
10 May 2002 – 19 May 2002
Ralph L. McNutt, Jr.
8.13.1 The Largest Structures
The question is: if one stretched the limits of known physics and technology (materials
science), what is the largest, most capable interstellar mission that could be developed?
The ingredients include: fission as the power source (controlled fusion and anti-matter
have not been demonstrated and architecture studies suggest low net performance due to
large power-plant mass), and ion propulsion as the means (highest specific impulse of the
various electric and plasma engine concepts). Key issues include: reactor performance
and lifetime, propellant choice – largely driven by storage considerations as low
molecular mass is required (options identified long ago are liquid hydrogen, liquid
methane, and liquid ammonia – xenon, used in Deep Space 1 has a high atomic weight,
but is chemically inert, provides higher thrust, is relatively easily ionized, and can be
stored passively as a supercritical fluid). Subjects reviewed:
What are the largest machines built by man? – Supertankers
Is there any guidance for large-scale cryogenic storage? - LNG tankers
What are the ultimate limits for reactor performance at low mass? – Rover program
What are the longest operational lifetimes of reactors? - Nuclear aircraft carriers
What concepts to date have suggested ultimate limit performance? – various electric
thruster studies and other interstellar precursor studies to date
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With respect to low-thrust designs, we scanned the web to try to get an idea of what
the largest machines that have been built are and what lessons that these could provide
for extremely high-speed escape from the solar system. Fusion drives remain potentially
out of reach (controlled fusion itself remains out of reach for practical power plants); in
addition, the power plant mass – lasers and magnetic confinement means appear to drive
any “useful” system to prohibitively high specific masses [cf. Hyde, R., L. Wood, and J.
Nuckolls, Prospects for rocket propulsion with laser-induced fusion miccroexplosions,
AIAA paper AIAA 71-1063, 1972].
8.13.1.1 Oil Tankers
The largest machine built to date – and a good model of what one might need for
a large fast probe – is the oil super tanker. In particular, the largest of these are the Very
Large Crude Carriers (VLCCs) which carry more than 200,000 tons of oil and the Ultra
Large Crude Carriers (ULCCs) that carry more than 300,00 tons of oil; three VLCCs can
carry
sufficient
oil
to
supply
all
of
Japan
for
one
day
[http://www.geocities.com/wcsscience/supertanker/page.html]. The largest of these is the
Jahre Viking with a deadweight mass of 546,763 tons, 69 meters wide and 458 meters
long (77 meters longer than the Empire State Building is tall)
[http://www.intertanko.com/tankerfacts/sizes/biggest.htm]. This tanker is the world’s
largest ship, operating out of Norway, and has a volume of 260,851 gross registered tons
(GRT) where one grt is defined as 100 cubic feet of enclosed space
[http://www.avidcruiser.com/avidcruiser_content/features/big.php]. The Jahre
Viking is a single-hull vehicle and can carry 4.2 million barrels of oil. These and other
tankers
are
gradually
being
replaced
by
double-hull
tankers
[http://www.geocities.com/search?q=Largest+Ultra+Large+Crude+Carrier]. One of the
newer tankers just launched is the Hellespont Alhambra, a double-hull ULCC. It is 400
meters long, and can carry 442,000 tons of oil, giving a fully loaded weight of 500,000
tons (hence, if a space vehicle, an initial propellant fraction of 0.884). This is the largest
double-hull tanker ever built and only slightly smaller than the Jahre Viking. The
Alhambra was to be unveiled last month and the Jahre Viking is soon to be scrapped,
according to Reuters [http://www.forbes.com/newswire/2002/03/27/rtr553336.html].
8.13.1.2 LNG Tankers
These notes on oil tankers set the largest scale. Of more relevance to our purposes are the
liquefied natural gas (LNG) tankers that carry liquefied methane. These maintain large
masses of (principally) methane in a liquid state at –163°C using passive cooling
(insulation plus low volume boiloff) during transoceanic shipping.
Specifications
for
the
these
tankers
from
[http://www.hoegh.no/gas/Topics/lng.pdf] include:
Storage at –163°C, 500 kg/m^3, 0.25 bar
Gross tonnage ~92,900 metric tons
Deadweight ~67,900 metric tons
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Cargo tank capacity 138,200 m^3
(use of an additional tank of5,470 m^3 for fuel oil)
Normal continuous rating for the main turbine is ~31,500 SHP at 84 rpm
[conversion: 6150 SHP = 4590 kW]
Four cargo tanks; volumes at 20°C are
1 = ~24,500 m^3
2 = ~39,350 m^3
3 = ~39,350 m^3
4 = ~35,000 m^3
Total = ~138,200 m^3
The cargo tanks use the GTT Mark III Membrane Containment System: “primary barrier
is corrugated stainless steel. Insulation is mainly rigid polyurethane foam with reinforcing
glass fibers in between two (2) plywood layers. The second barrier is made of two (2)
glass cloths with an aluminum foil in between for tightness (triplex).”
As another example of membrane type LNG carriers
[http://www.dnv.com/dnvframework/forum/articles/forum_2000_02_5.htm]
the SK Summit built by Daewoo Heavy Industries. They refer to the cryogenic
containment system as built by Gaztransport and Technigaz (GTT) as a “cryogenic liner
directly supported by the ship’s double hull. The liner includes the primary (inner) and
secondary LNG barriers forming two identical metallic membranes, and thee primary and
secondary insulation forming two independent insulation layers…. The metallic
membranes are 0.7mm thick and 500mm wide, of 36% Invar nickel-steel alloy, offering a
very low thermal contraction coefficient which makes the material well suited for the low
temperature (-163°C) to which it is exposed. These membranes act as dual barriers
protecting the hull structure from exposure to the low-temperature cargo….The insulation
boxes, filled with expanded silicone-treated perlite, are internally strengthened to
withstand high-impact pressures and to absorb the energy resulting from the liquid
motions and pressure head. The boxes are independently and mechanically secured to the
double hull by means of studs and couplers specially designed for their thermal insulation
performance.” (there were more than 50,000 such insulation boxes fabricated and
installed).
The tanks have a prismatic shape. The other LNG tanks in use are spherical tanks of the
Kvaerner-Moss type.
Specifications for the SK Summit include:
Propulsion:
40,000 hp steam turbine
LNG temperature:
-163°C
Minimum steel temperature:
-28°C
Area of Invar steel:
49,600 m^2
Invar welding length:
120,000 m
Perlite volume:
10,000 m^3
Length overall:
277.0 m

120

10/14/03

Beam:
Draft:
Total tank volume:
Deadweight:

NIAC 7600-039 FINAL REPORT

43.4 m
11.3 m
138,000 m^3
69,000 dwt

For shipboard power plant comparisons, the largest current warship is the aircraft carrier
CVN65 Enterprise, powered by eight Westinghouse A2W pressurized water reactors
(PWR) and providing four General Electric steam turbines with 260,000 shp [shaft
horsepower].
Yuasa et al. [2001] give statistics on LNG carriers [Yuasa, K., K. Uwatoko, and J.
Ishimaru, Key technologies of Mitsubishi LNG carriers – present and future -, Mitsubishi
Heavy Industries, Ltd., Technical Review, 38(2), 47-51, June, 2001]:
~90 x 106 toms of LNG transported world wide in 1999
~52 x 106 tons of LNG transported to Japan (~60% of world total)
First LNG shipment was from Algeria to the U.K. in 1964.
LNG is mostly CH4 with a boiling point of –160°C and a specific gravity of 0.43 to 0.50
Currently there are ~110 LNG carriers in the world.
A boil off rate (BOR) of ~0.15% per day is maintained with the spherical tank type or
either of the two membrane tank types. Use of 36% nickel steel in the Gaz Transport
system solves the CTE problem due to the low CTE of this material. Currently half of the
tankers are of the spherical, independent-tank type.
[For the largest] the total capacity is ~135,000 m3
Current boil off rate (BOR) is ~0.15% per day; “super-low” BOR of 0.10% per day is
technically possible but not practical from an economic point of view. It should be noted
that the boil off gases (BOG) are used to partially fuel the main engines that provide
propulsion for the ship.
The biggest driver in LNG tanker technology is searching for more economic use while
decreasing adverse environmental impact. Reliquification cycles are considered if a
diesel engine in used for ship propulsion. Additional electric power for reliquification
increases the consumption of heavy fuel oil and increases the discharge of nitrogen
oxides and sulfur oxides into the air which are problems from an environmental point of
view.
8.13.1.3 LH2 Tanker Concept
Abe et al. [1996] examined the problems associated with surface transport of LH2 [Abe,
A., M. Nakamura, I. Sato, H. Uetani, and T. Fujitani, Studies of large scale sea
transportation
of
the
liquid
hydrogen,
http://www.enaa.or.jp/WENET/ronbun/1996/e1/ishikawa1996.html]:
A conceptual design is presented for a 200,000 m3 LH2 transport:
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LH2 boiling point is –253.0 °C
Specific gravity
71.0 kg/m3 at the boiling point
Latent heat
447.0 kJ/kg at the boiling point
The lower boiling point and lower density preclude the simple scaling of LNG (CH4)
technology used on those carriers. The problem is getting adequate ship draft for stability
with the small displacement due to the low LH2 density.
Large tank volume and faster transport are favored over LNG (LH2 evaporates 10 times
more easily than LNG with the “same heat infusion”). “The twin hull ship becomes one
of the choice for hydrogen tanker.”
Cold embrittlement of stainless steel and aluminum used in LNG tankers appears
compatible structurally with the –253°C temperature of LH2.
Their sample calculation for the required amount of LH2:
Assume a 10 6 kW power plant (1000 MW); it would consume 1200 tons of LH2 per day.
So there would be a need for a tanker with a tank capacity of 14,000 tons including the
losses in transport. This corresponds to a 200,000 m3 tanker (round trip of 20 days with a
load every 10 days using two ships). This concept is based upon transport across 6000
nautical miles in 10 days and implies a ship speed of 20 to 25 knots is required.
The boil off rate is set on the assumption that the boil off gas is used to power a
hydrogen-burning engine to provide the primary propulsion for the ship.
For a 200,000 m3 tank and an estimated required engine power of 100,000 HP the design
boil off rate is set to 0.2% to 0.4% per day using a “burning ratio” for the ship’s engines
of 20% to 40%. Then the required insulation thickness is ~1.0 m. However, the losses
introduced by a realistic dome and piping design have NOT been studied.
Potentially a 1-m thick layer of polyurethane foam (PUF) could provide the targeted boil
off rate of 0.2 to 0.4% per day. A vacuum design is required to prevent failure via
freezing of trapped N2 from the air. A vacuum pump is required to get to 10-2 torr and
then a cryogenic pump to decrease the vacuum in the hull to 10-4 torr.
More quantitative thermal evaluation is needed (stated by the authors). They are also
looking at the use if “super insulation” based upon ~30 layers of foil. The identified
principal problem is that the loss of insulation capability and its effects on the LH2
(explosive expansion). The primary cause would be a failure in the vacuum containment
system.
Conductive heat losses along the tankage supports also require further study. Due to the
potentially catastrophic failure in the event of hydrogen heating, redundancy is required
in any insulation scheme that is employed.
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Aside from access to space and in-space assembly issues, construction of huge vehicles
of up to several hundred thousand tons may be possible (technically), if resoures were
made available. This compares with the mass of other structures such as the Empire State
Building (365,000 tons); Golden Gate Bridge (887,000 tons), and Sears Tower (222,500
tons); for prespective the most massive human undertaking was the Great Pyramid at
Giza that comes in at ~6 million tons.
8.13.1.4 Naval Vessels
Such structures can be compared with nuclear-powered naval vessels:
Statistics on the USS Enterprise (CVN65 Enterprise) commissioned 25 November 1961:
335.8m x 40.50m x 11.27m (1101’ x 132’9” x 37’)
Standard displacement 75,700 tons (93,300 tons maximum)
3000 crew, 2625 airgroup, 72 marines
Powerplant: eight Westinghouse A2W PWR reactors (pressurized water reactors). These
are fitted with four General Electric steam turbines providing a total of 260,000 shp.
http://web.ukonline.co.uk/aj.cashmore/usa/carriers/enterprise
For the Nimitz-class carriers (newer)
1092’ x 133’8” x 37’ or 332.80m x 40.80m x 11.27m
81,600 tons standard displacement and 91,500 tons maximum displacement
3105 crew
2885 airgroup
72 marines
Powerplant: two Westinghouse A2W PWR reactors (pressurized water reactors). These
are fitted with four General Electric steam turbines providing a total of 280,000 shp.
http://web.ukonline.co.uk/aj.cashmore/usa/carriers/nimitz
8.13.2 Notes on Nuclear Space Systems
Several historical reviews have considered the evolution of nuclear power and fission
engine designs as well as limits to electric engine development (see also section 8.9.6
above). These technical limits, combined with the mass limits discussed in the previous
section, and reactor lifetime (discussed below) allow us to “bracket” what may be
ultimately doable as the “next step” (cf. section 8.9.5).
8.13.2.1 Space Nuclear Reactors
From Gardner [1994]:
RTGs yield the lowest specific mass for systems with power output below 2 kWe
(kilowatts electric). Radioisotopes driving dynamic power conversion sysyems have the
lowest specific mass in the range from ~2 kWe to 10 kWe. Above 10 kWe, nuclear
fission reactors have the lowest specific mass.
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1954-1972 – development work on Systems for Auxiliary Nuclear Power (SNAP). Six
small thermal neutron reactors were built including experimental and development
versions of each of three phases:
SNAP 2 – 1957-1967 used 10% Uzr hydrided to the hydrogen density in water; Be
reflectors on rotatable drums; Na – 78% coolant.
Core was 23 cm in diameter and 35 cm long; used 6.5 kg og U-235 hydride fuel pins; mercury Rankinecycle turboelectric power conversion subsystem; power rating of 3 kWe.

SNAP 10 was started in 1961 based upon SNAP 2; SNAP 10A was adapted for Si-Ge
thermoelectric conversion and developed into a flight system for SNAPSHOT. SNAP
SHOT was launched in April 1965 into a 1296-km “nuclear safe” orbit. It operated for 43
days prior to automatic shutdown due to a voltage regulator fault on the accompanying
Agena vehicle.
Core diameter:
22.6cm
Core length:
41 cm
Four control drums (two control drums were used on SNAP 2)
NaK coolant in 40 tubes, each with 72 Si-Ge converters. The reactor was designed to
provide 500 We. Criticvality was reached 7 hours following startup. Startup, in turn,
followed orbit injection and verification. A duplicate of the flight experiment unit was
operated in a vacuum chamber for 10,000 hours (~420 days).
SNAP 6 – no other information, other than it was in this series; no mention of a SNAP 4
(even numbers in the series refer to reactors; odd SNAP numbers refer to RTGs).
SNAP 8 – second generation U-Zr hydride system was started as a program in 1960 to
support anticipated increased power demands. SNAP 8 was rated for 30 kWe with
scalability of 60 kWe with an operational lifetime of 10,000 hours and a coolant outlet
temperature of 975K. Two versions were built – an experimental version in 1963/65 and
a development version in 1969. A breadboard system demonstrated 8,700 hours of run
time including many start-stop cycles.
The program demonstrated U-Zr hydride reactors (thermal) at 30 to 60 kWe and ~5 yr
lifetimes. Output coolant temperatures were limited to ~920K.

Further information on SNAP 8 is provided by Johnson and Goetz [1963]:
Planned SNAP 8 output of 600 kWth converted to 35 kWe using NaK [gives a
conversion efficiency of 5.8%].
Core assembly
Reflector assembly

300 lbs
230 lbs
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Total

530 lbs = 240.62 kg
or 240.62/35 = 6.87 kg/kWe – WITHOUT the shield

Shield assembly
Total assembly

1050 lbs
1600 lbs = 726.4 kg
or 726.4/35 = 20.75 kg/kWe

A program to develop fast-spectrum, liquid-metal cooled space nuclear power systems
was begun with SNAP 50, a component development program carried out from 1960 to
1965. The goal was a 300 to 1200 kWe reactor with a 10,000 hour lifetime.
UN or UC fueled, lithium cooled system using a potassium Rankine power conversion
system. UN was found to have better swelling characteristics and became the preferred
option. A 2.2 MWt (megawatt thermal) reactor was designed to enable the 300 kWe
requirement [efficiency of 14%] along with a 200 kWe potassium Rankine-cycle power
conversion system. The design used a tantalum alloy (T-111 Ta-8W-2Hf) potassium
boiler with a 10-pole homopolar alternator running at 19,200 rpm.
The Medium Power Reactor experiment from 1958 to 1966 produced a design for a 1
MWt/140 kWe reactor and test facility. This approach used stainless-steel clad UO2 pins
in a boiling potassium core. Potassium vapor at 1367K and 1048 kPa drove a tubo-feed
pump as well as the main turbo-alternator. The advantage of this approach was the use of
potassium throughout the system, allowed because potassium has a relatively low neutron
activation rate in the reactor core. The unresolved issue was that explosive potassium
boiling regimes occurred if there were insufficient nucleation sites available to facilitate
smooth boiling.
8.13.2.2 Reactors for NTR
In the ROVER/NERVA nuclear rocket program, solid core reactors limited the
temperatures to 2000 to 3000K. It was thought that gas-core reactors could enable
temperatures as high as ~20,000K.
These solid core reactors used 93% volume enriched U-235, graphite-moderated,
epithermal cores. The core was surrounded by a Be reflector with 12 control drums
containing boron carbide. LH2 was pumped to the nozzle at ~6 MPa. Flow through the
reflector and shield raised the H2 temperature to ~100 to 140K before it entered the core.
In the core, the temperature was raised to 2000 to 2500K before entering the expansion
nozzle at 4 MPa.
An important aspect of the program was the evolution of the nuclear fuel form. The
original choice of UO 2 particles extruded in a carbide matrix yielded to UC2 beads coated
with pyrolytic graphite in a graphite matrix clad. This changed was precipitated by the
reaction of UO2 with the carbon to form carbon monoxide and UC2, with loss of carbon
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from the core. Initially NbC was used as a coating and then ZrC to protect against
hydrogen corrosion. The change to ZrC was due to the large coefficient of thermal
expansion difference between the NbC and the graphite matrix. The CTE –mismatch
problem again led to excessive carbon loss, this time from cracking. This solution then
evolved to composite (U,Zr)C solid solution particles coated with ZrC in a graphite
matrix clad in ZrC.
The UC 2 elements clad in ZrC operated for 60 minutes at 2400 to 2600K. The composite
(U,Zr)C fuel performed for 109 minutes at 2450K at power densities of 4500 MW/m3.
This fuel was further projected to be able to operate for 4 to 6 hours at 2500 to 2800K.
The various reactors developed under NERVA met some significant performance goals.
Over 20 reactors/engines were built under the program an included a two-hour burst
operation at 4100 MWt output at 2550K.
The KIWI research reactor program started at Los Alamos in 1955 with the goal of
developing solid refractory fuel. KIWI-B4E ran at 937 MW and 2005K for 95 seconds..
These were followed by the NRX development reactors with a goal of a specific impulse
of 760s for 60 minutes at 1100 MW output power. Theses were exceeded by NRX-A5
(1966) and NRX-A6 (1969). The latter reached 1100 MW at 2220K for 62 minutes.
These were in turn followed by the PHOEBUS research reactors with a goal of Isp = 825s.
PHOEBUS-2A ran for 12 minutes at over 4000 MW in June 1968. These were followed
by the PEWEE and Nuclear Furnace reactors that were to demonstrate long-life
refractory fuel elements. The NF-1 reactor reached 44 MW for 109 minutes at 2450K
and a power density of 4500 MW/m3 in June 1972 (shortly before the program was
terminated).

From Dewer [1994]:
The oiginal NERVA II concept was a 200,000 to 250,000 lb thrust engine. Its stage was
to be carried into Earth orbit by the Saturn launch vehicle. The programmatic problem
was the perception by Congress that the program was a precursor to a $200 billion
manned-Mars program, and it was rejected in favor of the NERVA I 75,000 lb thrust
engine.
Studies reexamining nuclear rockets at Los Alamos and Lawrence Livermore National
Laboratories in 1954 noted that the extra performance was offset by additional mass
required for the reactor, shielding, and the propellant tank. As a result, it was concluded
that a single stage nuclear ICBM offered no performance advantage over a corresponding
chemically-fuelled rocket.
The concept evolved under the Apollo program as plans were made for a Saturn N – a
two-stage Saturn rocket with a third nuclear stage. This would be the “workhorse for
future manned missions after the initial lunar landings. Ultimately, their [NASA]
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concerns boiled down to one: money.” Plans were made in 1962 to follow up a failed
Kiwi-1B test with a Reactor-In-Flight Test (RIFT) put forward by NASA and the AEC
following the Kiwi failure. This proposal was the counter to the attack on the program by
the President’s Scientific Advisory Council (PSAC) and the Bureau of the Budget (BOB)
who had used the failure as the rationale for not funding the required increase to meet a
1966-7 flight date. RIFT would have taken a NERVA engine, integrated it into an upper
stage, and then mated that stage to a Saturn vehicle for a test flight. The Kiwi-B4B test in
August 1963 resolved the technical problems of core structural failure, but RIFT was
cancelled by Johnson following the Kennedy assassination. The Rover program would
continue to be funded at $150 million in FY64 as a middle-of-the-road keep-alive option.
(Rover was the name given to the nuclear rocket program at Los Alamos in 1956 – Pluto
was thr name then given to the nuclear jet program that was assigned to Livermore at that
time).
The political fight reached a head in 1967 with Senator Clinton P. Anderson leading the
fight for the development of the NERVA II stage that would mate to the Saturn V lower
stages. This was opposed by Congressman Ryan (NY) who argued that this was a
precursor to a $200 billion manned Mars program that the Congress would not fund.
NERVA II was defeated, largely due to the problem that no other credible use could be
identified for its use in the post-Apollo era.
Cost-cutting efforts in the Nixon Administration led to NASA acceptance of thre demise
of NERVA in order to secure Administration support of the space Shuttle. A very ill
Senator Anderson backed off with the hope that a smaller nuclear rocket program could
go ahead. But the study supporting the latter “led nowhere” and Anderson retired from
the Senate in 1972. NERVA was shut down in 1972 and the remainder of what had been
Rover in 1973. “Manned Mars was relegated to a distant goal in some future time.” There
were no approved missions and, hence, no need, for a nuclear rocket stage.

8.13.2.3 Reactors for NEP
The SPAR and SP-100 programs followed the termination of the Nuclear Thermal
Rocket (NTR) tests (the Space Power Advanced Reactor – SPAR – program was
renamed SP-100 and centered at Los Alamos National Laboratory). Initial designs
focused ion UO2 fuel segments around a heat pipe. The program also continued to work
on development on thermoelectric power conversion systems.
The SP-100 goals included: 100 kWe output, 7-year lifetime, <3000 kg mass, and a
volume small enough to fit inside the Space Shuttle bay. A heat-pipe cooled reactor was
one of the resultant designs. In 1983 the SP-100 effort was expanded with joint
sponsorship from NASA, DOE, and DARPA. There were three options initially
downselected:
(1) 900-1100K Na- or Li-cooled reactor using UO2 or UN fuel pins clad in stainless steel
or Nb-1Zr alloy. The power converter would be a free-piston Stirling engine.
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(2) 1500K Li-cooled reactor using UO2 or UN pins clad in Nb-1Zr-0.1C or Mo-13Re or
W-25Re alloy coupled to an advanced thermoelectric converter.
(3) ~1700K UO2 fuelled reactor withy in-core thermionic converters cooled with NaK.
The initial SPAR heat pipe approach was not included as a possible option due to lack of
experience in the fuel element performance and lack of radiation data on the prototype
heat pipes.
The SP-100 reactor was to use fast neutrons with UO2, UN, or UC. Like the SNAP
reactors, it would use beryllium or beryllia reflectors for criticality control. The critical
fuel mass was ~100 to 150 kg.
Thermionic fuel elements were pursued. The stated problem was that these were never
able to demonstrate the long life and reliability of the thermoelectric converter systems.
The thermionic approach had the potential of using high temperatures in a compact
passive system. This is the approach develed by the Soviet Union for their TOPAZ
reactors. A purchased TOPAZ-II reactor was to have been flown under the Nuclear
Electric Space Test Project (NEPSTP) program, but this was cancelled soon after the
Conceptual Design Review (CoDR) due to changing national policy and the flowed down
priorities within the Strategic Defense Initiative Organization (SDIO).
For the SP-100 flight program, the final downselect was to a high-temperature, Li-cooled
reactor coupled to an advanced thermoelectric converter (option 2 with more details filled
in). Other characteristics of the design were:
2.4 MWt output
UN fuel with NbZr cladding
Fast neutron spectrum
LiH/depleted U shield
Si-Ge thermocouples to provide 100 kWe electric output
Carbon-carbon thermal re-entry vehicle thermal shield around the reactor
The fuel pins were to be UN pellets clad in Nb-Zr-0.1C (PWC-11) alloy. The PWC-11
clad is lined with rhenium to prevent chemical reactions between the clad and UN
(enriched U-235) fuel. The reactor had a 12.8” diameter core within a 14” diameter
vessel. At the time this paper was written (1994) the goal remained a 7 to 10 year
operational lifetime.
For scaling to higher performance systems, the lowest mass is from a potassium Rankinecycle power conversion system (long-term option). Near-term high power levels require
a closed Brayton-cycle power conversion system. These scaling studies at high power
levels (multimegawatt) and point designs (at tens of kilowatts) suggest the following
scalings between system mass and system power:
Up to 100 kWe
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Baseline T/C mass (kg) = 32.983 kg/kW P(kWe) + 1145.2 kg
Advanced T/C mass (kg = 27.722 kg/kW P(kWe) + 870.97 kg
From 100 kWe to 1 MWe for the T/C systems and valid from 1 to 100 MWe for the other
systems:
Baseline thermoelectric converter (Si-Ge) [MT] =
Advanced thermoelectric converter [MT] =
Stirling [MT]
=
Brayton [MT]
=
Potassium Rankine [MT]
=

2.2375 + 24.041 P [MWe]
1.2179 + 15.066 P [MWe]
8.1414 + 12.452 P [MWe]
6.6267 + 7.9853 P [MWe]
2.7422 + 4.6142 P [MWe]

It is of some interest to compare these scalings with what has actually been built and used
in space applications. On manned flights fuel-cell technology has typically been used. For
the International space Station (ISS), the first of the primary solar arrays have been
installed. Fully half of the power generated by the arrays is to be used to charge banks of
batteries to be used in eclipse and for peak power requirements. The completed ISS will
have a mass of 454 metric tons (as compared to 90 metric tons for the Mir space station
(http://www.hq.nasa.gov/osf/funstuff/stationoverview/sld006.htm). The completed station
will included four photovoltaic modules. Each module consists of two arrays 112 feet
long by 39 feet wide. Each module is to generate 23 kW of electricity. The total
assembled mass of the electric power system is 140,000 pounds
(http://www.boeing.com/defense-space/space/spacestation/facts.html).
The
mass
(including power handing, batteries and 2200 square feet of radiators for the solar arrays)
is thus 63,560 kg, and with four arrays at 23 kWe each, the total power generated will be
92 kWe at a specific mass of 63560/92 = 69.1 kW/kg – about the same as for the much
smaller solar electric propulsion system on DS-1! (It is perhaps of interest to note that the
completed ISS array at Pluto for a spacecraft encounter at 35 AU would generate only
93/(35*35) = 76 W of electrical power). The first of the four arrays was the P6 integrated
truss (15.4 metric tons) that was installed on Shuttle flight STS 97
(http://spaceflight.nasa.gov/shuttle/archives/sts-97; http://www.shuttlepresskit.com/sts97/payload81.htm) . For four of these, the total mass is 61.6 MT, in rough agreement with
the numbers on the Boeing web site).
Note that the completed ISS needs are about the power level output of then planned SP100 reactor system. An immediate safety problem in using a nuclear reactor to power the
station is that the ISS is NOT in a nuclear safe orbit. However, it should perhaps be noted
that a similar structure at the Lagrangian points L1 (always in sunlight) or L2 (possible
site for the Next Generation Space Telescope – NGST - and/or other large telescope
arrays) would be nuclear safe from an orbital dynamics perspective. If the SP-100 system
goals could be met, the power could be had for 3 MT rather than with an array system of
65 MT, a potential factor of over 20 savings in mass (a more detailed look would be
required to see that appropriate masses for power distribution and attachment structure
are included in the SP-100 number as compared with the ISS system).
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8.13.3 Electric Thruster Limits
8.13.3.1 Notes from Martin and Bond [1985]:
Consider scaling the current 30-cm ion thruster to 10 kV. At this level, the scalings start
to run into limits imposed by the temperature of the electrodes. Referencing the system
study of Phillips [as presented in this paper – but no reference given in citations]:
400 kW electric system
Isp = 11,000s (using argon)
System uses 36 operating 30-cm thrusters at 10 kW each
Baseline is 3 kV, 3 A beam current at 150 mN thrust for a total thrust of 5.5N
[Comparison with Dewar paper – above – 1 MW of an NTR gives ~50 lbs of thrust]
8.13.3.2 Notes from Martin et al. [1988] [follow on paper, see also section 8.9.6]:
JPL Starprobe study [I think there may be some confusion here; “Starprobe” is the name
given to the solar probe study carried out in the early 1980’s]:
Terminal speed of 6000 km/s (0.02c)
1000 MWe from 2.5 GWt [conversion efficiency of 40%]
Use U-233 [NOTE]:
9.2 ton reactor
69 tons of propellant
Initial vehicle mass of 527 tons with a burnout speed of 3660 km/s [not consistent with
the 6000 km/s mentioned already – reason for discrepancy not clear]
1000 AU reached in 15 years
Proxima Centauri reached at 272,000 AU in 390 years.
Other systems:
200 MW system using 50 thrusters
Each thruster at 100A and 4.9 MW [efficiency of 85%]
Vexhaust = 200 km/s
Li-cooled pellet system
2500 years to Alpha Centauri =
Neutral hydrogen injectors for controlled fusion (as built):
80 kV and 60 A each [4.8 MW]
Mass of 820 kg
Example system:
Final mass = 25 tons
Reach 500 km/s in 30 to 35 years
Reach 6000 AU in ~80 years – requires acceleration out to ~1260 AU
V exhaust = 308 km/s
Details are given in Table 8 [of the referenced paper]
Initial mass 130.1 tons
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103.4 tons
[Initial fuel fraction = 0.795]
1.7 tons (705 kg of U-233)
2.1 tons
[Tankage to propellant fraction = 0.0200]
0.3 tons
9.66 tons
1.64 tons
11.30 tons

5.4 MWe system
32.2 years of acceleration
V exhause = 308 km/s
References
Dewer, J. A., Atomic energy: The Rosetta Stone of space flight, J. Brit. Int. Soc., 47, 199-206, 1994.
Gardner, F. J., Nuclear power for deep space missions, J. Brit. Int. Soc., 47, 215-228, 1994.
Johnson, C. E., and C. A. Goetz, SNAP 8 reactor and shield, AIAA Journal, 1, 2355-2361, 1963.
Martin, A. R. and A. Bond, A review and assessment of the performance of advanced ion thrusters, IAF85-202, Stockholm, October, 1985.
Martin, A. R., A. Bond, and R. A. Bond, Ultimate performance and mission capabilities of advanced ion
thrusters, 88-084.

8.13.4 Reactor Lifetimes
For long-lived low thrust nuclear propulsion, the other relevant question is how long a
reactor can be powered on and used without a major, labor-intensive refueling overhaul.
The best indicator is with U.S. Naval nuclear –powered ships, aircraft carriers and
submarines. Typical reactor core designs were made for 10 years of operations and are
now planned for 50 years in carriers and 30 to 40 years in submarines. These designs use
highly enriched uranium fuel and internal neutron shields to protect against
embrittlement. Power levels go up to 190 MWth (http://www.uic.com.au/nip32.htm). In
1970, the Nimitz (CVAN-68) was planned to have an operational capability of 13 years
prior to refueling and had a planned launch date of April 1972
(http://www.hazegray.org/danfs/carriers/cvn68.htm). The first refueling of the Nimitz
occurred
in
1998,
some
26
years
after
the
planned
launch
(http://www.chinfo.navy.mil/navpalib/factfile/ships/ship-cv.html). The newest Ninitzclass vessel, CVN 76 Ronald Reagan, has a planned lifetime of 50 years and is planned to
run
for
20
years
without
refueling
(http://www.nns.com/Reagan/About_the_Christening/Reagan_Press_Kit.pdf).
It is also perhaps worth noting that for the Nimitz-class (and presumably next class as
well) aircraft carriers, the planned life cycle engineered in from the start is 50 years. This
is the same nominal lifetime for the realistic interstellar probe – so there is some
precedent for such a long planned lifetime for a complex piece of machinery.
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8.13.5 Launch Vehicle Performance
The following table shows past and previous launch vehicle performance
characteristics to ascertain how large an integrated NEP system might be launched. The
summary table is reproduced here:
1 metric ton = 1000 kg

International Space Station mass now 112 tons; finished mass to be 453.6 MT (ISS Factbook, NASA 2001); 78 kW from solar arrays
Now 112 tons http://www.hq.nasa.gov/osf/station/viewing/issvis.html
78 kW http://www.boeing.com/defense-space/space/power/iss.html

Vehicle

Designation

Stage designation
Propellant mass (MT)
Gross mass (MT)
Propellant fraction
Engine designator
Number of engines
Thrust (kN - each engine)
Propellant
Isp (sec)
V_exhaust (km/s)
Chamber pressure (psia)
Expansion ratio
Mixing ratio (O/F)
Burn time (s) center
Burn time (s) outer
M dot (kg/s)
Total power (GW)
Power per engine (GW)
V_final (km/hr)
Burnout altitude (km)

Space
Shuttle

Saturn V

Gross mass (MT)
Height (m)

24.4 MT cargo to 204-km
crcular orbit

2910
110.6
Saturn V

Saturn V

Saturn V

Space
Shuttle

Space
Shuttle

Space
Shuttle

S-IC

S-II

S-IVB

Solid Rocket
Boosters
(SRB)

External
Tank

Main Engines
- SSME

2080
2210
0.9412
F-1
5
6900
LOX/RP-1
264
2.590
950
16:1
2.3
142
171
12,591
42.226
8.445
8236
60

450
486
0.9259
J-2
5
1023
LOX/LH2
425
4.169
632
28:1
5.5
165
427NA
1201.3
10.441
2.088
23770
177NA

Upper stages

2040
56.14

108
119
0.9076
J-2
1
890
LOX/LH2
426
4.179
632
28:1
5.1
500
216
1.886
1.886
37800

502
590
0.8508
SRB
1
11790
solid
267.3
2.622
918
7.5:1

721
750
0.9613

721

SSME
3
700
LOX/LH2
0.000

455.2
4.466
2970
77.5:1

Centaur
upper stage

20.32
23.86
0.8516

IUS

IUS

Stage 1

Stage 2

9.71
10.965
0.8855

2.75
3.9
0.7051

1

1

1

LOX/LH2
444
4.356

solid
292.9
2.873

solid
300.9
2.952

123

522

600

153

104

0.000
0.000

1381.23
13.771
4.590

33.87
0.321
0.321

63.46
0.262
0.262

26.44
0.115
0.115

44

106

In-space chemical propulsion relies on hydrazine (monoprop) and hydrazine + nitrogen tetroxide (biprop) for dual mode system
Monoprop Isp ~ 270s
Biprop Isp ~ 320s
OF2 + H2B6 (oxygen difluoride + borane) showed potential promise for space storability at Isp ~ 380s
Problem with growth of elemental boron on injectors during operation was never solved
Hydrazine + Carbon pentachloride baselined for use on Discovery proposal at Isp ~350s
Reportedly used on some SDIO projects and worked for ~15 s before nozzle burn through and catastropic failure
Considered TaC, HfC, and ZrC coatings but could never get these to work and monies were used up prior to finding technical solutions

Any of the low-thrust concepts that can potentially reach 100+ km/s of delta V are in
the 10’s of metric ton class of vehicles.
The Saturn V could (when it existed) take 50 MT to escape from the Earth (C3 = 0)
The Delta IV 4050H without an upper stage can reach C3 = 0 with 9305 kg (9.305
MT). Web page for the PKB proposal effort (PKB library) only goes down to C3 = 40 for
~4800 kg; this does not include the mass of the Star 48V motor itself (~2000 kg) for a net
mass of ~2800 kg. The performance with no upper stage is 4190 kg – so for a C3 as low
as zero, the performance with no upper stage is probably the best.
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Expendable launch vehicle
Saturn V to escape
Delta IV 4050H-19 to escape
Atlas V 551
Atlas V 541
Atlas V 531
Delta IV 4450-14
Atlas V 521
Delta IV 4240-12
Atlas V 511
Atlas V 401
Delta IV 4040-12
Atlas V 501

Payload mass to C3 = 0 (metric tons)
50.000
9.305
6.330
5.820
5.210
4.580
4.545
4.075
3.765
3.445
2.735
2.680

(all except for Saturn V from
http://elvperf.ksc.nasa.gov/contracts/launch_vehicle_info1.html)
Titan IV-B Centaur capable of placing 12,700 pounds into geosynchronous orbit
(http://www.ast.lmco.com/launch_titanIVfacts.shtml)
Cassini used Titan IV-B/Centaur with SRMUs – payload was 5600 kg
(http://www.jpl.nasa.gov/cassini/Spacecraft/launch_vehicle.html)
Data for the Titan IV/SRM/Centaur to C3 = 0 is given as 9.323 MT (with a cost of
$435M to $475M) (http://www.jsc.nasa.gov/bu2/ELV_US.html) and so is comparable in
capability to the Delta IV 4050H noted above.
At the very least, any reactor-based system must initially be launched to a nuclearsafe orbit; initial launch to C3 = 0 would probably go further to relieving concerns about
safety.
8.13.5.1 Saturn Family Evolution and Capability
The history of the Saturn V and its capabilities are covered by Isakowitz [1995]. A large
launcher was proposed by von Braun in 1957 to deliver 9100 to 18,200 kg into low Earth
orbit. The project was named “Saturn” following the successful “Jupiter” program led by
von Braun; the Saturn program was transferred to NASA July 1, 1960.
Saturn V capability: 119,000 kg to LEO and 50,000 kg to Earth escape
The Saturn I first stage was originally called Juno V following the Juno series of
launch vehicles: (1) Jupiter C = Juno I; (2) extended Jupiter IRBM = Juno II – Earth
orbital capability of 41 kg; used to launch Pioneer 3 and 4 lunar probes [4 reached solar
orbit with 5.9 kg payload] and Explorers 7, 8, and 11 to Earth orbit; (3) proposal for 225
to 275 kg orbital capability = Juno III; and, (4) proposal to ARPA for 225 kg orbital
capability = Juno IV.
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The Saturn vehicle family was comprised of the various engines and stages that could
be built up into the Saturn IB, Saturn V, and Nova, respectively. The Nova, envisioned
for a direct descent to and ascent from the lunar surface, was never built.
Vehicle

Deliver to LEO
(metric tons; 1 MT = 1000 kg)
16.6

Thrust in kilonewtons
Stage 1
Stage 2
Stage 3
Saturn IB
S-I
S-IVB
6670
890
--Saturn V
119
S-IC
S-II
S-IVB
33,400
4440
890
Nova (rev)
170
N-I
N-II
N-III
53,400
17,800
890
6
Note that for the Saturn V gross mass of 2.91 x 10 kg, the total propellant in all
stages was 2.080 + 0.450 + 0.108 = 2.638 x 10 6 kg for a propellant fraction of 0.9065 in 3
stages. This took 50,000 kg to Earth escape for a mass ratio of 2,910/50 = 58.2. Reaching
~11 km/s implies an effective specific impulse given by 11 = 9.81 Isp ln(58.2) or Isp, eff =
275.9s.
If Isp = 1000 s and Mfinal = 50,000 kg for vfinal = 11 km/s, then the mass ratio is 3.069
and the propellant requirement drops to 103,400 kg – roughly the propellant loading on
the S-IVB stage alone. This was the problem to be addressed by the nuclear thermal
rocket – but the problem is that the combined reactor and shield mass are much larger
than the equivalent parts for a chemical propulsion system. This has been the conundrum
for using nuclear thermal rockets, whether for the surface or in space.
Reference
Isakowitz, Steven J., International Reference Guide to Space Launch Systems, American Institute of
Aeronautics and Astronautics, Washington, D.C., 1995.

8.13.6 Conclusions
To deliver more than ~150 metric tons to low Earth orbit will, of necessity, require
in-orbit construction or a high-thrust nuclear-powered rocket liftoff from the surface.
Both of these have drawbacks. Such model may be consistent with a ~5 MWe NEP
system, e.g. one of the systems in section 8.13.3.2. Comparison with current reported
naval reactor characteristics on aircraft carriers suggests that systems requiring greater
than ~ 200 MWe (280,000 shp x 0.7457 kW/hp = 208 MW) will be massive structures.
For example, at 1 kg/kW the power system alone would weigh in at 208 metric tons.
Such systems would be massive projects and still only scratch the surface of true
interstellar travel needs. Again, from the examples above, such a system could perhaps
reach Alpha Centauri in 2500 years. Bringing this down to ~400 years might –
optimistically – come at the price of five times the mass.
These “back of the envelope” calculations reinforce the notion that higher speed
requires more power, which requires more mass, which means the vehical has some
minimum size and scale for the imposed requirements. Low-thrust, fission-based
propulsion can make some significant inroads into penetration of the interstellar medium,
but the systems will be massive and require a significant investment of resources to build.
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9.0 Architecture
Architecture tasks here mean assessing a mass and power breakdown (equivalent to a
prototype master equipment list) as well as dealing with the wireless harnessing scheme,
both in hardware and in software.
We reviewed current literature on ultra-low power (ULP) implementation in CMOS
as well as how the ULP Advanced Technology Development (ATD) program at APL had
progressed. The conclusion is that operation of spacecraft systems at ULP levels
appropriate for cryogenic temperatures should result in major power savings for digital
portions of the spacecraft electronics. The tradeoff is going to slower clock speeds in the
processors, something that should not be an issue for this mission. Actually testing of
circuits at cryogenic temperatures was not done as part of this effort.
The work for the first year was summarized in the March 2001 Interim Report:
9.1 Probe System Architecture
G. B. Andrews
A key consideration in the design of an interstellar mission is the selection of a
reliable and adaptive probe architecture that can overcome a variety of fault conditions.
Missions such as the Interstellar Explorer, which will last at least fifty years, must
incorporate spacecraft architectures that are a step beyond the standard methods utilized
on existing missions, which have minimal redundancy and fault tolerance.
The probe architecture we have been developing on the “Realistic Interstellar
Explorer” project utilizes a cluster of ultra-low-power processors which communicate
with spacecraft subsystems (e.g. instruments, attitude control, etc.) and among
themselves using RF links. Specialized software coordinates tasks among the processors
and handles faults and failures that may occur during the course of the mission.
We have selected a commercially available ultra-low-power processor as our
development test bed. The processor is the Motorola MCORE embedded computer that
has 30 MIPS processing capability while only consuming 18 milliwatts. So far, we have
purchased two MCORE development boards. Eventually the cluster will consist of eight
processors.
RF modules from Gran-Jansen were purchased, and we have interfaced them to the
MCORE boards. Communication over the RF links has been demonstrated. However,
we have discovered that channel spacing is not adequate for our needs, and the operating
modes do not provide for true full-duplex communication. We have investigated other
RF modules and are preparing to try modules from Aerocomm, Inc.
A real-time operating system and software-development environment have been
selected and purchase of the system is imminent.
At this time additional funding for this work was received from NASA under the
Cross Enterprise Program and the majority of the hardware and software effort was
shifted to this new budget so that remaining NIAC funds can be used for other Interstellar
Explorer study topics. This was reported in the Interim Report in March 2001.
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9.1.1 Interstellar Probe Spacecraft Avionics Architecture Status Report
G. B. Andrews
14 April 2002
As described in the Phase I Final Report, in order for the probe to last at least 50
years in interstellar space, it is necessary to employ a radically different architectural
approach to the spacecraft avionics. The architecture must support n-fold redundancy,
autonomous decision making, and a capacity for robust self healing. We have been
designing this system under the overall umbrella of the Realistic Interstellar Probe
Project, as well as via other sources of funding. Progress has been made on the overall
system design, as well as with specific hardware and software aspects.
Other “tabletop spacecraft” will consist of eight Motorola MCORE ultra low power
processors, each configured with two wireless communication transceivers. One
transceiver communicates with the spacecraft subsystems while the other transceiver is
used for inter-processor communication. This cluster of processors will control and
collect or send data to eight spacecraft subsystems. Each subsystem has one transceiver.
The number of processors and subsystems is completely arbitrary on an actual interstellar
probe. We have selected eight for the tabletop spacecraft in order to be able to
demonstrate the capabilities of the system while keeping our hardware prototype costs at
a reasonable level.
All of the commercial hardware for this system has been procured and is in house.
The MCORE processors have been tested for functionality and suitability for our
application and appear to meet all our needs. In addition, since the whole self healing
processor cluster concept is enabled by the availability of highly capable low power
processors, such as the MCORE, we felt it was prudent to verify that these devices have
the potential to be used on a space mission. To that end, we are in the process of
performing radiation testing on the MCORE processor. Total dose testing has been
completed, with plans to perform latch-up and single event upset testing within the next
three months (Figure 1 shows the test fixture for the processor).

Figure 1. Test fixture for MCORE processors.
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The wireless links have been tested for functionality. The units from the first
manufacturer we selected (Gran-Jansen) had problems with channel spacing and mode
flexibility. We have recently evaluated units from Aerocomm and they appear to be
suitable. We have been able to establish communications between two units, although we
have yet to verify how well they work in a multi-channel RF environment.
As for system and software design, we continue to have regular meetings with the
design team to work out details of the architecture. Recent meeting have focussed on how
the transceivers are best arranged in client-server-broadcast modes, on how the cluster
maintains time synchronization, and how the Gate Array-based fault protection
mechanism is implemented.
The software programmer plans to perform most of the development on a PC in the
C++ language, and then port the code to the MCORE. He has created a software system
on the PC that mimics the MCORE cluster by modeling each processor as a separate task
and the wireless links as semaphores. He has developed a demonstration program that
shows how the cluster configures itself upon initial power up.
9.1.2 Addendum
R. L. McNutt, Jr.
Final latch-up and single-event upset testing did not occur due to problems with facility
availability. Availability of the personnel required for the completion of these tasks was
not possible within the remaining period of performance. The work did continue under
the NASA Cross Enterprise program, and the concept prototype was demonstrated in
March 2003. At this time the communications and fault protection software was running
on a PC acting as the emulator, i.e., as the processors: two instruments are linked via RF
to three redundant, “voting” processors, any one processor can run the “spacecraft.”
Interrupting any of the links forces the remaining processors to reevaluate the global
communications scheme that does an “I’m OK, are you OK” process. “Damaged” links
are cut out but are retried periodically for functionality. In this regard the architecture is
self-healing and autonomous (see Figure 2).
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Figure 2. Transmitter modules for a software and algorithm test. The PC acts as the
microprocessors all running independently. All linkage between the processors is handled
via the RF links between the modules.
Looking back, the implementation of all of the combined hardware and software goals for
demonstrating a ‘full up” table top spacecraft was much more difficult than initially
anticipated.
9.2 Master Equipment List
In October 2001, work began on assembling a master list of masses and components in as
much detail as feasible with significant, but what are likely possible, extrapolations in
technology. This effort, although summed up succinctly in a few tables was a significant
undertaking.
Comparisons were made with ongoing APL projects such as MESSENGER and
CONTOUR and previously released data from JPL on advanced designs for the Pluto
Express and Solar Probe missions. This was done to look for trends in thinking relevant
to developing low-mass, low-power spacecraft for deep space missions.
An updated mass estimate of the probe itself was made based upon the use of
beryllium as a structural material. Designs with titanium (high strength to mass) and
aluminum (lowest cost and lightweight) were also considered. The Be approach offers
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low mass, high strength, good thermal capacity, good thermal conduction, and good
electrical (grounding) conduction (for the power system).
The following list gives the component masses:
Interstellar Probe Mass Estimate (Kg)
quantity

Struct. Mass/Unit Struct. Mass/Unit Struct. Mass/Unit Internal Mass per unit
Titanium
Aluminum
Beryllium
(brds, sensor, propellent)
44.69
26.72
18.32

Total Unit Mass
Extended Unit Mass
[structural(Be) + internal]
Notes:
18.32
18.32Titanium

Structure
RF Communications System

1

15 cm. Dish
RF Electronics
Optical Communication System
Optical Electronics Box
Opto Mechanical Structure
Attitude Control System
IMS Electronics Box
Sun Sensor
Propellent Tanks (dry)
Thrusters
Plumbing
C & DH System
Processors
Payload
Magnetometer
Plasma Wave
Dust Experiment
Lyman Alpha Imager
X-ray spectrometer
Plasma Spectrometer
Energetic Particles Spectrometer
Power Subsystem
Power Regulation & Distribution
RTG

3
3

0.22
0.22

0.13
0.13

0.09
0.09

0.38

0.09
0.46

0.27assumes a 1mm thick aluminum dish
1.39Each unit has three 100 cm^2 boards

4
1

0.29
18.89

0.18
11.30

0.12
7.74

0.47
2.00

0.59
9.74

2.35Each unit has three 130 cm^2 boards
9.74

2
6
3
6
3

0.61
0.06
2.26
0.07
1.00

0.36
0.04
1.35
0.04
0.60

0.25
0.03
0.93
0.03
0.41

1.88
0.02
2.56

2.12
0.04
3.49
0.03
0.41

4.25Each unit has six 260 cm^2 boards
0.25Each unit has one 13 cm^2 boards
10.48Spherical Tanks (internal is N2 mass)
0.16
1.23

12

0.07

0.04

0.03

0.09

0.12

1.44Each unit has three 25 cm^2 boards

2
1
1
1
1
1
1

0.30
0.30
0.30
8.36
5.00
1.14
1.04

0.18
0.18
0.18
5.00
2.99
0.68
0.62

0.12
0.12
0.12
3.43
2.05
0.47
0.42

0.82
0.62
0.58

0.94
0.74
0.70
3.43
2.05
0.97
0.80

1.89Internal = deployment system + electronics + probe
0.74Internal = deployment system + electronics
0.70Each unit has two 232 cm^2 boards
3.43SWAN was 13.25 Kg (our number is a WAG)
2.05SNOE SXF mass is unknown (our number is a WAG)
0.97Each unit has four 100 cm^2 boards
0.80Each unit has three 100 cm^2 boards

3
3

0.00
15.40

0.00
15.40

0.00
15.40

5.00

5.00
15.40

15.00(This is a WAG - Pluto is 25 Kg for much larger system
46.20number supplied by Ralph

0.50
0.38

Total Wet S/C Mass

121.65

We also added to this list a cosmic ray detection system based upon instrumentation
baselined for NASA’s STEREO mission (See below).
Initial power estimates were also developed assuming ultra-low power (or equivalent
technology that allows all electronics to run at significantly reduced voltages:

Nominal (mW)

Peak (mW)*

Notes

RF Communications System
Receiver
500.00
Exciter/SSPA
Ultra Stable Oscillator
350.00
Low Noise Amplifier
300.00
Data Buffer/Wireless Module (3 units)
30.00
Optical Communication System/Star Tracker and IMS
Focal Plane Array
200.00
Beam Steerer
800.00
Shack-Hartman Array
100.00
MEMS Inertial Measurement System
300.00
Laser and Modulator
Telescope Compensator
Data Buffer/Wireless Module (4 units)
40.00
Propulsion System/Attitude Control
thrusters (6)
Data Buffer/Wireless Module (6 units)
C & DH System
Processor (12 units)
480.00
Memory (2 gigabyte) (12 units)
120.00
Gate Array (FPP) (12 units)
60.00
Wireless Module (24 units)
720.00
Payload
Magnetometer
180.00
Plasma Wave
80.00
Dust Experiment
130.00
Lyman Alpha Imager
130.00
X-ray spectrometer
330.00
Plasma Spectrometer
530.00
Energetic Particles Spectrometer
330.00
Power Subsystem
Power Regulation & Distribution
?
Heaters
0.00
Total
5710.00

From RF Study (system is triply redundant, but only one unit on at a time)
1167.00 Transmitter only draws power when transmitting, otherwise it is turned off

From Optical Comm study (focal planes, laser drivers and front-end electronics are quad redundant, but only one system

500.00
3000.00
56000.00 From miniaturized cold-gas propulsion study (assumes 2 thrusters firing simultaneously)

40 mW each
10 mW each
5 mW each
30 mW each
200.00 100 mW to saturate core + 80 mW for electronics (MAG units are redundant)
100.00 50 mW for low noise front-end electronics, 30 for wireless transceiver
WAG - 100 mW for front-end electronics, 30 for wireless transceiver
WAG - 100 mW for front-end electronics, 30 for wireless transceiver
200 for HVPS, 100 for front-end electronics, 30 for wireless transceiver
400 for HVPS, 100 for front-end electronics, 30 for wireless transceiver
200 for HVPS, 100 for front-end electronics, 30 for wireless transceiver
?
0.00 Assumes ARPS waste heat or RHU's are used
60967.00 *Power expended for peak needs can be phased so that peak powers need not be additive
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9.3 Notes on Instrumentation
This information complements that of section 7.3.
R. L. McNutt, Jr.
27 March 2002
Suprathermal particle detectors exceeding several MeV in energy are driven in size by the physics of
detection as the low fluxes – that continue to decrease with increasing energy. An excellent complement of
instrumentation was flown on the Advanced Compostion Explorer (ACE) spacecraft. More modest versions
are being designed for implementation on the STEREO spacecraft.
The Solar Isotope Spectrometer (SIS) [Stone et al., 1998a] was to provide isotopic measurements at high
resolution of energetic nuclei from He (Z=2) to Zn (Z=30) from ~10 to ~100 MeV nucl-1. The geometry
factor is large ~40 cm2 sr. Silicon strip detectors are used to measure particle detectors and ion-implanted Si
detector stacks are used to measure energy loss; each of these is ~10 cm in diameter. The instrument size is
30.0 x 41.9 x 27.5 cm, has a mass of 21.9 kg, uses 17.8 W, and generates 1992 bits per second of data. The
mass includes a 2.0 kg bracket and 0.40 kg in two thermal blankets; the power can go to 18.3 W during
high-rate periods and includes 4.2 W of operational heater power. The instrument is capable of measuring
solar energetic particles as well as both low-energy and anomalous galactic cosmic rays.
The Cosmic-Ray Isootope Spectrometer (CRIS) [Stone et al., 1998b] is designed to deal with the higher
energies and lower fluxes of galactic cosmic rays. Again, isotopic measurements are targeted for Z~2 to 30
but over an energy range of ~50 to ~500 MeV nucl-1. The geometry factor is ~250 cm2 sr. Trajectory
measurements are made with a scintillating optical fiber trajectory hodoscope and energy loss
measurements with stacks of silicon detectors. The instrument size is 53.3 cm x 43.8 cm x 23.5 cm, has a
mass of 29.2 kg, uses 12 W, and generates 464 bits per second of data. The stated mass does not include
brackets; it does include 1.0 kg of thermal blankets. During high count rate periods, the power required can
rise to ~16 W; the budget includes two 1.7-W and one 4.2-W operational heaters. In two years of operation
near solar minimum ~104 to 106 good events were expected, depending upon the atomic number.
Miniaturized particle experiments have been accepted for inclusion on the STEREO mission. Information
has been provided by:
Alan Cummings
220-47 Downs Lab.
Caltech
Pasadena Ca, 91125
ph. 626-395-6708
fax 626-449-8676
ace@srl.caltech.edu
LET and HET Team
Low Energy Telescope (LET)
LET is a special double-fan arrangement of 14 solid state detectors designed to measure protons and helium
ions from ~1.5 to 13 MeV/nucleon, and heavier ions from ~2 to 30 MeV/nucleon. LET uses a standard
dE/dx vs. E technique, identifying particles that stop at depths of ~20-70 microns and ~70-2000 microns
corresponding to two general energy ranges. The large field of view spans from 20 deg above to 20 deg
below the ecliptic plane, and extends 65 deg to either side of the forward and backward Parker Spiral field
directions in the ecliptic plane. LET's large geometric factor also ensures the detection of even small SEP
events.
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High Energy Telescope (HET)
HET also uses the solid state detector, dE/dx vs. E approach, but in a six-detector, more traditional linear
arrangement designed to measure protons and helium ions to 100 MeV/nucleon, and energetic electrons to
5 MeV. HET identifies particles that stop at depths of 1 to 8 mm in the detectors. Some information will
also be obtained on heavier nuclei up through Fe using the dE/dx vs E signatures and ranges together, and
penetrating particles will be analyzed. HET's field of view covers a 47.5 degree cone around the Parker
Spiral field direction.
These instruments are part of the IMPACT suite. The required resources are listed as:
LET 0.51 kg, 0.18 W generating 80 bps
HET 0.33 kg, 0.07 W generating 30 bps
References
Stone, E. C., C. M. S. Cohen, W. R. Cook, A. C. Cummings, B. Gauld, B. Kecman, R. A. Leske, R. A.
Mewaldt, M. R. Thayer, B. L. Dougherty, R. L. Grumm, B. D. Milliken, R. G. Radocinski, M. E.
Wiedenbeck, E. R. Christian, S. Shuman, and T. T. von Rosenvinge, The solar isotope spectrometer for
the Advanced Composition Explorer, Space Sci. Rev., 86, 357-408, 1998a.
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Mewaldt, M. R. Thayer, B. L. Dougherty, R. L. Grumm, B. D. Milliken, R. G. Radocinski, M. E.
Wiedenbeck, E. R. Christian, S. Shuman, H. Trexel, T. T. von Rosenvinge, W. R. Binns, D. J. Crary,
P. Dowkontt, J. Epstein, P. L. Hink, J. Klarmann, M. Lijowski, and M. A. Olevitch, The cosmic-ray
isotope spectrometer for the Advanced Composition Explorer, Space Sci. Rev., 96, 285-356, 1998b.

9.4 Probe Configuration
With all of the work on individual masses and parts accomplished. Work began where
the preliminary thermal and mechanical configuration work left off. We finalized a
ProEngineer 2000 model of both the probe and the carrier that protects the probe near the
Sun and provided the perihelion speed increase.
A cold-gas nitrogen (GN2) system was baselined for attitude control for the probe
(based upon a recent low-mass design from a joint NASA ATD project undertaken by
APL and Vacco Aerospace Products; Cardin, J. M. and J. Acosta, Design and test of an
economical cold gas propulsion system, 14th Annual USU Conf. on Small Satellites).
As part of this work an animation was completed that showed the sequencing of the
mission as well as the various deployments (probe from carrier, optics on probe, plasma
wave and magnetometers on probe). This effort proved to be very helpful in
understanding the mission requirements in context and making certain nothing had been
missed. The animation has been published on a CD as part of the Solar Wind X
proceedings (an initial version was shown at Solar Wind X and a final version at the
World space Congress and the National Research Council meeting on heliospheric
physics in May 2003).
The probe following separation from the thermal shield has a very open construction
that allows cool down and efficient operation of the electronics systems. Pre- and postoptic deployment is shown in Figure 1. A graphic showing the full deployment is shown
in Figure 2 and some of the features of both the probe and carrier are shown in Figures 3
and 4.
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Figure 1. left. Probe prior to optics deployment. The three RTGs and three spherical
tanks for the cold-gas attitude control system are clearly visible. Right. Flight
configuration with main diffraction optic deployed. The processor and instrument boxes
can be seen abound the structure (preliminary, some boxes are still being added).

Figure 2. Graphic of probe with all deployments. View is from the rear with the
optical communications system pointed toward the Earth for data transmission. The
diffraction patterns in the main optic for the fine-control star tracker and communications
system are clearly visible. The magnetometers and plasma wave antennas are also shown
deployed for flight.
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Hydrazine G&C tanks (2)

LH2 cryostat

Tertiary shield
Primary thermal
shield/STP
exchanger

Secondary
shield/STP
exchanger

Stowed Probe
(within adapter)

2D STP
propulsion nozzle

Figure 3. Carrier and probe pre-perihelion configuration. The thermal shields, cryostat,
and stowed probe are all shown. Control authority for the main perihelion burn must be
done with control thrusters. Use of reaction wheels is out of the question due to the large
delta-V of the main burn and its potential for even small offset from the center of gravity
of the carrier, hence the hydrazine tanks.

Deployed Optic
Attitude
Control
GN2 (3)

Stowed Optic

X-ray photometers

Plasma

Wave antenna
deployer (2)

Ly

imager

RTGs (3)

Figure 4. Probe post-perihelion following deployment from carrier. Configurations both
before and after optic deployment are shown.
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The mass and power were broken down to 63 subsystem components for evaluation.
The probe configuration and subsystems were taken to be all Be to provide a cryogenic,
low-mass spacecraft. The cold-gas attitude control was selected to provide low mass, low
power, and reliability. Ultra-low power electronics with Am and Pu RTGs provide
reliability and a long lifetime. Other features include: integrated attitude control and laser
downlink to maximize the data rate, and a perihelion carrier using LH2 propellant,
leaving room for design growth. This use of the lowest molecular weight propellant
maximizes the propulsion system efficiency, but drives the thermal shield size and the
need for a cryostat, which, in turn tend to drive performance down.
The master equipment list follows below (on two pages).
10. 0 Summary
This completes the reporting of all work carried out under this task for the NASA
Institute for Advanced Concepts. We have provided a first-cut analysis of what could
possibly be accomplished for developing an interstellar probe precursor mission using
solar thermal propulsion. The analysis is based upon some optimistic assumptions, e.g.,
that an all beryllium structure could survive launch loads. Nonetheless, this analysis helps
to illuminate some of the difficulties of this important mission while bracketing some of
the performance issues.
We have also reviewed some of the trades of this approach against low-thrust NEP as
a means for accomplishing this mission. The one element that prominently stands out is
the need for a much more massive vehicle to accommodate the fission reactor. Whether a
small mission based upon radioisotope electric propulsion (REP) would have significant
advantages over this solar thermal implementation remains to be seen and must await a
detailed analysis of an REP implementation.
Propulsion for such a mission remains the main driver. By decreasing the required
probe mass while maintaining the required functionality and by continuing research on
high-temperature materials and low-mass cryostats for in-space, long-term use of liquid
hydrogen, we have shown that this approach could lead to a Realistic Interstellar Explorer
in the post-2010 time frame.
Appendicies: Contractor Reports
1) Propellant Storage System, Lockheed Martin Advanced Technology Center report –
final version reprinted from the March 2001 Interim Report
2) Ball Aerospace and Technologies Corporation study describing optical attitude
determination concepts for the Realistic Interstellar Probe – final version reprinted
from the March 2001 Interim Report
3) AIAA-2001-5109, Solar Thermal Propulsion for an Interstellar Probe – updated
version from the March 2001 Interim Report
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Master Equipment List – Part 1
Component

Mass

Quantity

Allocated total is 10.0 kg; power in table entries are nominal not peak

Science Instruments

12.16
2
2
1
1
1
1
1
1

IEM/IES: C&DH, G&C

1.89
1.48
0.97
3.43
0.84
0.80
0.70
2.05
1.44
1.44

12
24
12
12

Power System

Structure
Attitude Control

Thermal

Magnetometer deployment system+electronics+probe
Plasma wave
Plasma spectrometer
Lyman alpha imager
Cosmic ray spectrometer
Energetic particles spectrometer
Dust experiment
X-ray spectrometer
C&DH based upon multiple, distributed processors; Each unit has
three 25 cm^2 boards; 40 mW each
Wireless module; 30 mW each
Gate array (FPP); 5 mW each
Memory - 2 Gigabyte; 10 mW each

45.60
4.50

Telecommunications

Notes

Power
1.87
0.18
0.08
0.53
0.13
0.16
0.33
0.13
0.33
1.38
0.48
0.72
0.06
0.12
2.12

Capacitor bank

30.60

3

10.50

3

16.17

RTG based upon Schock (1993) multicouple option 3; 1 Pu-238 RTG
and 2 Am-241 RTGs
Power distribution and regulation; estimated halflife of Pu including
multicouples of ~70 yr and ~350 yr for Am. Power remaining after
2.12
50 years is then 51.3W and ~6.27W after 500 years (all three
RTGs).
11.28

0.75

3

Ultra Stable Oscillator; triply redundant, but only one unit powered at
0.35
a time

0.60

3

Exciter/SSPA (transceiver); Transmitter only draws power when
transmitting, otherwise it is turned off; xmit power is 1667 mW

3

Receiver; system is triply redundant, but only one unit on at a time

0.50

3

Data buffer/wireless module; 10 mW each

0.03

0.27

3

Low gain antennas - 15 cm dish (1mm thick)

0.03

3

0.20
0.25

Low noise amplifier; triply redundant, but only one unit powered at a
0.30
time
Cable and waveguide
Beam steerer/INS/FPA bench - composite

0.40

Focal plane array (FPA) imager lenses - fused silica

0.80

FPA telephoto lenses - fused silica

0.30

Beam expander lenses - fused silica

1.00

Beam expander and tracker optics mounting hardware - composite

1.37

Beam expander deployment and vernier control actuators

0.50

FPA and beam steerer electronics

0.20

0.10
0.40
0.10

FPA processor
Beam steerer drivers
Shack-Hartmann array

0.10
0.80
0.10

0.50

Inertial measurement unit and electronics

0.30

0.10

Track and data processor

0.10

0.50

Laser and modulator

0.50

1.00
4.00
3.00
18.32
18.32
5.40
0.25

FPA and track processor power
Laser power conditioner
Telescope compensator

1.00
4.00
3.00
0.00

1

Structure/adapter/secondary structure, all beryllium (Be)

6

Sun sensors (DSADs)
Star camera (coarse); fine guidance integrated into optical
communications system; power down by a factor of 10 by using ULP
electronics
Inertial measurement system electronics box (Each unit has six 260
cm^2 boards); estimate 100 mW per board
All thermal input is via waste heat from RTGs; no thermal
insulation or active control

0.90

2

4.25

2

0.00

1.69
0.30
0.19
1.20
0.00
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Master Equipment List – Part 2

Component
Propulsion

Mass

Quantity

41.49
19.60
1.36
0.34
0.43
0.27
1.75
1.43
0.70
0.48

2
4
3
2
2
10.9 meters

0.73
10
29.63
10.47

3

0.16

6

Hydrazine tanks
Latch valves
Service valves
Pressure transducers
Filters
Tubing and fittings
Comp brackets and standoffs
Harness and connectors
Miscellaneous (fasteners)

Pressurant
Data buffer/wireless module; 10 mW each
Hydrazine system for carrier - total

Data buffer/wireless module; 10 mW each

3

Plumbing
Cold gas system - total
Harness; all communications harness is via wireless
communications system; current MESSENGER harness is 8.06%
of total dry mass; harness loss estimated at 2% of total power
before harness

6.57

5.23

Power distribution harness = 46.2% of total (MESSENGER CDR)

0.59

Propulsion power distribution harness = 5.18% of total
(MESSENGER CDR)

0.75

Pyro distribution harness = 6.64% of total (MESSENGER CDR)

Dry Mass Total / Power
140.58
Total

0.10
0.10

Spherical tank
Cold gas thrusters - Be rather than stainless steel - 2 canted
thrusters per tank unit

6

11.86
Harness

Power

Unusable propellant

2.54

1.23

Notes
Propulsion components for cold-gas N2 system for attitude
control; peak power is 56W if two thrusters are firing
0.16
simultaneously; also hydrazine system for trim prior to perihelion

0.06

0.06
0.37

Total dry mass before harness

18.50

147.15

Total including harness

18.87

0.00
147.15

Reserve of 5% in power
0.94
Total for probe including reserve
19.81
LH2 cryostat for 400 kg of liquid hydrogen; estimated as 75% of
nominal composite tank plus vacuum shield
Primary and secondary thermal shields
Propulsion system for carrier (estimate includes thrusters,
valves, monitors, etc.)
Primary structure for carrier; estimated as 7% of 1129 kg (total
capability to 117.6 km^2/s^2)

203.21
131.33
10.03
79.03
400.00

LH2 for perihelion burn using solar thermal propulsion system

12.38

Hydrazine sufficient to yield 150 m/s on 1129 kg; estimate with
Isp = 230s
Wet mass total (includes N2+hydrazine+LH2)
19.81
Total dry mass (includes GN2)
Total allowed dry launch mass with contingency
Launch capability of Delta IV 4050H to C3 of 117.6 km^2/s^2 /
51.30
Maximum Power available
% Mass launch margin / % Power margin
61.39

80.647
0.354
1.549
4.909
5.733
4.536

Dry mass margin in kg
LH2 mass/Total maximum launch mass
Mass ratio based upon LH2 mass to total maximum launch mass
delta V at Isp = 1144s
delta V at Isp = 1336s
delta V at Isp = 1057

77.61
1048.35
570.74
651.39
1129.00

1144
1336
1057

0.382

LH2 mass/Total designed launch mass

1.617

Mass ratio based upon LH2 mass to total designed launch mass

5.393

1144

delta V at Isp = 1144s

6.298
4.983

1336
1057

delta V at Isp = 1336s
delta V at Isp = 1057

Propellant Storage System
Lockheed Martin Advanved Technology Center
The propellant storage system must provide the propellant mass necessary for the ∆V
maneuver at perihelion within the mass, power and volume constraints for the mission.
Hydrogen is the primary candidate for the propellant system due to its low molecular
weight and, hence high specific impulse at a given temperature. The most efficient
(minimum mass and volume) way to store hydrogen is as a cryogen. A cryogenic
propulsion system must minimize the hydrogen loss during transit to perihelion (~3.6
years), have a highly-optimized structure to minimize mass, provide for cryogen
management during transit, and be able to empty the tank in approximately 15 minutes to
perform the ∆V maneuver. The top-level requirements for the cryogenic propellant
storage system are shown in Table PS-1
Table PS-1 Propellant Storage Requirements
Item
Hydrogen mass at perihelion
Cryogenic system mass at launch
Cryogenic system mass at perihelion
Cryogenic system envelope
- Diameter
- Length
Cryogenic system power
- Average
- Peak
Hydrogen pressure at perihelion
Time from launch to perihelion
Time to empty tank

Requirement
200 – 400 Kg
Minimize
Minimize
Minimize

Minimize

70 – 200 psi
3.6 years
15 minutes

Some of the issues affecting the cryogenic propellant storage system are:
1) options for storing hydrogen during the transit phase
2) pressure and temperature at perihelion
3) techniques for emptying most of the tank during 15 minutes
4) Minimum system mass for launch
5) Minimum system mass for the perihelion maneuver
6) Power requirements
• Power for cryocoolers if they are used to limit boil-off
• Any heater power that is used to heat hydrogen
Long-term storage considerations
The cryogenic propulsion system must minimize the hydrogen loss during transit in order
to keep launch mass as low as possible. The hydrogen boil-off is a result of parasitic heat
leaks into the hydrogen from the ambient thermal environment.This heat leak is strongly
affected by the efficiency of the thermal isolation system and the ambient temperature.
There have been developed numerous techniques to minimize the heat leak for long-term
(i.e. greater than a few hours) storage through insulation, support structure, plumbing,

and instrumentation on cryogenic systems. The planned trajectory will make it possible
to achieve a very low boundary temperature, which will greatly reduce the parasitic heat
leak. Studies have shown that boundary temperatures as low as 35 K are achievable at 1
AU if the system is shielded from the Sun and has a large view to deep space. At
distances greater than 1 AU, it becomes easier to achieve these low temperatures since
the solar flux is decreasing by the inverse square of the distance from the Sun.
The cryogenic system has to provide the required amount of hydrogen (200 – 400 kg) at
perihelion while minimizing mass, power and envelope. The transportation of the
cryogenic hydrogen can be as a liquid or a solid in either a vented or non-vented
configuration. These options are described below and are summarized in Table PS-2.
Table PS-2. Cryogenic Propellant Storage Configuration Options
SYSTEM
HYDROGEN COMMENTS
STATE AT
LAUNCH
Non-vented Solid
• Parasitic heat leak melts and pressurizes the
hydrogen during transit
• Small amount of heater power may be required to
achieve desired thermodynamic state
• Cold pressure relief valve protects against overpressurization
• Stratification issues
• Minimum tankage volume and launch mass
Liquid
• Maintain temperature below 30 K during transit to
minimize volume and pressure
• Hydrogen is maintained at desired temperature and
pressure throughout transit
• Active cooling required to maintain < 30 K
• Failure of active cooling is catastrophic
• Stratification issues
• Minimum tankage volume
Vented
Solid
• No liquid management required since the hydrogen
is maintained below the triple point until shortly
before perihelion
• Heater power required to melt solid before
perihelion
• Minimum tankage volume. Slightly more hydrogen
mass at launch (compared to non-vented system)
Liquid
• Thermodynamic vent needed for phase separation
• Larger volume and mass than solid since liquid
density is smaller
Yellow indicates preferred option: non-vented/solid at launch

Non-vented Storage
For non-vented storage, the tank size is determined by the hydrogen temperature,
pressure, and mass needed at perihelion. The thermodynamic state of the hydrogen is
shown in Figure PS-1The hydrogen is in the state at location 1 at launch and increases in
temperature to 3a or 3b at perihelion. Since there is no mass loss, the specific volume is
constant throughout the transit phase. 3a and 3b represent the pressure range of interest
for this study. 3a shows a hydrogen pressure of 70 psi while 3b is a pressure of 200 psi.
A simple plumbing schematic and description of the operations for the non-vented system
is shown in Figure PS-2. System characteristics will be quite different if the hydrogen is
solid rather than liquid at launch.
Solid at launch. Hydrogen is loaded as a liquid and then solidified before launch. This
solidification is accomplished by flowing liquid helium through a set of cooling tubes
that are installed in the tank. The hydrogen can be cooled well below its triple point (13.
8 K) and then recooled as necessary to maintain it as a solid. The cooling plumbing is a
small mass addition and has been included in the mass estimates This will give 30 %
ullage at launch, which allows the hydrogen to expand as it goes from solid to liquid
during the transit phase. The heat capacity of the solid hydrogen is used to absorb the
parasitic heat leak so active cooling to maintain the hydrogen is not needed. The solid
slowly melts during the transit phase, continually increasing its temperature and pressure.
The parasitic heat leak alone may not be sufficient to increase to the desired pressure so a
small active heater is included.
Liquid at launch. Hydrogen is loaded and launched as a liquid. The liquid is not
vented, so no phase separation is required. The liquid sensible heat is not sufficient to
absorb the parasitic heat leak during transit so a cryocooler is necessary to maintain the
hydrogen below 30 K. The hydrogen is maintained at a constant pressure and
temperature during the entire transit phase. Failure of a cryocooler would be catastrophic
to mission success so redundancy is necessary.

Vented storage
For vented storage, the minimum tank size is determined by the hydrogen temperature,
pressure, and mass needed at perihelion. The thermodynamic state of the hydrogen in a
vented system is shown in Figure PS-3, assuming the hydrogen is solid at launch. The
hydrogen is at 1 at launch. During transit (1 to 2) the specific volume increases at
constant temperature as mass is lost. Subsequently increasing the temperature from 2 to
3 requires heat input to melt the hydrogen and increase its temperature and pressure. As
with the non-vented case, 3a shows a hydrogen pressure of 70 psi while 3b is a pressure
of 200 psi. A simple plumbing schematic and description of the operations for the nonvented system is shown in Figure PS-4.
Solid at launch. Hydrogen is loaded as a liquid and then solidified before launch, which
gives 22 % ullage at launch. The hydrogen is maintained below the triple point (i.e. no
liquid phase) so phase separation is not needed. The heat of sublimation of the solid
hydrogen is used to absorb the parasitic heat leak, so active cooling to maintain the

hydrogen is not needed. The hydrogen mass lost during transit is proportional to the
parasitic heat leak, so an efficient thermal isolation system minimizes the hydrogen mass
needed at launch. The ullage increases as mass is lost, and there must be sufficient ullage
at perihelion to allow for expansion of the solid hydrogen to liquid.
Liquid at launch. Hydrogen is loaded and launched as a liquid. There is no ullage at
launch but this increases as mass is lost during transit. The tank contains a liquid-vapor
mixture of hydrogen, so phase separation in zero g must be addressed. A thermodynamic
vent system is necessary to insure that only vapor is vented overboard. The parasitic heat
leak vaporizes the hydrogen that is vented to maintain the hydrogen at a constant
temperature and pressure throughout the transit phase. Active cooling is not required.
The hydrogen mass lost during transit is proportional to the parasitic heat leak, so an
efficient thermal isolation system minimizes the hydrogen mass needed at launch.
The preferred option out of those listed above is the non-vented, solid hydrogen at
launch. This system has the following advantages: minimum mass and volume, active
cooling is not necessary; and the propellant can be slowly pressurized during transit, so a
large heater power is not needed
Tank sizing
The size of the tank is determined by: (1) the mass of hydrogen at perihelion and (2) the
thermodynamic state of the hydrogen (temperature and pressure). Tank sizing for the
non-vented configuration is shown in Table PS-3 and PS-4. Table PS-3 shows the
required size and mass of a spherical tank with a propellant pressure of 74 psi and Table
PS-4 shows the required size and mass of a spherical tank with a propellant pressure of
220 psi. This sizing assumes that the tank is constructed from Aluminum 2219, an alloy
that has excellent cryogenic properties. The properties for 2219 and the factors-of-safety
used in the analysis are shown in Table PS-5.
The proposed cryogenic propellant system will be sub-atmospheric prior to launch. For
this reason, buckling must be considered when assessing the structural design of the
cryogen tank and vacuum shell. One atmosphere external pressure is quite often the
design driver rather than the internal pressure requirements. Tables PS-3 and PS-4 show
tank masses designed by internal pressure and external pressure. Table PS-3 shows that
the tank mass is driven by buckling, not the 74 psi internal pressure. The one atmosphere
external pressure requirement requires a thicker wall than the 74 psi internal pressure.
Tank wall thickness is driven by stress when the internal pressure is 220 psi so the mass
is larger than the buckling derived design, as is shown in Table PS-4. The mass used in
the system design is the heavier of the two since the tank design must survive both
internal and external pressure. Further optimization of the system can be accomplished by
designing to a tank pressure that that gives the same mass for both criteria.

Table PS-3
H2 mass at
perihelion
(kg)
200
300
400

Tank sizing for system with 74 psi, 27 K hydrogen at start of ∆V maneuver
Tank
Spherical
Tank Dry Mass T a n k D r y M a s s
volume tank radius Designed by Stress
Designed by Buckling
(liters) (cm)
(kg)
(kg)
3280
92.1
30
53
4920
105.5
45
80
6560
116.1
59
106

Table PS-4.
H2 mass at
perihelion
(kg)
200
300
400

Tank sizing for system with 220 psi, 27 K hydrogen at start of ∆V maneuver
Tank
Spherical
Tank Dry Mass T a n k D r y M a s s
volume tank radius Designed by Stress
Designed by Buckling
(liters) (cm)
(kg)
(kg)
3133
90.7
83
51
4699.5 103.9
123
76
6266
114.3
164
101

Table PS-5. Tank and Vacuum Shell Candidate Material Structural Properties
Property
2219
8090 Aluminum UL50 Aluminum Graphite/Epoxy
Aluminum Lithium
Lithium
Ultimate
434
462
379
1200
Strength
(Mpa)
Yield
345
338
310
N/A
Strength
(Mpa)
Modulus
72000
79000
91000
130000
(Mpa)
Density
2.85
2.55
2.3
1.5
(gm/cm3)
Factor-of1.5
1.5
1.5
1.5
Safety for
ultimate
stress
Factor-of1.25
1.25
1.25
1.25
Safety for
yield stress

Propellant Storage system sizing
Using the tank volumes and masses shown in Tables PS-3 and PS-4, mass and thermal
performance were calculated for a non-vented propellant storage systems at two different
operating pressures. The assumptions used to calculate system performance are shown in

Table PS-6. The system summary for a propellant pressure of 74 psi is shown in Table
PS-7 and the system summary for a propellant pressure of 220 psi is shown in Table PS8. Three hydrogen volumes are analyzed at each operating pressure. These tables show
the parasitic heat leak, the heater power required to pressurize the hydrogen over the 3.6
year transit time, the system mass at launch, system mass after ejection of the vacuum
shell, and the length and diameter of the propellant system.
The optimized thermal isolation system, along with the low boundary temperature, results
in very low heat leaks to the hydrogen. The parasitic heat leak is less than 0.01 watts for
all the systems studied. This low heat leak is insufficient to raise the hydrogen to the
desired final condition (74 psi or 220 psi) so additional heat must be added. The
additional heating requirement is less than 0.5 watts over the 3.6-year transit time.
Further system optimization may allow for a larger heat leak to be “built in” , minimizing
or eliminating the need for the additional heat source.
The mass of the propellant system can be reduced by by ejecting the vacuum shell shortly
after launch. The vacuum shell is only necessary for ground operations and to provide
the necessary vacuum for the insulation system. Once in the vacuum of space, it can be
ejected with no degradation in thermal performance and a 15% reduction in the
propellant system mass.
Table PS-6. Cryogenic propellant system design assumptions
50 K average shell temperature
Propellant tank and vacuum shell constructed from 2219
aluminum
Gamma alumina cryogen tank supports
• Low thermal conductivity
• High strength and stiffness
2 vapor cooled shields
• Light-weight aluminum honeycomb
1 inch thick , high performance multi-layer insulation
Low thermal conductance teflon plumbing lines
Structural design assumptions
• Axial load factor - 10 g
• Lateral load factor - 10g
• Minimum resonant frequency - 35 Hz
Table PS-7
maneuver
H2 mass
at
perihelion
(kg)
200
300
400

System sizing for system with 74 psi, 27 K hydrogen at start of ∆V
Parasitic
Heat Leak
(W)
0.0073
0.0076
0.0079

Additional
heating to
pressurize H2
(W)
0.257
0.389
0.521

System
Mass
(kg)
448
627
804

System Mass
after vac shell
deployment
(kg)
386
536
685

System
Envelope
(L/D)
(m/m)
2.29/2.00
2.60/2.27
2.85/2.48

Table PS-8.
maneuver
H2 mass
at
perihelion
(kg)
200
300
400

System sizing for system with 220 psi, 27 K hydrogen at start of ∆V
Parasitic
Heat Leak
(W)
0.0074
0.0077
0.0080

Additional
heating to
pressurize H2
(W)
0.285
0.431
0.577

System
Mass
(kg)
476
670
862

System Mass
after vac shell
deployment
(kg)
417
583
749

System
Envelope
(L/D)
(m/m)
2.26/1.97
2.56/2.23
2.80/2.44

The mass and volume estimates in Tables PS-7 and PS-8 are based on state-of-the-art
long-term cryogenic systems for space applications. The critical technologies for longterm cryogenic storage are optimized structures for minimum mass and a highly efficient
thermal isolation system to minimize any hydrogen boil-off. The specific technologies
applied to the current design trades are:
• Tank and vacuum shell that are optimized for both internal and external pressure
loading
• Low heat leak gamma alumina composite support structure
• Vacuum multi-layer insulation
• Low boundary temperature to minimize parasitic heat leak
• Aluminum honeycomb vapor cooled shields
• Teflon plumbing lines to minimize parasitic heat leak
These technologies have been demonstrated on numerous space cryogenic instruments
that have utilized stored cryogens for open cycle cooling.
Additional mass savings can be obtained by utilizing advanced materials for the hydrogen
tank and vacuum shell. The critical material properties for minimizing mass are the low
density, high modulus of elasticity (for buckling), and high yield/ultimate strength (for
internal pressure). Some of the materials that have the potential for lower mass are 8090
aluminum lithium, UL50 aluminum lithium, and graphite epoxy. The structural
properties of these materials are shown along with 2219 aluminum in Table PS-5. 8090
aluminum lithium is commercially available and is used for the shuttle external tanks.
UL50 aluminum lithium is an advanced material that has only been fabricated in small
quantities and is not yet commercially available. Graphite epoxy for the tank and
vacuum shell is the least mature technology requiring the greatest amount of development
(this is the approach being taken in the X-38 program to minimize tankage mass). The

potential decrease in system mass associated with these materials is shown in Table PS-9
and PS-10 for the 74 psi and 220 psi system, respectively. As the mass decreases, the
material development, cost, and risk increase.

Table PS-9. Propellant system mass for various tank and vacuum shell materials
74 psi, 27 K hydrogen at start of ∆V maneuver
2219 Aluminum
8090 Aluminum UL50 Aluminum Graphite/Epoxy
Lithium
Lithium
H2 mass system system
system system system system system system
mass at mass w/o mass at mass w/o mass at mass w/o mass at mass w/o
launch vac shell launch vac shell launch vac shell launch vac shell
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
200
448
386
431
378
415
371
378
353
300
627
536
602
524
579
514
523
488
400
804
685
771
669
741
655
667
621

Table PS-10. Propellant system mass for various tank and vacuum shell materials
220 psi, 27 K hydrogen at start of ∆V maneuver
2219 Aluminum
8090 Aluminum UL50 Aluminum Graphite/Epoxy
Lithium
Lithium
H2 mass system system
system system system system system system
mass at mass w/o mass at mass w/o mass at mass w/o mass at mass w/o
launch vac shell launch vac shell launch vac shell launch vac shell
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
(kg)
200
476
417
455
404
436
393
389
366
300
670
583
639
565
611
549
542
509
400
862
749
822
725
784
702
693
649

Hydrogen expulsion at perihelion
The hydrogen must be expelled from the tank to the combustion chamber in
approximately 15 minutes. The methods identified for expelling the hydrogen to the
chamber at a suitable flowrate and pressure are:
1) External pressurized helium system to expel the hydrogen
2) Mechanical pump
3) Apply heat to the hydrogen
One of the issues with the hydrogen expulsion is to determine the optimum
thermodynamic state for the hydrogen. If it is supercritical, there is only a single phase of
hydrogen and there are no liquid management or liquid acquisition issues. The penalty
for the single-phase operation is higher mass because of the higher operating pressure.
To maintain a single phase while hydrogen is being extracted from the tank will require
the addition of heat. If the hydrogen is below the critical point, there is the potential for
two-phase conditions and it will be necessary to insure that liquid is supplied at the tank

exit. This may be relatively straightforward since there is an acceleration force that will
settle the liquid. This acceleration makes it possible to insure that liquid is at the tank
exit. Sub-critical operation will allow lower mass tankage because of the lower
operating pressures.
Helium gas supply. This is a relatively straightforward approach that is commonly used
in propulsion systems so no development is required. The primary disadvantage is the
additional mass required for the high-pressure helium system (tank, helium, and
plumbing including valves).
Mechanical pump. Again this approach is commonly used on propulsion systems but
has a mass, power, and reliability penalty.
Heat. Heat is applied to the hydrogen tank to maintain the pressure during expulsion
from the tank. The amount of heat required to expel the hydrogen at a constant pressure
has been studied using a computer model of hydrogen venting from the tank. Inputs to
the model are the tank size, vent diameter, starting pressure and temperature, and back
pressure. The model calculates the flowrate of hydrogen out of the tank and the
thermodynamic condition of the hydrogen remaining in the tank. This model was run for
the 200, 300, and 400 kg of hydrogen and a constant tank pressure of 220 psi. The highpressure condition was selected because the model can only deal with a single-phase
fluid. It is expected that results for the lower pressure condition would be similar.
Results for all 3 tank sizes are shown in Figures PS-5, PS-6, and PS-7. Figure PS-5
shows the mass flowrate of hydrogen over 900 seconds. The flowrate decreases linearly
as mass is removed from the tank. Figure PS-6 shows the hydrogen remaining in the tank
as a function of time. Figure PS-7 shows the heater power required to maintain a
constant tank pressure over the expulsion time. The average heater powers are 120 kW
for the 3122 liter tank, 180 kW for the 4700 liter tank, and 260 kW for the 6266 liter tank.
The peak power comes at the end of the expulsion when there is very little mass in the
tank so larger quantities of power are needed to maintain the pressure. This suggests that
it may not be effective to drain the tank. If the expulsion were stopped at 600 to 700
seconds, the heater power would not need to dramatically increase but there would be 10
to 20% of the hydrogen that would not be used for propulsion. The tank my need to be
oversized to account for hydrogen that cannot be effectively utilized.
Application of the heat may be possible via diversion of some of the hydrogen that has
been heated by the Sun back through the tank or exterior structure in good thermal
contact with the tank. This requires further study.
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Figure PS-1. P-V diagram of non-vented hydrogen storage
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Figure PS-2. Plumbing schematic and valve operations of non-vented hydrogen tank
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Figure PS-3. P-V diagram of vented hydrogen storage
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Figure PS-4. Plumbing schematic and valve operations of vented hydrogen tank
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Figure PS-6 Hydrogen remaining in tank
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1. Overview
Ball Aerospace and Technologies Corporation is pleased to submit this paper, a study
describing optical attitude determination concepts for the Realistic Interstellar Probe. The
paper identifies design options and technical problems that will require further study to
determine detailed engineering parameters.
The purpose of an attitude determination system is twofold. First, it points the downlink
beam accurately towards Earth to maintain a functioning downlink from the Earth’s point of
view. Second, it provides science instruments a celestial coordinate frame with which to tag
their observations.
The term “optical attitude determination”, rather than the more commonly used “star tracker”
or “star sensor”, reflects the anticipation that optical observation of the Sun and Earth will be
required in addition to stars. Possibly additionally required are observations of other planets,
or an Earth beacon. Complicating semantics is that fact that the spacecraft spins, and that star
sensors designed for use with spinners are often called “star scanners”. Star sensors that do
not centroid star images are sometimes called “star cameras”, while those that do are called
“star trackers”. Those that include a star catalog are sometimes called “stellar attitude
sensors”. Signal processing software for star search, detection, tracking, centroiding and
attitude solution may execute on hardware located in the tracker or on a common spacecraft
processor. Nevertheless, in the interest of compactness, we often interchangeably use herein
any of these terms, or just plain “tracker”.
The study focuses on two types of trackers that inhabit RIP: a “coarse” sensor that looks
orthogonally to the spin axis, and a “fine” sensor that looks parallel to the spin axis in the
direction of Earth. The former instrument “stands alone”, the latter is integrated into the
communication optics.
This study augments a larger RIP study performed by the Johns Hopkins Applied Physics
Laboratory for the NASA Institute for Advanced Concepts. Submission of this paper brings
to completion the study contract awarded to BATC by JHU/APL for this phase of the RIP
program.
1.1 Abbreviations.
APS
AU
BATC
CCD
CID
CMOS
CSS
CTE

Active Pixel Sensor
Astronomical Unit
Ball Aerospace and Technologies Corporation
Charge Coupled Device
Charge Injection Device
Complementary Metal Oxide Silicon
Coarse Star Sensor
Charge Transfer Efficiency
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CTE
DC
FAS
FOV
FOR
JHU/APL
MEMS
NIAC
NIEL
RIP
RPM
RPS
RTG
S/C
SNR
TDI
VDC

Coefficient of Thermal Expansion
Direct Current
Fine Attitude Sensor
Field of View
Field of Regard
Johns Hopkins Applied Physics Laboratory
Micro Electro Mechanical Systems
NASA Institute for Advanced Concepts
Non-Ionizing Energy Loss
Realistic Interstellar Probe
Revolutions Per Minute
Radioisotope Power Source
Radioisotope Thermoelectric Generator
spacecraft
Signal to Noise Ratio
Time Delay Integration
Volts Direct Current

1.2 Study tasks
The following tasks have been undertaken during the course of the study:
•
•
•

•
•

Assimilation of existing RIP material. See ¶2, References.
Familiarization with general mission aspects, e.g. science, trajectory, timelines, mission
phases, propulsion, probe architecture, and power source.
Understanding of sub-systems and environments that directly impact tracker design,
notably probe geometry, spin rates, attitude requirements, communication, and thermal
and radiation environments.
Discuss conceptual designs and their trades, largely in a qualitative fashion.
List topics requiring future study.

2. References.
1. McNutt, R.L. , et al, The John Hopkins Applied Physics Laboratory, A Realistic
Interstellar Explorer.
2. Boone, B.G. SER Group at the John Hopkins Applied Physics Laboratory, Realistic
Interstellar Explorer, Optical Communications System Concept.
3. Alexander, J. W. , Chen, C., JPL, Pointing and Tracking Concepts for Deep Space Missions,
SPIE Vol. 3615, January 1999
3. Mission concept.
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For convenience and completeness, we have briefly reiterated the general aspects of the
mission. This material is largely taken from the References.
The primary goal for the Realistic Interstellar Probe mission is to send a probe past the
boundary of the heliosphere, the region of influence of the Sun, to obtain scientific data
enabling:
•
•
•

Exploration of the interstellar medium to attain an understanding of relevant astrophysical
processes
Exploration of the structure of the heliosphere to attain an understanding of astrophysical
processes and interactions with the interstellar medium
Determination of fundamental properties of the Universe such as big-bang
nucleosynthesis, location of gamma-ray bursts, gravitational waves and a non-zero
cosmological constant.

As a secondary mission goal, the probe will be designed such that, once it exits our solar
system, it will be on a course that sends it to a nearby solar system. This creates functional
and performance implications for the star sensor to ensure survival and operation over an
unprecedented mission lifetime and at extreme distances from the Earth.
Attainment of the primary goal to send the probe beyond the heliosphere and penetrate the
interstellar medium requires that the probe travel completely clear of the influence of the Sun.
The boundary of the external solar shock is currently understood to be about 300 AU from the
Earth. Therefore the mission goal to clear the influence of the Sun on its surroundings is
currently set at 1000 AU. It is further specified that the probe shall reach this distance within
50 years after its launch from the Earth (currently set for July of the year 2011). To attain the
high escape speed necessary to achieve this goal, a solar gravity assist technique will be used.
This technique is based on a launch to Jupiter with a retrograde trajectory to eliminate
heliocentric angular momentum followed by a fall to within four solar radii from the center of
the Sun at perihelion. Through the use of an advanced propulsion system delta-V maneuver,
an increase in the probe energy when its speed is the highest produces the desired rapid solar
system escape. Figure 3-1 shows the trajectory and launch date.
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Figure 3-1: RPI trajectory to Jupiter, Sun and ε Eridani.
To attain the second goal of traveling to a nearby solar system, the probe trajectory will be
designed so that when it penetrates the interstellar medium, it will be pointed towards the ε
Eridani star traveling at a rate of approximately 20.2 AU/year. ε Eridani is about 10.7 lightyears from Earth. This results in an operational lifetime goal for the probe of 1000 years. ε
Eridani is a K2V dwarf main sequence star that is similar to our own Sun and was chosen for
this mission because it is the closet star to Earth that contains a confirmed planetary system
and lies near the ecliptic plane.
3.1 Probe concept.
The mission is currently planned to utilize a Delta III launch. A concept of the probe housed
within the Delta III shroud is shown in Figure 3-2. The probe will be contained in a “cocoon”
structure until it passes Jupiter and completes its perihelion maneuver at the Sun. The cocoon
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structure contains the probe, a thermal shield and the perihelion propulsion stage. Following
the perihelion burn, the probe will be mechanically jettisoned from the cocoon structure. No
star tracking functions are attempted until probe separation.

Figure 3-2: Interstellar Probe in Delta Shroud Stowed Configuration.
The probe must be designed for low mass and power and must also withstand launch loads
and high thrust propulsion during the perihelion maneuver. The thermal shield will protect it
during its close proximity to the Sun, but it must also operate at low temperatures (75 to 125
K) and survive a long lifetime (50 year required, 1000 year goal). It will be necessary that the
probe operate in a fully autonomous, open loop mode with safing and onboard fault detection
and correction. Redundancy is required to meet the long mission life and high reliability
requirements. It must tolerate the natural space radiation environment and also radiation from
the on-board Radioisotope Thermoelectric Generator, also known as the Radioisotope Power
Source.
The probe itself will have a mass of 50 kg and a power capacity of 15W. It consists of a RPS
assembly, a central support mast and an optical dish. The RPS is located at one end of the
mast to minimize the radiation dose to other spacecraft components. On the opposite end of
the mast, a large optical dish faces away from the direction of travel and is pointed towards
our solar system as shown in Figure 3-3. Instruments, including a pair of redundant star
trackers, and spacecraft electronics boxes are located on the back of the optical dish. The
secondary battery and power control system are placed inside of the mast roughly at its
midsection. A communication system laser is placed inside the mast on the dish side. It points
out the end of the mast through a small hole in the optical dish toward a hyperbolic reflector.
Fine star tracking functions are integrated into the communication optics.
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Figure 3-3: Interstellar Probe in Final Flight Configuration.
At 20 AU/year, the probe reaches Earth radius in about three weeks, Jupiter in three months.
This portion of the mission is the “Shakedown” phase, when commands and data can be
uplinked to the spacecraft. Once two-way communication with the Earth is lost, the probe
enters an autonomous mode with infrequent downlinks. During this “prime science” or
“cruise” portion of the mission, the probe maintains a slow spin with the spin axis pointed
nominally back at the sun. Periodically the probe will point toward a Hubble-class receiving
station in Earth orbit to transmit science data back to the Earth.
4. Tracker configurations.
As noted in ¶1, the purpose of an attitude determination system is twofold:
• To point the downlink beam accurately, 0.72 µrad 3σ at 100 AU, towards Earth to
maintain a functioning downlink from the Earth’s point of view. The accuracy
specification applies only in the two cross-axis directions, not in the “roll” direction.
• To provide science instruments a celestial coordinate frame with which to tag their
observations. 50-250 µrad 3σ, dependent on life, in all three axes is assumed.
To meet these requirements, several tracker configurations may be employed:
• Use a single staring tracker with sufficient Field-of-View and sensitivity to satisfy both of
the above accuracy requirements. For example, BATC has presently in service an “Aspect
Camera” for the Chandra X-ray Observatory which has the required accuracy in the two
cross-axis directions. It has a 1K2 CCD, and a frame rate of a few Hz. However its FOV is
only ~2° degrees, and consequently has much poorer attitude accuracy in the roll direction.
Such a camera would have to be pointed towards Earth to satisfy RIP requirements,
violating RIP geometry. It has ~200 mm aperture and 10th magnitude sensitivity, with
mass well in excess of RIP requirements. Further, it was not designed to contend with
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•

•

rotating images nor the Sun/Earth/Moon in its FOV, despite a sun shade more than 2 m
long. It offers no redundancy. Depending on the required attitude update rate, this tracker
could be considerably shrunk. Nevertheless, this configuration is not further examined in
this study.
Use a highly accurate star scanner alone, pointed normally to the spin axis. This is best
visualized as a shrunken Aspect Camera equipped with a scanning focal plane. The large
sun shade is not required. Otherwise, this configuration suffers from the same mass
problems as the first approach, particularly if a redundant scanner is required.
Use a “Coarse” Star Scanner in conjunction with a Fine Attitude Sensor integrated into the
communications focal plane. Since the scanner requires much less accuracy than FAS, it
can be made with the required mass. Since FAS uses the communications optics, it requires
little additional mass and has the required Earth-pointing accuracy. FAS and the
transmitter are relatively easy to keep co-aligned. This is the configuration explored in this
paper.

5. Coarse star sensor.
5.1 Basic concepts.
RIP includes a pair of “Coarse” Star Sensors, the second unit for redundancy. These devices
are used in all mission phases; without them (or some other form of coarse attitude control)
fine pointing control will be very difficult. Both CSS’s point orthogonally to RIP’s mast, i.e.
orthogonally to the spin axis. Functionally they resemble Ball’s CT-631, a commercial tracker
for spinning platforms. Figure 5-1 shows that each consists of a lens, line array detector and
electronics. The customary sun-shade can probably be omitted, since substantial Field-ofRegard remains. The sun is often behind the aperture, the S/C spends little time near the sun,
and the trackers are normally shaded by the communications dish. Tracker lenses are usually
refractive, but need not be so.
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Figure 5-1: Coarse star sensor block diagram.
Conceptually the tracker is easy to describe. If the line array is standing vertically (as in the
figure), as the S/C spins, stars cross the line array horizontally. The array is sampled
frequently – pixels over threshold are declared to be stars. Four or five such stars located
around the FOR are sufficient to permit search of and unambiguous match against a star
catalog. The FOV height must be high enough and the tracker sensitive enough so that at least
four or five catalog stars will appear in any FOR. The particular FOR implied during the trip
to ε Eridani is of special interest. Smaller FOV’s require more sensitivity and larger catalogs.
Star scanners, unlike staring trackers with a relatively narrow FOV (e.g. 20x20°), offer roll axis
attitude accuracy comparable to pitch and yaw accuracy.
Spin rate can be determined by sampling one or more pixels for a sufficient period of time,
several times the nominal spin period. Since stars are rare, probably all the pixels in the field at
each temporal sample can be summed to reduce data volume. Then a Fourier Transform of the
temporal record will yield the exact spin period and rate.
The term “line array” is a misnomer in that it may have some finite width, perhaps 4-32
columns, and associated FOV width to it. This permits Time Delay Integration, a method of
increasing the apparent dwell time of a star on a pixel by shifting the integrated image in the
detector in the same direction and at the same rate as the rotating star. Charge-CoupledDevices, as opposed to Active Pixel Sensors or Charge Injection Devices, are particularly
adept at doing this in a noiseless fashion on-chip.
5.2 Requirements.
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Table 5-1 summarizes requirements for the Coarse Star Sensor. The upper half of the table
shows requirements taken from the References. The lower half are values assumed for this
paper, or derived from other requirements. Lost-in-space solution time, update rate, and
accuracy are dependent on spin rate, and highly speculative at this point.
Specification
Values taken from
References:
Construction
Boresight direction
Spin rate
Outputs
Design life
Signal processing

Operating temperature
Radiation environment

Redundancy
Mass
Power
Prime power voltage
Derived or assumed herein
values:
Survival or operating heat
Co-alignment of spin axis with
mast vector
Attitude coverage
Field of view
Sensitivity
Lost-in-Space solution time
Attitude update rate
3-axis attitude accuracy,
beginning of life
3-axis attitude accuracy, at 50
years of life (1000 AU)

Requirement

Independent star sensing instrument
normal to mast vector
1 RPM nominal
3-axis attitude, spin rate
50 years
generic: self-contained processor,
memory and wireless communication
sub-module
75 to 125 K, except during Shakedown
phase when warmer and dependent on
distance from Sun and attitude.
Earth exit; Jovian flyby, Solar approach,
all while shielded in cocoon. Solar
departure, unshielded. RPS neutrons,
unshielded, entire mission
two independent units
1 kg/unit
4W/unit

Goal

1,000 year goal

4W power
reserved for FAS

3VDC

None. Use carefully matched materials,
or compensate for differential expansion
or stress.
< 1º
> 98 % of sky; guaranteed for ε Eridani
trajectory in particular.
As required to obtain coverage.
Typically 10° vertically.
As required to obtain coverage.
Typically 2.7 instrument magnitude.
< 10 minutes. Dependent on spin rate.
< 1 minute. Dependent on spin rate.
50 urad, ea. axis, 3 sigma
250 urad, ea. axis, 3 sigma

No restriction.
Acquires attitude
at any spin vector.

< 3 minutes
< 20 seconds
20 urad
limited by star
catalog position
and rate errors

Table 5-1: Coarse Star Sensor Specifications.
5.2.1 RPS radiation environment. A rough estimate is that CSS (and FAS) would see about 5
neutrons cm-2 sec-1 at 3 meters from the RPS neutron source. That quantity may be converted
to MeV/g equivalents by multiplying by the number of seconds, and dividing by 490 to get the
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NIEL . Table 5-2 shows the results vs. distance, assuming 3.5 years of RPS exposure before
solar perihelion.
DISTANCE

cum. NIEL from
RPS

(AU)
1
2
3
4
5
6
7
8
9
10
15
20
40
60
80
100
125
250
500
1000

MeV/g
1.14E+06
1.16E+06
1.17E+06
1.19E+06
1.21E+06
1.22E+06
1.24E+06
1.26E+06
1.27E+06
1.29E+06
1.37E+06
1.45E+06
1.77E+06
2.09E+06
2.41E+06
2.74E+06
3.14E+06
5.15E+06
9.17E+06
1.72E+07

Table 5-2: Estimated NIEL from RPS vs. distance.
Ball has conducted proton irradiation tests on commercial n-channel CCD’s , and found them
to survive up to about 1.8E8 MeV/g. They suffer from increased dark current and degraded
Charge Transfer Efficiency, both are which are strongly temperature dependent, the latter in a
non-monotonic fashion. It appears then that, if RPS damage is the dominant radiation damage
source, n-channel CCD’s may be suitable for CSS (and FAS). Certainly the distance to the
RPS should not be shortened. At 3m distance, cosmic ray and solar event damage are
suspected to be as or more problematic.
5.3 Operational complications.
RIP presents some unique operational complications for CSS. In descending order of concern:
5.3.1 Mast registration. Since CSS provides a coarse attitude estimate for the Fine Attitude
Sensor, its alignment relative to FAS is critical. If other RIP criteria dictate that the mast be
non-rigid, then either its angular flex must be small compared to CSS pitch and yaw accuracy,
or a sub-system measuring the attitude of one with respect to the other must be implemented.
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Such compensation systems are common, and typically involve an autocollimator anchored in
one sub-system viewing a reference flat in the other.
5.3.2 Warm operation during shakedown. CSS, along with the rest of the S/C, runs quasicryogenically cold for virtually all of its mission. An important exception however is the first
few weeks after leaving the sun during the shakedown phase. Elevated operating temps
generate unusually large dark currents in CSS’s detector, which can degrade performance if the
resulting shading, fixed pattern or shot noise becomes a dominant noise source. However, if
the dominant radiation damage source over the entire RIP mission is Non-Ionizing Energy
Loss from the RPS, probably the detector is little damaged by this time. Consequently warm
operation during the shakedown phase may not result in significant performance compromise.
But it is a subject for investigation.
5.3.3 Contamination. Contamination of optical surfaces at visible and near-infrared
wavelengths is ordinarily not a problem. However, RIP’s extremely long life and cold vaportrapping optical surfaces may be an issue. The telescope primary is particularly of concern,
since contamination will increase its scattering coefficient. If a large baffle is used around it,
outgassing from it could contaminate optics, particularly near solar perihelion when the baffle
may be hot. In Chandra, the ~10 m long x ~1 m diameter composite telescope structure was
never properly baked out due to its size, risking contamination of the X-ray optics/detectors
inside it.
5.4 Design trades.
The four major CSS sub-systems (optics, detector, electronics and structure) are each subject
to design tradeoffs. Some of these are peculiar to CSS, others generic to any RPI instrument.
5.4.1 Lightweight optics. Several techniques are of interest to reduce CSS optics mass:
• Apertures of 10-50 mm are common in commercial trackers. But the large FOR and slow
update rates enjoyed by RIP may permit significantly smaller apertures.
• Use of a reflective or hybrid reflective/refractive correction telescope with a composite or
honeycomb substrate. Optical design can be simplified to take advantage of the fact that
the horizontal FOV is much narrower than the vertical.
• Since trackers typically defocus images to obtain centroiding accuracy, their optics are not
diffraction limited and can tolerate some aberrations. Consequently, binary optics, as a
mass-savings phase correction technique, are of interest.
5.4.2 Detectors. RIP is unique in that it is a spinner requiring high accuracy but slow attitude
rates. Its radiation environment is of concern, but one of radiation damage’s main effects,
elevated dark current, is mitigated by cold operating temperatures. The following detector
architectures are of interest:
• CCD’s, as opposed to CID’s or APS’s, since they offer a simple implementation of
noiseless on-chip TDI.
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A CCD line array can be “full-frame”, which requires reading all the pixels at the spin rate,
or “frame transfer”, which shifts the TDI integrated image rapidly under into an optically
opaque register, where the image may be read out at leisure. The former technique requires
larger noise bandwidth and consequent larger read noise; the latter technique suffers from
gaps in coverage during any one particular revolution.
P-channel CCD’s are currently being investigated for high radiation environments. Such
devices avoid the use of phosphorus as a dopant and its associated phosphorus-vacancy
trap. This is expected to improve Charge Transfer Efficiency in devices exposed to
significant NIEL damage. However, the physics of traps is complex; it is highly signal level
and temperature dependent. Further, other CTE degradation mechanisms remain.
N-channel CCD’s, although often considered useless in high radiation environments, may
be useful for RIP. First, RIP’s ionizing and NIEL levels have been little quantified and may
be tolerable. Second, few transfers in the horizontal direction are required for CSS’s “line
array”, so that moderate CTE damage can be tolerated. The array may be equipped with a
number of readout amplifiers in the vertical direction, so that not many shifts are required
there as well.
P-channel Charge Injection Devices may be useful. If attitude update rates are slow
enough, TDI may not be required. Commercially available CID’s have an extensive
radiation tolerance history, and are currently under development for other radiation hard
space mission, e.g. Europa Orbiter.
Active Pixel Sensors are currently under development for both mild and severe radiation
space applications. At this time, CMOS APS’s have not demonstrated robust radiation
tolerance, but there is promise.
The definition of CID vs. CCD vs. APS grows ever muddier, and all may be lumped under
the generic category of photogate devices. For example, at least one CID manufacturer is
developing a p-channel “pre-amplifier per pixel” device, a form of APS.
On a more advanced front, one often wishes for radially curved, rather than flat, detectors.
There is interest in amorphous silicon semiconductors deposited on curved substrates,
then re-crystallized, doped and patterned as usual. Such a detector would simplify optics
by following focal planes that are similarly curved.

5.4.3. Electronics. CSS electronics are subject to constraints common to all RPI electronics:
• Ionizing and non-ionizing radiation tolerance.
• Packaging that survives room temperature to cryogenic transitions.
• Freedom from Single-Event Latchup, Gate-rupture and Burn-out.
• Guaranteed recovery from Single Event Upsets.
• Avoidance of single point failures, particularly at the connection to S/C power and signals.
5.4.4 Structure. CSS structure is subject to the same design trades as other RIP instruments.
Composite structure is anticipated throughout for low mass and Coefficient of Thermal
Expansion. A complication is metal fixtures imbedded in composite structure, which typically
have larger CTE’s. Often a large number of flexures result, whose angular stability is a study
topic.
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5.5 Topics for further study.
In addition to the operational complications and design trades listed above, a number of
subjects require further study.
5.5.1 Signal processing.
• Aperture size/detector size/pixel size/FOV/sensitivity/accuracy/update rate analysis. This
is the fundamental performance model every tracker design requires.
• Searching the star catalog. Staring trackers often sort the catalog by angular separation
between star pairs. The largest angles that need be considered are limited by the FOV of
the tracker, e.g. 20 x √2 ° if a 20x20° FOV. In a spinning tracker, angles up to 180° must
be considered. If dim stars, e.g. 5th magnitude are catalogued (about 2000 in the celestial
sphere), this may lead to an impractically large number of star pairs. Alternative
techniques, depending on a-priori attitude knowledge, could be employed to speed the
search.
• Star catalog and proper motion accuracy. Use of the Hipparcos catalog is assumed,
supplementing it with Tycho-2 data as required. Hipparcos has 118,000 stars, 14 nrad
positional accuracy, and 10 nrad/year proper motion accuracy.
• S/C proper motion compensation. All stars viewed by CSS are subject to this error, since
its line-of-sight is normal to the direction of travel, and S/C velocity is non-negligible
compared to the speed of light.
• Spin wobble: If CSS’s line-of-sight is not normal to the mast, or if the spin axis is not
aligned with the mast, stars will describe slanted trajectories through the FOV. In an
extreme case, stars can have curved trajectories or even rotate on the FOV. This can
degrade accuracy unless signal processing is designed to deal with it. It can also complicate
Lost-in-Space and attitude determination algorithms.
5.5.2. Other.
• Evaporation of thin films, e.g. optical coatings
• Long life material stability
• Residual magnetism; particularly at cryogenic temps, and particularly the DC/DC
converter
6. Fine Attitude Sensor.
6.1 Geometry.
RIP presents an extreme variety of geometries due to its widely varying distance from Earth.
A few reference tables are useful. Table 6-1a shows the angular subtense of the Sun, Earth and
Moon versus distance. It also shows the required attitude accuracy, taken from Reference 2.2
for AU = 100 and 1000, and extrapolated to shorter distances to keep the received power at
earth constant. Note that the required accuracy is on the same order as Earth’s subtense. An
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obvious difficulty is that greater accuracy is required at longer lifetimes when radiation damage
is more severe.
DISTANCE

Required
pointing
accuracy

(AU)
1
2
3
4
5
6
7
8
9
10
15
20
40
60
80
100
125
250
500
1000

urad
72.00
36.00
24.00
18.00
14.40
12.00
10.29
9.00
8.00
7.20
4.80
3.60
1.80
1.20
0.90
0.72
0.58
0.29
0.14
0.12

SUBTENSE (urad)

Sun
4652.37
2326.20
1550.80
1163.10
930.48
775.40
664.63
581.55
516.93
465.24
310.16
232.62
116.31
77.54
58.16
46.52
37.22
18.61
9.30
4.65

Earth
84.77
42.39
28.26
21.19
16.95
14.13
12.11
10.60
9.42
8.48
5.65
4.24
2.12
1.41
1.06
0.85
0.68
0.34
0.17
0.08

Moon
23.10
11.55
7.70
5.78
4.62
3.85
3.30
2.89
2.57
2.31
1.54
1.16
0.58
0.39
0.29
0.23
0.18
0.09
0.05
0.02

Table 6-1a: Required accuracy and subtense of the Sun, Earth and Moon vs. distance.
Table 6-1b shows the angular separation of these same bodies, as well as their visual
magnitude.
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DISTANCE

(AU)
1
2
3
4
5
6
7
8
9
10
15
20
40
60
80
100
125
250
500
1000

SEPARATION
ANGLE
SUN/EARTH
EARTH/MOON

Urad
785398.16
463647.61
321750.55
244978.66
197395.56
165148.68
141897.05
124354.99
110657.22
99668.65
66568.16
49958.40
24994.79
16665.12
12499.35
9999.67
7999.83
3999.98
2000.00
1000.00

urad
2569.55
1284.78
856.52
642.39
513.91
428.26
367.08
321.19
285.51
256.96
171.30
128.48
64.24
42.83
32.12
25.70
20.56
10.28
5.14
2.57

MAGNITUDE
Sun

Earth

Moon

-26.74
-25.23
-24.35
-23.73
-23.25
-22.85
-22.51
-22.22
-21.97
-21.74
-20.86
-20.23
-18.73
-17.85
-17.22
-16.74
-16.26
-14.75
-13.25
-11.74

-3.84
-2.33
-1.45
-0.83
-0.35
0.05
0.39
0.68
0.93
1.16
2.04
2.67
4.17
5.05
5.68
6.16
6.64
8.15
9.65
11.16

0.23
1.74
2.62
3.24
3.72
4.12
4.46
4.75
5.00
5.23
6.11
6.74
8.24
9.12
9.75
10.23
10.71
12.22
13.72
15.23

Table 6-1b: Angular separation of the Sun, Earth and Moon, and magnitudes versus distance.
6.2 Basic concepts.
Figures 6-1a and 6-1b show a conceptual integrated communications and attitude sensing
system. While not meant to be a definitive statement of this system, it illustrates many of the
principles that any configuration must address. It consists of a baffle (or sun-shade),
telescope, shown here as Cassegrain only for the sake of generality, aft optics that implement
wavelength division multiplexing, and optical data sources, data receivers and tracking/imaging
focal planes.
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Figure 6-1a: A conceptual Fine Attitude Sensing (FAS) system.
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Figure 6-1b: FAS focal plane and electronics.
The baffle reduces sun glare when Earth pointed at close or intermediate distances. Cassegrain
telescopes sometimes require additional baffling between the telescope primary and
secondary, not shown. Smoothness and cleanliness of the primary is critical, since in lieu of a
very long baffle, sunlight will partially illuminate it and reduce contrast of target objects.
This configuration does not attempt to simultaneously view both Sun and Earth from any
nearby distance at the same time. To do so is difficult owing to the extreme difference in
brightness (109) and widely divergent angular separation dependent on distance (200 mrad at
5AU, 1 mrad at 1000 AU). The telescope is never used very far off-axis and consequently
need have only a small FOV. It is required to have near-diffraction limited performance on-axis
to meet transmit beamwidth requirements at large distances from Earth. A key feature is that it
is equipped with some method of defocussing its image, here implemented as a Micro Electro
Mechanical System at the secondary. Defocussing permits relaxed pointing requirements at
close or intermediate distances. In this fashion the requirement to point to a specific spot on
Earth, or to lead the earth data receiving telescope is avoided.
The same MEMS may also be used to steer the transmit beam, center the receive (data) beam
on its detector, and center beacon or white objects on their area array detectors. Obtaining
monochromatic diffraction limited performance at λ1 with any type of electro-optic steering or
phase changing mechanism, especially without power loss (i.e. polarization) will be a
challenging requirement.
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The FOV of the beacon and white object arrays need only include all pointing uncertainties.
These include Coarse Star Sensor attitude errors, mast-to-CSS bending, and alignment
uncertainties in the communications/fine attitude system. For example, 500 µrad half-angle
may be adequate.
A “beacon” focal plane is shown. Its usefulness depends on the notion that the beacon will
result in better Signal-to-Noise Ratio and better attitude accuracy than a white light focal
plane, especially in the presence of solar stray light. Several sources may be used as
“beacons”. The obvious Earth beacon is a man-made monochromatic source at λ3, which must
be carefully aimed at RIP, although not as critically as RIP’s transmit beam, since larger
transmit powers are available from Earth. Alternatively, a convenient and unique Earth beacon
is natural lightning, with its emission line at λ3 = 777 nm. Such a system also serves as a Sun
beacon at close and intermediate distances, since some of its bright white light will leak
through the λ3 bandpass. The beacon array may also be used as a data receiver, in lieu of the
λ2 detector, if the data rate is not too high.
The white object array sees all light except that intercepted by the λ1, λ1 and λ3 filters. It is
used for Earth tracking at close and intermediate distances, and for solar tracking at far
distances. Secondary targets are the other planets to help establish the plane of the ecliptic,
and stars, which serve as redundant attitude confirmation targets. Planets are in general
partially illuminated, requiring centroiding of their crescent shapes; irregularities in their albedo
(see Ref. 2.3) are a source of centroiding error. Viewing secondary targets may require either a
wider FOV or slewing the S/C to center them. Since the aft optics are refractive, color
correction of off-axis image position may be necessary.
6.3 Requirements.
Table 6-2 summarizes requirements for the Fine Attitude Sensor. The upper half of the table
shows requirements taken from the References. The lower half are values assumed for this
paper, or derived from other requirements. Update rate and accuracy are dependent on spin
rate, and highly speculative at this point.

Page 19 of 24

Optical Attitude Determination for the Realistic Interstellar Probe

Specification
Values taken from
References:
Construction
Boresight direction
Spin rate
Design life
Signal processing
Operating temperature
Radiation environment

Redundancy
Power
Prime power voltage
Derived or assumed herein
values:
Mass

Inputs
Outputs
Beacon focal plane
White object focal plane
Field of view
Attitude update rate
2-axis attitude accuracy, at 5
years (100 AU)
2-axis attitude accuracy, at 50
years of life (1000 AU)

Requirement

Integrated into communications optical
train
parallel to mast vector, towards Earth
1 RPM nominal
50 years
generic: self-contained processor,
memory and wireless communication
sub-module
75 to 125 K, except during Shakedown
phase when warmer and dependent on
distance from Sun and attitude.
Earth exit; Jovian flyby, Solar approach,
all while shielded in cocoon. Solar
departure, unshielded. RPS neutrons,
unshielded, entire mission
one integrated unit
4W total
3VDC
100 g, including λ3 beamsplitter and
structure to optical baseplate, beacon and
white object focal planes and electronics.
Does not include optics common to
communications sub-system.
Target brightness, target size, search
area, exposure time, spin rate
2-axis attitude, estimated error in
attitude, observed brightness, anomalies
Narrow wavelength band; Sun and Earth
viewing from 1 to 50 AU
Star viewing all distances.
Sun and Earth viewing ≥ 50 AU
1 x 1 mrad
< 1 minute. Dependent on spin rate.
0.75 urad, ea. axis, 3 sigma

Goal

1,000 year goal

< 20 seconds
0.3 urad

0.12 urad, ea. axis, 3 sigma

Table 6-2: Fine Attitude Sensor Specifications.
6.4 Design trades.
The Fine Attitude Sensor is subject to many of the same design trades listed for the Coarse
Star Sensor in ¶5. Listed here are additional unique ones.
6.4.1 Detectors. The following FAS detector architectures are of interest:
• TDI is not possible with rectangular array focal planes, given RIP’s spin. However,
extended exposure times will result in circular trajectories. If dark current is not a dominant
noise source, no performance is sacrificed in doing so.
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•

•

Charge Injection Devices can read and clear sub-arrays within the array, leaving the area
outside the sub-array to continue integrating photocharge. This feature is useful for objects
of widely varying brightness simultaneously on the FOV, e.g. Sun and Earth.
Since RIP spins, the beacon and white object area array detectors need not necessarily be
rectangular pixel devices. Ball investigated some years ago an R,θ geometry, suitable for
TDI operation, as shown in Figure 6-2. This version has four “serial” readout registers,
spaced 90° apart. A difficulty of the R,θ detector is the singularity in the center, which
could be equipped with a rectangular array, not shown.

Figure 6-2: A conceptual R,θ area array detector.
•

As with CSS, CCD implementations of FAS can be full frame or frame transfer.

6.5 Topics for further study.
In addition to the design trades listed above, a number of FAS subjects require further study.
• Establish optical characteristics of the telescope. What is its transmission, scattering, focal
length, aperture, FOV, field distortion and spot sizes vs. off-axis distance? Is Cassegrain
appropriate, or another catadioptric design more suitable? If the FOV is quite narrow,
consider a pair of confocal off-axis parabolas.
• Establish optical characteristics of the beam steering/defocussing optics. What is its phase
range, stability, accuracy and noise? Does it preclude diffraction limited performance?
• Establish the optical characteristics of the aft optics. Where are the intermediate focal
planes? What is its non-vignetted FOV vs. position of beamsplitters in the train? What is
the final effective focal length seen from the focal plane? What is the transmission through
the beamsplitters? What are the wavelengths λ1, λ1 and λ3 , and their bandwidths ∆λ?
Does the S/C’s doppler shift alter the apparent received wavelength? What are the optical
materials and resultant aberrations and color correction?
• Establish spin rate, spin alignment, pointing accuracy and update rate requirements vs.
distance.
• If beacons are to be further considered, evaluate their power, accuracy and pointing
characteristics. Consider both man-made and natural beacons, e.g. lightning.
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Establish an operating methodology vs. distance. What wavelengths, focal plane, and
primary and secondary targets are to be used? When is the S/C slewed, and when are
beams optically steered? When is out-of-field sun glare a problem? Can the Earth be
centroided with the Sun on the FOV in real detectors?
From the methodology, establish baffle requirements. Must the telescope be fully or only
partially shielded to a given sun angle from boresight? Establish the size of the resulting
baffle.
As for CSS, perform an FAS detector size / pixel size / FOV / sensitivity / accuracy /
update rate analysis. Repeat for both the white object and beacon focal plane.
Analyze refinements required for pointing accuracy. How accurately must partially
illuminated planets be centroided? What are algorithms for doing so? What are the errors
due to albedo variation, both for Earth and other planets? To what extent does the Moon
generate Earth centroiding errors? When must the Earth be led to account for propagation
time delays, two-way if a beacon is used? How accurate is the on-board clock, and how
will RIP know or assume its own radial speed out? How accurate are the planetary
ephemerises when extrapolated far into the future? Must relativistic time dilation be
accounted for?
How should minor spin wobble be accommodated? Targets will spin off-center of the
FOV.
At ε Eridani’s ~30° galactic elevation, at what distances and how often does solar
conjunction prevent attitude acquisition? Can alternative targets, i.e. other than the Earth,
be used?

7. Summary of topics for future study.
Tables 7-1a,b,c,d summarize topics or tasks for future study. Table 7-1a includes topics
generic to any RIP instrument; 7-1b to topics common to both the Coarse Star Sensor (CSS)
and Fine Attitude Sensor (FAS); 7-1c specific to CSS; and 7-1d specific to FAS.
Topic/Task
Lightweight structure
Long life material stability
Thermally stable structure
Thermally robust electronics packaging
Electronics radiation hardness
Electronics single event upsets
Electronics single point failures
RPS radiation environment
Jovian perihelion radiation environment
Solar perihelion radiation environment
Other natural radiation phenomena
Residual magnetism

Discussed in
this paper
5.4.4
5.5.2
5.4.4
5.4.3
5.4.3
5.4.3
5.4.3
Table 5-2
Table 5-1
Table 5-1
5.2.1
5.5.2

Table 7-1a: Future study topics generic to RIP instruments.
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Topic/Task
Contamination of optical surfaces
Evaporation of thin films
Detector radiation hardness
Improve definition of RIP performance parameters
Improve definition of solar perihelion/probe separation scenario
Attitude acquisition methodology vs. distance
Warm operation during shakedown
Attitude control exceptions: tumbling
Attitude control error: minor wobble
CSS-to-FAS alignment error via mast, compensation

Discussed in
this paper
5.3.3
5.5.2
5.4.2
Table 5-1, 6.5
5.3.2
6.5
5.3.2
5.5.1
5.5.1, 6.5
5.3.1

Table 7-1b: Future study topics common to both attitude sensing instruments.
Topic/Task
CSS performance requirements for science instruments
CSS performance requirements for FAS initialization
Star catalog size, accuracy
Star catalog search algorithms
Radiometric/Pointing Accuracy/Coverage performance analysis
S/C proper motion compensation
Detector architecture
Light weight optics

Discussed in
this paper
4.0
6.2
5.5.1
5.5.1
5.5.1
5.5.1
5.4.2
5.4.1

Table 7-1c: Future study topics specific to CSS.
Topic/Task
Improve definition of RIP communications optical parameters
FAS performance requirements
Radiometric/Pointing Accuracy/ performance analysis
Detector architecture
Improve definition of beam steering/focussing parameters
Improve definition of aft optics
Evaluate possibility of employing man-made or natural beacon
Establish operating methodology vs. distance
Establish baffle requirements
Minor spin wobble
Partially illuminated planet centroid accuracy
Compensation for propagation delays
Accuracy of time base
Accuracy of ephemeris data
Relativistic time dilation
Solar conjunction

Discussed in
this paper
6.5
4.0, Table 6-1a
6.5
6.4.1
6.5
6.5
6.5
6.5
6.5
6.5
6.5
6.5
6.5
6.5
6.5
6.5

Table 7-1d: Future study topics specific to FAS.
8. Summary.
We have suggested a hybrid concept of attitude determination that minimizes mass while
obtaining extreme accuracy where RIP needs it: towards Earth. One or more Coarse Star
Scanners have line-of-sight normal to the spin axis, provide science instruments with a 3-axis
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celestial attitude, and provide an initial attitude estimate to a Fine Attitude Sensor that shares
the communications aperture to achieve precision pointing in the Earth direction. If radiation
damage is not too severe, a straightforward extension of commercial star scanners can meet
RIP’s mass, power and pointing requirements. Obtaining the required pointing towards Earth
is strongly dependent on optics performance.
No technical “show stoppers” were found during the course of this study. However, a number
of aspects are not well known or difficult, and require study, analysis and experiment to
demonstrate their viability.
As one might expect, the highest priority topics are detectors and active optics. Much is
unknown about radiation-damaged detector performance at quasi-cryogenic temperatures.
Experimentation will be required to assess it. Of equal interest are active optics beam quality
and scattering, also subjects for experimentation.
A number of future analysis topics have been given. Some are generic to any extremely longlived, quasi-cryogenic mission. Others are specific to optical attitude determination. Of the
most interest are attitude control, communications optics and focal planes, and operating
methodology. At different mission times and mission phases, the Fine Attitude Sensor may
view an Earth beacon, stars, Sun, or partially illuminated planets including Earth. A number of
phenomena and compensation for them are required to achieve the required accuracy.
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ABSTRACT
The conceptual design of an interstellar probe
powered by solar thermal propulsion (STP) engines is
described. This spacecraft uses STP engines to perform
a solar gravity assist with a perihelion of 3 to 4 solar
radii to achieve a large solar system exit velocity (see
Figure 1). Solar thermal propulsion uses the Sun’s
energy to heat a working fluid with low molecular
weight, such as hydrogen, to very high temperatures
(around 3000 K). The stored thermal energy is then
converted to kinetic energy as the working fluid exits a
diverging nozzle, resulting in a propulsion system with
a high specific impulse (ISP).
This paper evaluates the feasibility of using
STP for an interstellar probe. The technology readiness
and required system improvements are identified.
INTRODUCTION
Although traveling to the stars is still beyond
the reach of known technology, a probe capable of
penetrating the interstellar medium may be within
reach.1-6 Using a high-thrust, high-specific-impulse
solar thermal propulsion system, a probe could
potentially achieve an asymptotic escape speed of 20
astronomical units (AU) per year. This mission would
utilize a Jupiter flyby and powered perihelion gravity
assist.5, 7-11
Solar thermal propulsion is an innovative
concept that uses the Sun’s energy to heat a
low-molecular weight fluid such as hydrogen.12-13 The
thermal energy stored in the heated fluid is then
converted to kinetic energy by expansion through a
diverging nozzle. This results in a high efficiency
propulsion system.14 Spacecraft using STP have been
proposed for orbital transfer, interplanetary, and other
delta velocity missions.15

Figure 1. Proposed trajectory for the Interstellar Probe
An interstellar probe using solar thermal
propulsion to perform a perihelion maneuver has been
proposed.5,7-11 The probe itself is small (~150kg). Prior
to the solar gravity assist, it is surrounded by a much
more massive carrier or cocoon. This cocoon protects
the probe and consists primarily of the heat shield and
STP system. The initial thermal model is shown in
Figure 2. This diagram shows a vehicle with a
deployable exterior heat shield (shown in red) that
protects the interstellar probe and propulsion system
during its perihelion maneuver. The shield, made of
carbon-carbon composite, is opened and oriented
toward the sun as the spacecraft approaches perihelion.
This hinged device will form a 30° shadow (at 4 solar
radii) to thermally protect the probe/carrier assembly.
As systems level work has evolved, so has the
probe configuration. The current carrier consists of

*
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rigid thermal shields with no deployables. The required
throw mass has increased such that the initial design
(Figure 2) that was compatible with a Delta III is no
longer feasible. The new design (Figure 3) is larger and
requires a Delta IV 4050H launch vehicle10-11.
The outer part of the heat shield is the STP
engine. This engine is a channeled heat exchanger as
shown in Figure 4. During the perihelion maneuver,
low-pressure hydrogen (< 690 kPa) flows through this
heat exchanger at 444 g/s for 15 minutes. The channels
are sized to achieve a high heat exchanger
effectiveness, resulting in a hydrogen exit temperature
approaching the theoretical limit for the solar heat
source, while minimizing pressure drop of the hydrogen
as it passes through the device.
Once the hydrogen exits the heat exchanger, it
is transferred through a plenum to a centroidal nozzle,
where the stored thermal energy is converted to thrust.
It should be noted that in this feasibility study the
designs of the entrance or exit plenums have not been
addressed, although a mass allocation has been made.

Figure 4. Section of the STP Engine (Channeled heat
exchanger)
PROPULSION SYSTEM
The goal for the system is to achieve
an escape velocity from the solar system of 20 AU-yr-1
(94.8 km-s-1).7 The mission requires a fast transfer to
Jupiter and flyby, where an unpowered gravity assist
reduces perihelion of the transfer orbit. In addition, the
gravity assist accomplishes a plane change that places
the trajectory where a perihelion change in velocity, a
delta velocity (∆V) maneuver, yields the desired solar
system escape direction16. The ∆V required at
perihelion is the difference between the perihelion
velocities of the hyperbolic solar-system-escape and
elliptical Jupiter-to-perihelion transfer trajectories.
The idea of using a high-ISP, high-thrust
maneuver close to the Sun was first identified in 1929
by rocket pioneer Hermann Oberth.17 Measuring the ∆V
in km-sec -1 the asymptotic escape speed from the solar
system is approximately
Vescape = (∆V ) 2
1

Figure 2. Initial Interstellar Probe thermal model with
the pre-maneuver heat shields deployed

1 7.4142 AU
35.174 km
or (∆V ) 2
1
1
r p 4 yr
rp 4 s

where r p is the distance from the center of Sun in solar
radii (R S). This equation gives an approximation to the
required propulsive maneuver for a given asymptotic
speed.
With this relationship the required ∆V is
approximately 14.6 km-s-1 for a 20 AU-yr-1 escape
velocity from a 4 RS perihelion. With a closer approach,
3 RS perihelion, the required ∆V is reduced to
approximately 12.6 km-s-1. However, there are
additional factors that must be considered for closer
approaches, such as thermal protection methods along
with the associated mass increase. As a baseline, the
value of ∆V = 15 km-s-1 was chosen for the propulsion
“target” to enable an asymptotic solar system escape of
roughly 20 AU-yr-1 from a 4 RS perihelion.
The relationship between the required ∆V, the
system ISP and the mass ratio (MR) or the mass fraction
(ζ) is
 1  km
 1  km

∆V = I SP * g 0 ln
or I SP * g 0 ln

 MR  s
1−  s

Figure 3. Oblique views from top and bottom of
evolved thermal model showing primary and
secondary thermal shields, (linear) STP motor and
cryostat with probe housing at opposite end from STP
motor.
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where g0 is 9.81x10-3 km-s-1 for a ∆V measured in
terms of km-s-1. The mass ratio, MR, is defined as the
ratio of the final or dry mass (mf) to the initial or wet
mass (mi), and the mass fraction, ζ, is the ratio of the
propellant mass (mp) to mi. The relationship shows that
the required ∆V is directly proportional to ISP, and a
logarithmic relationship exists with the mass ratio or the
mass fraction. To achieve the ∆V maneuver goal of 15
km-s-1, without an unrealizable propellant mass, the ISP
must be maximized.
An analysis was made to explore the possible
ISP capabilities of potential propellants. (These are
propellants in that an external thermal source heats
chemically inert material for expulsion in STP instead
of providing heat chemically by “burning” a fuel.)
These include liquid hydrogen (LH2), ammonia (NH3),
and methane (CH4). The baseline propellant selected for
reference is LH2 since it has the potential for the highest
ISP. Each candidate was analyzed at various pressure
and temperature conditions at the nozzle inlet and
allowed to expand through a range of nozzle expansion
ratios of 20:1 to 100:1. Pressures of 35 kPa (5 psia) to
517 kPa (75 psia) were evaluated in combination with a
set of temperatures ranging from 2500 K to 3500 K (see
Tables 1-6 and Figures 5-10). The feasibility of
reaching these temperatures is discussed later in this
report, but it is assumed that at least 2500 K is possible
and a 3500 K maximum allows a margin for
carbon-carbon material that melts at approximately
3800 K.
The analysis results for H2 (see Figures 5 and
6) show the highest ISP levels of the three propellants
studied. Results of these analyses indicate that at the
lower temperatures the pressure does not affect the ISP,
while at the upper end of the temperature range, the
lower pressure allows for more dissociation of the
propellant and thus higher ISP values. The maximum ISP
predicted for H2 at each temperature and at three of the
evaluated nozzle expansion ratios are tabulated in Table
1 and Table 2.

Table 2: H2 - ISP at 517 kPa (75 psia)
Temperature Expansion Ratio
(K)
20:1 50:1 100:1
2500
851
873
884
3000
993 1022 1037
3100
1029 1060 1076
3200
1067 1101 1119
3300
1107 1145 1166
3400
1148 1192 1215
3500
1190 1240 1267

Table 1: H2 - ISP at 35 kPa (5 psia)
Temperature Expansion Ratio
(K)
20:1
50:1
2500
885
909
3000
1123
1174
3100
1173
1235
3200
1222
1292
3300
1273
1347
3400
1326
1404
3500
1381
1462

Table 4: CH4 - ISP at 517 kPa (75 psia)
Temperature Expansion Ratio
(K)
20:1 50:1 100:1
2500
467 483 494
3000
546 572 588
3100
566 595 613
3200
587 620 639
3300
608 644 667
3400
630 670 695
3500
649 690 717

An observation that can be made from the analysis
results is that the nozzle area expansion ratio effects on
ISP are asymptotic as the ratio increases. The increase in
ISP from an expansion ratio of 20:1 to 50:1 ranges from
2.5 percent to 5.9 percent where the increase in I SP from
an expansion ratio of 50:1 to 100:1 ranges from 1.3
percent to 3.6 percent.
An analysis of methane as a propellant
candidate results in the next best ISP levels of the three
candidates. This was also evaluated for the same
temperatures and pressures. The ISP analysis for
methane (see Figures 7 and 8) produces similar findings
to the hydrogen in terms of higher ISP values at the
lower pressure due to more dissociation. The maximum
ISP predicted for CH4 at each temperature and at three of
the evaluated nozzle expansion ratios are tabulated in
Tables 3 and 4.
Table 3: CH4 - ISP at 35 kPa (5 psia)
Temperature Expansion Ratio
(K)
20:1 50:1 100:1
2500
476 496 508
3000
589 624 647
3100
616 655 680
3200
648 689 716
3300
683 727 756
3400
707 752 782
3500
733 780 811

100:1
921
1201
1271
1336
1395
1455
1515

The expansion ratio has a slightly greater
effect with methane than compared to hydrogen. The
increase in ISP from an expansion ratio of 20:1 to 50:1
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As stated earlier, the ∆V is also a function of
the mass ratio or mass fraction. The relationship is
logarithmic and basically requires the minimum mass
ratio possible. In other words, maximize the throw
weight (fuel) and minimize the dry mass (tank
structure, probe, nozzle, etc.). The effect of mass ratio
relative to ∆V for various ISP values is shown in Figure
11. As the mass ratio is decreased to less than 0.5, the
increase in ∆V is dramatic.
These results indicate that in order to meet the
∆V goal of 15 km-s-1, mass ratios of 0.022, 0.078,
0.148, 0.217, 0.280 and 0.335 are needed for ISP values
of 400 sec, 600 sec, 800 sec, 1000 sec, 1200 sec and
1400 sec, respectively. A system with a mass ratio close
to 0.1 is not uncommon with solid propellant
propulsion systems but is difficult to achieve with the
liquid or gas propellants. For a deep-space mission with
a space-storable bipropellant system, current
technology (N2O2+N2H2) yields 317 sec ISP at ζ~0.55.18
Preliminary estimates of masses of the main
components of the system were made to determine an
approximate ∆V and the corresponding VESC values.
The baseline propellant of H2 is used in the estimates.
Table 7 summarizes the probe component masses and
includes the mass ratio and mass fraction.

ranges from 4 percent to 6.5 percent where the increase
in ISP from an expansion ratio of 50:1 to 100:1 ranges
from 2.2 percent to 4 percent.
Ammonia produces the lowest ISP levels of the
three propellant candidates. Again the analysis was
carried out for the temperatures used for the previous
propellants. The results of the ISP analysis (see Figures
9 and 10) for ammonia are relatively close to those for
methane. Again characteristics are similar to the other
two cases in terms of producing higher ISP levels with
the lower pressure due to more dissociation. The
maximum ISP predicted for NH3 at each temperature
and at three of the evaluated nozzle expansion ratios are
tabulated in Tables 5 and 6.
Table 5: NH3 - ISP at 35 kPa (5 psia)
Temperature Expansion Ratio
(K)
20:1 50:1 100:1
2500
429 441 447
3000
537 559 571
3100
561 588 603
3200
583 615 634
3300
605 640 662
3400
628 664 688
3500
651 688 713
Table 6: NH3 - ISP at 517 kPa (75 psia)
Temperature Expansion Ratio
(K)
20:1 50:1 100:1
2500
415 426 432
3000
480 494 502
3100
496 511 519
3200
513 530 538
3300
531 549 559
3400
550 570 581
3500
569 592 604

Table 7. Mass Estimate Summary
Probe, Electronics, etc.
147 kg
Thermal Shields
131 kg
LH2 Tank (Cryostat)
203 kg
LH2
400 kg
Hydrazine (Attitude control)
78 kg
Nozzle, Plenum, and Structure
89 kg
Margin
81 kg
Total
1129 kg
Dry mass plus hydrazine
LH2 mass
Mass Ratio
Mass Fraction

The expansion ratio effects for the ammonia
are closer to the results of hydrogen analysis. The
increase in ISP from an expansion ratio of 20:1 to 50:1
ranges from 2.6 percent to 5.8 percent where the
increase in I SP from an expansion ratio of 50:1 to 100:1
ranges from 1.3 percent to 3.6 percent.
In summary, this analysis indicates there is an
advantage of using lower pressures at higher
temperatures to increase the dissociation and thus
producing higher ISP values. The baseline propellant
hydrogen shows the most promise for obtaining the
maximum ISP level. The results indicate a nozzle
expansion ratio of 100:1 also maximizes the ISP,
however a ratio of 50:1 or 20:1 may be adequate and
help minimize the system weight and envelope. A final
design process would optimize the expansion ratio with
the ISP.

729 kg
400 kg
0.646
0.354

Based on these estimates the ∆V goal of 15
km-s-1 is not achieved. The ∆Vs using these estimates
are 3.95 km-s-1, 5.7 km-s-1 and 6.5 km-s-1 for the
maximum predicted ISP values of 921, 1336, and 1515
sec, respectively. These correspond to VESC values of
10.42 AU-yr -1, 12.55 AU-yr -1 and 13.37 AU-yr-1 from a
4-RS perihelion. A 3 RS perihelion increases these
values by 7.5% assuming the masses are held constant.
Assuming the volume of the system is the only
constraint, the other propellant candidates with lower
ISP values could improve the ∆V due to the large
decrease in mass ratio. This is due to the combination
of density and ISP characteristics of the propellant. For
example, by replacing the LH2 (70 kg-m-3) with NH3
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(682 kg-m-3) the mass ratio would be decreased to
0.158 and although the maximum predicted ISP values
of 447 sec, 634 sec and 713 sec are lower than those for
H2, the resultant ∆Vs are 8.1 km-s-1, 11.49 km-s-1 and
12.93 km-s-1. This increase in ∆V values of
approximately 202% increases the VESC values 42% to
14.92 AU-yr -1, 17.77 AU-yr-1 and 18.85 AU-yr-1 from a
4 RS perihelion. The disadvantage to this is that the total
weight of the system increases to 4626 kg, which is not
acceptable for the possible launch vehicles available.
The preceding discussions assume an ideal
situation where there is no chemical reaction between
the propellant and the carbon-carbon shield. A study of
the reaction rates between hydrogen and graphite at a
constant pressure indicate that the rate increases relative
to temperature and it is mentioned that equilibrium may
not be achieved if the hydrogen flow rate is too high19.
Therefore a chemical reaction between the propellant
and shield must be assumed and the result is that the ISP
will be lower than the ideal situation. However, the
method used to analyze the ISP and determine the
resultant chemical compositions for this study is not
based on propellant flow rate but assumes that
equilibrium is achieved. Therefore, the ISP results
should be conservative if the flow is too high for
equilibrium to be reached thus resulting in a lower
actual reaction rate between propellant and shield. The
predicted amount of shield remaining will also be
conservative if the flow rate is too high for the same
reason.
The analysis of the propulsion system, which
can include the reaction between the propellant and the
shield, calculates the corresponding ISP and the mass
fraction of solid carbon-carbon remaining at
equilibrium. The lower inlet pressure to the nozzle was
analyzed where possible to maximize the dissociation
and subsequently maximize the ISP. This helped
compensate for the decrease in ISP due to the reactions
between the propellant and carbon-carbon shield.
Although higher temperatures were found to provide
the best ISP, the reaction rate with the shield increased
thus requiring the need to consider lower temperatures.
The results of the analysis for H2 (hydrogen), NH3
(ammonia) and CH4 (methane) propellants are
summarized for nozzle expansion ratios of 20:1, 50:1
and 100:1 in Tables 8-10, respectively. These results
are based on the assumed propellant weight to heat
exchanger weight ratios of 6.265 for H2 and 7.832 for
both NH3 and CH4.

Table 8: % of C-C Shield Remaining and ISP for H 2 at
35 kPa (5 psia)
Temperature Solid C
Expansion Ratio
(K)
%
20:1
50:1 100:1
2000
92.945
702
721
732
2100
87.314
724
744
755
2200
77.876
747
768
780
2300
62.866
773
796
808
2400
39.915
803
827
840
2500
5.899
837
863
877
2600
0.000
873
900
916
2800
0.000
956
991
1009
3000
0.000 1049
1100
1127
3200
0.000 1137
1204
1246
3500
0.000 1285
1361
1411
The amount of shield or carbon-carbon
remaining at equilibrium is represented as a percent of
the initial amount. Each case used the same initial
weight for the shield while the initial propellant weight
was selected such that the maximum launch weight
would not be exceeded. Higher temperatures and lower
pressures increased the reaction rate between the
propellant and shield. The results show that
temperatures as low as 2000 K may be required to
maintain some structural integrity in the shield. The
temperatures at which H2 and NH3 would work
satisfactorily are close to 2000 K. The reaction of CH4
with the shield shows carbon from the propellant being
deposited on the shield where the remaining
carbon-carbon exceeds 100% at temperatures between
3200 K and 3300 K. The analysis does not indicate
when the deposits start or how fast it occurs but it
should be assumed that the channels in the heat
exchanger would become restricted.
Table 9: % of C-C Shield Remaining and ISP for NH 3 at
35 kPa (5 psia)
Temperature Solid C
Expansion Ratio
(K)
%
20:1
50:1 100:1
2000
91.531
353
366
374
2100
87.168
364
377
385
2200
81.100
376
389
397
2300
72.852
389
402
410
2400
61.848
404
417
425
2500
47.390
421
434
442
2600
28.553
439
454
463
2800
0.000
479
498
509
3000
0.000
516
543
557
3200
0.000
554
587
608
3500
0.000
617
654
678
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Table 10: % of C-C Shield Remaining and ISP for CH 4
at 35 kPa (5 psia)
Temperature Solid C
Expansion Ratio
(K)
%
20:1
50:1 100:1
2500
656.779
451
471
483
2600
641.279
469
490
503
2700
619.156
489
512
526
2800
587.839
510
537
552
2900
543.620
532
562
581
3000
481.066
555
589
610
3100
391.875
581
617
641
3200
262.996
611
650
675
3300
72.684
647
688
716
3400
0.000
674
718
747
3500
0.000
697
743
773

Table 12: % of 15µm ZrC CVD Coating Remaining
and ISP for H2 at 35 kPa (5 psia)
Temperature Solid ZrC Expansion Ratio
(K)
%
20:1
50:1
100:1
2800
95.850
1011
1045
1063
2900
89.683
1063
1104
1125
3000
75.599
1116
1166
1193
3100
44.309
1165
1227
1263
3200
0.000
1214
1284
1327
3300
0.000
1265
1339
1386
3400
0.000
1318
1395
1446
3500
0.000
1372
1452
1505
In summary, the launch weight limit and the
potential for minimizing the erosion of the heat
exchanger by using a CVD coating of TaC, indicates
that the high-specific-impulse propellant, H2, is the best
candidate of the propellants considered.

A potential solution for minimizing the
reaction with heat exchanger material and thus
increasing the ISP is to apply a thin coating of some high
melting point material using chemical vapor deposition
(CVD). The materials considered are hafnium carbide
(HfC), tantalum carbide (TaC), zirconium carbide (ZrC)
and niobium carbide (NbC) with melting points of
approximately 4160 K, 4150 K, 3810 K and 3770 K,
respectively. Analysis using HfC and NbC was not
performed at this time due to the lack of all or part of
the necessary thermal characteristics in the database
used for analysis. The results of the analysis for the
TaC and ZrC assuming H2 propellant are shown in
Tables 11 and 12, respectively.. Both sets of analysis
assume a CVD coating thickness of 15µm and are
based on a pressure of 35 kPa (5 psia). This shows that
the there is still some reaction below the melting point
of the coating in either case. However, the difference in
ISP from the ideal case (no reaction) as shown in Table
1 is less than two percent. The ZrC shows less impact
on the ISP but the TaC can accommodate higher
temperatures, as expected.

THERMAL ANALYSIS
The propellant for the system is stored until
needed for the ∆V maneuver at perihelion. At this time,
heating is required to produce the necessary ISP. The
solar propulsion concept utilizes the Sun as the energy
source to accomplish this task. For this system, the
panels used for the exterior heat shields (see Figures 2
and 3) were identified as the most practical heat
exchanger system. Initially, in order to minimize
complexity and weight, the goal was to use only the
center heat shield panel of the configuration of Figure
2. That entire exterior heat shield is a 5-meter long
carbon-carbon cylinder with a 1.37-meter radius,
providing a surface area of 43.1 m2. The heat shield is
divided into three sections of 120 degrees, each with
surface areas of 14.3 m2 that fold out to provide
protection for the interior components of the system.
The “updated” design with a rigid primary shield
(Figure 3) provides the same amount of required
surface area, but was not available at the time of the
initial STP analysis.
In both configurations, the heat-exchanger
concept uses carbon-carbon channels that run parallel to
the axis of the heat shield cylinder, as shown in Figure
4, as the heat exchanger “core”. Inlet and outlet
headers, not shown in the figure, connect the flow to the
supply tank and the nozzle. A parametric thermal
analysis was performed to determine the effect of the
various design parameters on the H2 propellant (a
thermal analysis for NH3 and CH4 is not included in this
study). The spacing of the channels was one of the
variables in the parametric analysis, along with the
number of plies for the carbon-carbon material (this
affected the “fin efficiencies” of the internal heat
transfer surfaces). Flow rate and incident heat flux are
also included in the parametric study.

Table 11: % of 15µm TaC CVD Coating Remaining
and ISP for H2 at 35 kPa (5 psia)
Temperature Solid TaC Expansion Ratio
(K)
%
20:1
50:1
100:1
3000
98.721
1108
1158
1185
3100
97.301
1157
1219
1253
3200
94.123
1205
1274
1317
3300
86.797
1256
1329
1376
3400
69.639
1308
1385
1435
3500
31.549
1362
1442
1495
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The heat exchanger was modeled using a
finite-difference scheme with 1000 differential sections
along the 5-meter length. For each section, the local
temperature and pressure were calculated based on
incident heat flux, inlet gas temperature and inlet gas
pressure. For this analysis, surface reradiation,
conductive wall resistance, and surface efficiencies
were considered. Radiative losses at the back wall
(interior surface of the heat shield) are based on the
(higher) surface temperature of the front surface
(exterior surface of the heat shield) for a conservative
estimate. Nusselt numbers and friction factors were
calculated using standard correlations based on local
Reynolds
number
(laminar/turbulent).
Flow
development effects were was not considered due to the
long channel length as compared to the effective
channel diameter.
The H2 thermal properties required for the
analysis are based on handbook values for temperatures
up to 200 K, with extrapolation for higher temperatures.
The carbon-carbon thermal conductivity is based on a
linear fit for known values of 286 W/m-K at 300 K and
67 W/m-K at 2400 K. Emissivity (ε) for the
carbon-carbon material is assumed to be 0.9 for the
initial analysis. The incident heat flux is initially
assumed to be a conservative 381 W-cm-2 at 4 R S. An
average value for the incident heat flux would be 401
W-cm-2 at 4 RS and 713 W-cm-2 at 3 RS using a solar
luminosity of 9.33x1025 cal/sec and RS of 6.96x1010
cm.20 The analysis is also based on the assumption that
the incident heat flux is completely absorbed by the
heat shield.
The maximum possible surface temperature,
Ts, of the heat shield occurs when reradiation, including
the back-wall radiation loss, equals the incident
radiation. That is, the maximum temperature occurs
when the net surface heat flux is zero:
Q& = Q& inc − 2 As Ts 4 = 0
where σ is the Stefan-Boltzmann constant, and the
factor of 2 conservatively accounts for emission from
the back surface at the same temperature as the front.
The fluid temperature cannot exceed this maximum
surface temperature. For an incident heat flux of 381
W-cm-2 and an emissivity of 0.9, the maximum
temperature is 2472 K, as compared to 2504 K if the
average incident heat flux of 401 W-cm-2 is used.
However, this would increase to 2891 at 3 RS, for
which the nominal incident heat flux is 713 W-cm-2.
Use of a surface material with a lower emissivity has
the most potential for increasing the maximum
temperature. For example, a material with an emissivity
of 0.3 (at the longer wavelengths associated with
reradiation) increases the maximum temperature to
3295 K and 3805 K at 4 RS and 3 RS, respectively.

A set of parameters and values for the
parametric analysis were defined as follows:
Incident heat flux:
# of plies (thickness):

Channel size:

Mass flow rate:

381 W-cm-2
1 (0.3 mm)
2 (0.6 mm)
3 (0.9 mm)
5 mm
10 mm
15 mm
200 g/s
1100 g/s
2000 g/s

The incident heat flux of 381 W-cm-2 is
selected to evaluate the minimum expected heat transfer
capability. Results from the structural analysis,
discussed below, shows that one-ply of carbon-carbon
is not feasible and two-ply is marginal. However, one
test case using one-ply of carbon-carbon is analyzed. A
set of mass flow rates from a minimum desired rate of
200 g/s to a high rate of 2000 g/s is used to bound the
possible range. Based on these preliminary findings and
assumptions, the matrix shown in Table 13 was made
for the parametric study. Inlet pressures were
determined such that the final pressure is at least 350
kPa (50 psi).
Table 13. Parametric Analysis Matrix
Channel Flow
Test Qinc
# of
Size
Rate
2
Case W/cm plies
mm
g/s
1
381
1
10
200
2
381
3
5
200
3
381
3
10
200
4
381
3
15
200
5
381
3
5
1100
6
381
3
10
1100
7
381
3
15
1100
8
381
3
5
2000
9
381
3
10
2000
10
381
3
15
2000

Pinlet
KPa
500
500
500
500
1500
500
500
1800
1800
1800

The results of this analysis indicate that the
flows above 1100 g/s were too high to allow the fluid
temperature to reach the maximum surface temperature.
Channel size affected both the pressure drop and the
asymptotic temperature. The pressure drop is greatest
with the 5 mm channel while there is the least
degradation of asymptotic temperature for the same
channel size. Results of the test cases 2 thru 4 are
shown in Figures 12, 13 and 14. The maximum
predicted temperatures achieved with test cases 2, 3,
and 4 are 2471 K, 2448 K, and 2368 K, respectively.
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The corresponding pressure drops are 90 kPa, 7 kPa,
and 2 kPa.
Based on these results, the recommended
channel size is 10mm. At this channel size, the
propellant temperature is within one percent of the
surface temperature and the pressure drop is minimal.
The actual size could be optimized and would probably
be less than 10 mm. Further analysis was performed to
narrow the range in flow rate capability since the range
between the low and middle values originally selected
was so large. This analysis shows that flow rates higher
than 500 g/s result in excessive degradation of the
asymptotic temperature and are not desirable for the 10
mm channel size.
The possibility of increasing the asymptotic
temperature by decreasing the emissivity was also
investigated. One proposed method for reducing the
emissivity is to apply a thin (~15µm) coating of
tungsten on the heat exchanger. This concept was
analyzed for the configuration with 10 mm channels,
3-ply carbon-carbon material and a flow rate of 232 g/s
where the flow rate is based on 209 kg of H2 for the
propellant. An emissivity of 0.3 was the lowest value
analyzed and the corresponding results are shown in
Figure 15. This increases the outlet temperature to 3200
K. An additional increase in asymptotic temperature is
achievable with an increase in incident heat flux. This is
accomplished with a ∆V maneuver at a perihelion of 3
RS where the incident heat flux is increased to 713
W-cm-2. In order to prevent the maximum temperature
of the carbon-carbon material from exceeding 3500 K,
the emissivity of the heat shield needs to be a value of
0.4 or higher. The results of analyzing with these
parameters are shown in Figure 16.
Further improvements to the system were
considered and analyzed, including the potential of
utilizing up to 400 kg of hydrogen propellant (Table 7).
This increased the required flow to 444 g/s (for a 15minute thrusting time to minimize garavity losses16).
With the low outlet pressure (35 kPa) of the heat
exchanger, the possibility of reducing the size of the
channels to 5 mm without requiring a large increase in
the inlet pressure was analyzed. And finally, the
potential for further reduction in weight by using a
2-ply material instead of the 3-ply material was
considered. The analysis results with an increase in
flow rate through 10 mm channels are shown in Figures
17 and 18 for a 3-ply and 2-ply carbon-carbon shield.
The same is shown with 5 mm channels in Figures 19
and 20. The 5 mm channel configuration is a slightly
more efficient heat exchanger as indicated by the
propellant temperature reaching the surface temperature
quicker. However, the pressure drop is significantly
higher for the smaller channel size. Table 14
summarizes some of the results.

Table 14. Summary of H2 Propellant
For 444 g/s, 0.3 emissivity, 4 RS (401 W/m2)
Channel
Material Temperature Pressure
Size mm
# Ply
(K)
Drop (psi)
10
3
3155
26
10
2
3138
25
5
3
3259
94
5
2
3256
89
The possibility for choked flow in the heat
exchanger needs to be considered as the propellant flow
rate is increased and the flow area in the heat exchanger
is reduced to achieve the maximum temperature
possible. Estimates of the velocities for the case with
the 5 mm channel and a 444 g/s flow rate indicate
choked flow occurs approximately at cell 885 (1000
cells total). Comparing the estimated flow area of the
heat exchanger with the expected throat area of the
nozzle also indicate choked flow is possible. It should
also be noted that the impact of using CVD coating on
the interior of the heat exchanger has not been
investigated.
STRUCTURAL ANALYSIS
The structural analysis was performed
to evaluate the heat exchanger concept of the
propulsion system. The heat exchanger is assumed to
consist of carbon-carbon with channels that run the full
length. The channel sizes were varied along with the
material thickness or number of plies for this analysis.
The configuration of the channeled heat exchanger is
shown in Figure 4.
The channel sizes that were considered for
analysis are5 mm and 10 mm. The thickness of the
material was varied from 1 to 6 plies in increments of 1
ply where each ply is 0.3 mm thick. The typical
carbon-carbon material properties at 3000°F (1922 K)
were used in this analysis. The pressure level assumed
for the evaluation is 200 psi (1379 kPa), which makes
the analysis more conservative if 75 psi (517 kPa) is the
best pressure for the desired ISP. The acceptable
configurations were determined using stress criteria.
The results of this analysis are shown in Table 15.
Table 15. Heat Shield Maximum Stress, psi
Channel Size
# of Plies
5 mm
10 mm
1 ply (0.3 mm)
23,740
91,890
2 ply (0.6 mm)
4,278
22,450
3 ply (0.9 mm)
1,996
6,571
4 ply (1.2 mm)
1,249
4,044
5 ply (1.5 mm)
874
2,779
6 ply (1.8 mm)
658
1,930
*Allowable stress ~ 14,000 psi
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This analysis shows that for both sizes of
channels the 1-ply design is unacceptable. The 2-ply
design is acceptable for the 5 mm size only, while the
remaining designs are acceptable for both channel sizes.

nozzle inlet pressures are 35 kPa and 517 kPa for
Tables 16 and 17.

Table 16. Nozzle Parameters for H2
444 g/s, 35 kPa (5 psia), ε = 50:1and θ = 15 deg
Temperature C*
DT
DE
LN
(K)
M/s
M
M
m
3500
7169
0.343
2.426
3.886
3400
6879
0.336
2.376
3.807
3300
6601
0.329
2.328
3.729
3200
6341
0.323
2.281
3.655
3100
6102
0.316
2.238
3.586
3000
5885
0.311
2.198
3.521
2500
5016
0.287
2.029
3.251

THRUST MANAGEMENT SYSTEM
The required nozzle throat diameter to achieve
the exhaust velocity with the given mass flow rate and
inlet pressure can be derived from the equation for
throat area

AT = C *

M&
m2
1000 PC

or
DT =

4

C*

where:
AT (m2) =
C* (m/s) =
DT (m) =
& (kg/s) =
M
s)
PC (kPa) =
pressure)

M&
m
1000 PC

The C* corresponds to a certain temperature
and pressure but is independent of expansion ratio, so
calculations for various expansion ratios and divergence
angles can be made with the data. The possibility for
choked flow in the heat exchanger needs to be
considered as the propellant flow rate is increased and
the flow area in the heat exchanger is reduced to
achieve the maximum temperature possible. Estimates
of the heat exchanger flow area show the area to be
approximately 0.013 m2 with 5 mm channel s and
0.0272 m2 with 10 mm channels. The throat areas
calculated from the throat diameters shown in Table 16
range from 0.065 m 2 to 0.092 m2. This indicates choked
flow in the heat exchanger should be occurring.

Nozzle throat area
Characteristic exhaust velocity
Nozzle throat diameter
Mass flow rate (Propellant Mass/900
Chamber

pressure

(Nozzle

inlet

The resulting nozzle throat diameters values
are shown in Tables 16 and 17. With this information
the exit area (AE) or diameter (DE) can be calculated
with expansion ratio (ε), which is defined as the ratio of
the exit area to the throat area (AT).

Table 17. Nozzle Parameters for H2
444 g/s, 517 kPa (75 psia), ε = 50:1 and θ = 15 deg
Temperature
C*
DT
DE
LN
(K)
m/s
M
M
m
3500
6301
0.083
0.587
0.941
3400
6133
0.082
0.579
0.928
3300
5975
0.081
0.572
0.916
3200
5824
0.080
0.565
0.904
3100
5679
0.079
0.557
0.893
3000
5538
0.078
0.550
0.882
2500
4872
0.073
0.516
0.827

AE = AT m 2
or
D E = DT

m

The length of the nozzle (LN) is more complex
and requires more detailed flow analysis to optimize for
the inlet pressure, ambient pressure, erosion, flow
losses, etc. The nozzle length can be estimated by
assuming a constant or average divergence angle (θ) in
the range of 15 to 25 degrees and using the relationship:

LN =
or
LN =

D E − DT
m
2 tan

(

The size and mass of the nozzle for the system
can be optimized. The relationship for calculating throat
area shows that higher pressures require smaller throat
areas. The analysis results also show that as the
temperatures decreases the change in ISP relative to PC
also decreases allowing for the possibility of using a
higher pressure. The limit in minimizing the nozzle size
is now be the pressure capability of the shield or heat
exchanger. Analysis of the structure was performed at
1379 kPa (200 psia) and produced stresses at
approximately half of the allowable stress for the

)

DT
−1
m
2 tan

Calculations of expected nozzle parameters
for an H2 propellant are shown in Tables 16 and 17
assuming a flow rate of 444 g/s, an area expansion ratio
of 50:1 and an average divergence angle of 15 deg. The
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configuration with 3-ply material and 10 mm channels.
Operating at 517 kPa (75 psia) and the subsequent
higher inlet pressure (required for pressure losses)
would provide additional margin to cover any structural
degradation due to material losses.

maneuvers probably require more shielding and affect
the volume in shade behind the primary shield.
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CONCLUSIONS
The overall goal is to achieve a 20 AU-yr-1
(94.8 km-s-1) escape velocity from the solar system,
which requires a ~15 km-s-1 ∆V maneuver at perihelion
using the STP system16. An initial assessment7,8
suggested this to be a possibility if the propulsion
system could deliver an ISP of 1000+ sec. The STP
system can deliver an ISP in that range based on the
assumptions made in this report.
However, there is more required to achieve the
overall goal. The next big driver after the ISP of the
system is the mass ratio. To obtain the mass ratio values
discussed, while using a low molecular weight
propellant, requires the optimization of structural
masses and an innovative way to carry and store the
propellant for the long period of time before actually
requiring its use. Since the tank is the heaviest major
component of the system, its optimization is the highest
priority10,11. The heat shield (and heat exchanger) is the
next component in priority order for optimization for
mass reduction. The design described in this report is
very preliminary and has room for such optimizations.
The heat exchanger/heat shield can serve the
required dual role, but to achieve the higher ISP values
the temperature must be higher than the baseline case.
One of the means of achieving such a higher
temperature is to lower the emissivity from that of
carbon-carbon by using a coating of low-emissive
material such as tungsten. Processes similar to this have
been done in the past but would still need to be
evaluated and demonstrated for this specific
requirement. An additional complication is the
relatively large size of the heat exchanger and the
relatively large mismatch of the coefficients of thermal
expansion for carbon-carbon and tungsten. The need to
protect the carbon-carbon shield from reactions with the
propellant also allows higher temperatures to be used.
This can be solved with coating the interior of the heat
exchanger with a high-melting-temperature material
such as HfC, TaC, ZrC, or NbC. The HfC and NbC
were not evaluated due to the lack of inadequate
information in the database use for analysis.
A second method of achieving the higher
temperatures after reducing the emissivity is through
increasing the incident heat flux. This is possible with a
∆V maneuver at a perihelion of 3 RS. This not only
increases the maximum possible propellant temperature
but also decreases the required ∆V. Any optimization in
this area needs to consider the mass change in the heat
shield and its effect on the mass ratio since closer
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Figure 5. Hydrogen ISP at 35 kPa Initial Pressure
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Figure 6. Hydrogen ISP at 517 kPa Initial Pressure
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Methane (CH4) ISPVAC (Vacuum Specific Impulse)
Relative to Temperature and Nozzle Expansion Ratio
Pchamber = 35 kPa (5 psia)
750
700

ISPVAC (sec)

650
3500 K
3400 K
3300 K
3200 K
3100 K
3000 K
2500 K

600
550
500
450
400
350
20

30

40

50

60

70

80

90

100

Nozzle Area Expansion Ratio

Figure 7. Methane ISP at 35 kPa Initial Pressure
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Figure 8. Methane ISP at 517 kPa Initial Pressure
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Figure 9. Ammonia ISP at 35 kPa Initial Pressure
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Figure 10. Ammonia ISP at 517 kPa Initial Pressure
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Figure 11. Delta Velocity-∆V and Mass Ratio-MR

Propellant Temperature in Heat Exchanger
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Figure 12. Parametric Analysis – Test Case 2
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Figure 13. Parametric Analysis – Test Case 3
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Figure 14. Parametric Analysis – Test Case 4
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Figure 15. Thermal Analysis – Emissivity = 0.3
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Figure 16. Thermal Analysis – 3 Rs
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Figure 17. Higher Flow Rate with 3-Ply 10 mm Channels
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Figure 18. Higher Flow Rate with 2-Ply 10 mm Channels
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H2 - Propellant Temperature and Pressure in Heat Exchanger
2

Emissivity = 0.3, Flow = 444 g/s, Channel Size = 5 mm, 3 ply, 4 Rs (401 W/cm )
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Figure 19. Higher Flow Rate with 3-Ply 5 mm Channels

H2 - Propellant Temperature and Pressure in Heat Exchanger
2

Emissivity = 0.3, Flow = 444 g/s, Channel Size = 5 mm, 2 ply, 4 Rs (401 W/cm )
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Figure 20. Higher Flow Rate with 2-Ply 5 mm Channels
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